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Executive  Summary 


1.1  Summary 


This  is  the  final  report  of  research  results  generated  under  grant  number  85.0087  from  the  Air 
Force  Office  of  Scientific  Research,  monitored  by  Lt.  Col.  George  Haritos.  This  report  includes 
some  work  from  the  total  effort,  but  focuses  on  the  results  completed  in  the  last  year  of  the 
program  (September  1987  to  August  1988).  Other  results  can  be  found  in  the  literature  and  in 
the  periodic  reports  submitted  to  the  AFOSR  during  the  contract  period.  A  list  of  publications 
in  which  those  results  appear  follows. 

1.  Bakis,  C.E.  and  Reifsnider,  K.L.,  'Nondestructive  Evaluation  of  Fiber  Compsite  Laminates 
by  Thermoelastic  Emission,'  Review  of  Progress  in  Quantitative  Nondestructive  Evalu¬ 
ation,  Vol.  7B,  D.O.  Thompson  and  D.E.  Chimenti,  Eds.,  Plenum  Publishing  Corp.,  1988 
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2.  Bakis,  C.E.,  Yih,  H.R.,  Stinchcomb,  W.W.,  and  Reifsnider,  K.L,  “Damage  Initiation  and 
Growth  in  Notched  Laminates  Under  Reversed  Cyclic  Loading,'  in  'Fatigue  and  Fracture 
of  Composite  Materials,'  ASTM  STP,  American  Society  for  Testing  and  Materials  (Cinnc., 
OH,  May  1987),  in  press. 

3.  Reifsnider,  K.L.  and  Stinchcomb,  W.W.,  'Critical  Element  Concepts  for  Composite  Life 
Prediction,'  Proc.  ASME  Winter  Annual  Meeting,  Anaheim,  CA,  7-13  December  1986. 

4.  Reifsnider,  K.L.,  'A  Hybrid  Approach  to  Composite  Component  Life  Prediction,*  Proc.  Inti. 
Conf.  on  Composite  Materials  and  Structures,  10-13  June,  1986,  Beijing,  China,  Technomic 
(1986)  pp.  688-697. 

5.  Reifsnider,  K.L.,  and  Bakis,  C.E.,  'Modeling  Damage  Growth  in  Notched  Composite  Lam¬ 
inates,'  Proc.  Japan-U.S.  Symposium  on  Composite  Materials,  22-24  June,  1986,  Tokyo, 
Japan. 

6.  Reifsnider,  K.L.,  'Critical  Element  Concepts  for  Residual  Strength  and  Life  Prediction,' 
Proc.  Am.  Soc.  Composites,  First  Tech.  Conf.,  7-9  Oct,  1986,  Dayton,  OH,  Technomic 
(1986)  pp.  387-403. 

7.  Reifsnider,  K.L.,  'A  Philosophy  for  Prediction  the  Remaining  Life  of  Materials  that  have 
Inhomogeneous  Response,'  Submitted  to  J.  Composites  Technology  and  Research. 

8.  Bakis,  C.E.,  Simonds,  R.A.,  and  Stinchcomb,  W.W.,  'A  Test  Method  to  Measure  the  Re¬ 
sponse  of  Composite  Materials  Under  Reversed  Cyclic  Loads,"  Symposium  on  Test 
Methods  and  Design  Allowables  for  Fiber  Composites,  ASTM,  3-4  Nov.  1986,  Phoenix,  AZ. 
(STP  in  press) 
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9.  Reifsnider,  K.L.,  'Life  Prediction  Analysis:  Directions  and  Divagations,'  plenary  paper, 
ICCM  VI  /  ECCM  2,  Imperial  College,  London,  U.K.,  20-24  July,  1987,  Elsevier  Applied  Sci¬ 
ence,  Vo I.  4,  (1987)  pp. 4. 1-4.39. 

10.  Reifsnider,  K.L.,  'Damage  and  Damage  Analysis,'  in  Fatigue  of  Composite  Materials,  K.L. 
Reifsnider,  Editor,  Elsevier,  in  press. 

11.  Simonds,  R.A.,  Bakis,  C.E.,  and  Stinchcomb,  W.W.,  'Effects  of  Matrix  Toughness  on  Fa¬ 
tigue  Response  of  Graphite  Fiber  Composite  laminates,'  in  'Fatigue  and  Fracture  of 
Composite  Materials,'  ASTM  STP,  American  Society  for  Testing  and  Materials  (Cinnc., 
OH,  May  1987),  in  press. 

12.  Bakis.C.E.,  Simonds,  R.A.,  Vick,  L.,  and  Stinchcomb,  W.W.,  'Matrix  Toughness,  Long  Term 
Behavior  and  Damage  Tolerance  of  Graphite  Fiber  Reinforced  Composite  Materials,'  in 
Composite  Materials:  Testing  and  Design,  9th  Symp.,  ASTM  STP,  Sparks,  NV,  April,  1988, 
in  press. 

In  addition,  several  publications  are  in  press.  Appendix  A  contains  a  copy  of  a  paper  which 
was  presented  for  an  ASTM  conference,  which  should  be  in  print  shortly,  and  Appendix  B 
contains  a  copy  of  a  dissertation  which  was  developed  in  part  with  support  from  the  subject 
contract  effort. 

The  current  report  attempts  to  identify  the  methods  used  to  obtain  results,  to  outline  the 
nature  of  the  physical  data  generated  by  the  experimental  program,  to  summarize  salient 
findings,  and  to  present  a  description  of  how  the  experimental  results  were  used  in  a  modeling 
effort  to  describe  remaining  strength  and  life  under  long-term  loading. 

Among  the  major  thrusts  and  results  of  the  program  are  the  following: 
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•  The  program  developed  the  most  extensive  data  base  available  in  the  literature  to  define 
the  initiation  and  development  of  damage  in  the  region  of  notches  in  composite  laminates 
under  fully  reversed  cyclic  loading. 

•  That  data  base  includes  data  from  two  geometries  (edge  notched  and  center  notched), 
two  stacking  sequences  (quasi-isotropic  and  quasi-orthotropic  ),  and  two  contrasting  ma¬ 
terial  systems  (AS4/3501-6  and  AS4/1808).  Hence  the  effect  of  geometry,  laminate  type, 
and  material  type  was  extensively  investigated. 

•  Residual  strength  variations  and  stiffness  changes  were  recorded  during  testing.  Exten¬ 
sive  nondestructive  testing  was  conducted  during  testing  to  monitor  damage  initiation  and 
growth. 

•  Deply  methods  and  scanning  electron  microscope  examinations  were  used  to  examine 
the  internal  details  of  damage  development. 

•  The  first  dynamic  thermoelastic  stress  analysis  patterns  of  damage  development  were 
recorded,  analyzed,  and  interpreted. 

•  A  performance  simulation  model  called  MRLife  was  constructed  to  represent, 
mechanistically,  the  damage  development  process  and  to  predict  the  remaining  strength 
and  life  of  notched  laminates  under  arbitrary  loading  and  long-term  exposure  to  me¬ 
chanical  and  thermal  loads. 

The  salient  findings  of  the  program  include  the  following. 

•  Under  uniaxial  cyclic  loading,  two  rather  distinctive  regions  of  damage  develop;  one  of 
them  contributes  primarily  to  the  redistribution  of  global  stress  resulting  in  an  increase 
in  remaining  tensile  strength,  while  the  other  contributes  primarily  to  the  reduction  of  re¬ 
maining  tensile  and  compressive  strength. 
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•  The  difference  between  center  notched  and  edge  notched  results  was  noticeable  but  not 
fundamental,  while  the  differences  in  the  results  from  different  stacking  sequences  and 
different  material  systems  were  large  and  fundamental  in  some  cases. 

•  Quasi-static  'properties'  such  as  'toughness'  do  not  have  the  same  interpretation  under 
fatigue  loading  as  they  do  under  static  conditions.  'Tougher'  materials  under  static  con¬ 
ditions  may  be  more  likely  to  develop  large  dominant  single  cracks  under  cyclic  loading 
which  can  make  them  'brittle'  in  that  sense  and  inferior  to  statically  'less  tough'  materi¬ 
als  for  fatigue  applications.  That  result  was  strongly  evident  in  the  results  of  the  present 
program  and  was  corroborated  by  results  from  a  related  research  program. 

•  The  classical  description  of  thermoelastic  emission  in  the  literature  does  not  correctly 
describe  the  emission  from  the  surface  of  composite  iamiantes.  The  micromechanical 
description  developed  during  the  course  of  the  present  program  does  correctly  describe 
those  emissions,  a  major  fundamental  advance  in  our  understanding  of  that  phenomenon 
and  in  our  ability  to  use  it  for  dynamic  stress  analysis. 

•  The  critical  element  modeling  concept  developed  by  the  Materials  Response  Group  at 
Virginia  Tech  has  been  successfully  applied  to  the  description  of  the  remaining  strength 
and  life  of  composite  laminates  under  long-term  cyclic  loading.  This  performance  simu¬ 
lation  code  is  mechanistic,  allowing  it  to  be  used  to  asess  the  influence  of  micro-details 
and  macro-geometry  on  the  subsequent  performance  of  the  laminates,  as  well  as  to  'de¬ 
sign'  material  systems.  The  resulting  MRLife  code  is  unique,  and  represents  a  new  di¬ 
rection  in  material  modeling. 

The  details  of  the  program  results  follow. 


I 
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Investigative  Approach 


2.1  Experiments 


2.1.1  Mechanical  Testing 


Mechanical  tests  were  carried  out  on  servo  controlled,  hydraulically  actuated,  MTS  load 
frames  equipped  with  hydraulically  actuated  wedge  grips.  Hydraulic  wedge  grips  are  essen¬ 
tial  for  the  through-zero  loading  of  the  flat  coupon-type  specimens  chosen  for  the  present 
study  for  reasons  of  practicality  and  economy.  Monotonic  strength  tests  were  carried  out  in 
the  stroke  control  mode  of  operation  with  a  displacement  rate  of  0.06  in./min.  Stroke  control 
was  selected  to  avoid  crushing  the  specimen  after  a  compressive  strength  measurement. 
Monotonic  tension  and  compression  tests  were  carried  out  on  virgin  and  fatigue-damaged 
specimens  to  characterize  the  strength  components  of  the  laminates  throughout  the  lifetime. 
Residual  strengths  were  measured  at  the  “early,"  “middle,"  and  “late”  stages  of  fatigue 
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damage  development  (to  be  defined  in  the  characterization  of  basic  material  properties). 
Most  strength  tests  were  carried  out  in  triplicate  to  evaluate  the  amount  of  scatter  in  the  data 
and  to  establish  some  statistical  significance  to  the  results. 

Fatigue  tests  were  carried  out  with  a  constant  amplitude,  fully-reversed  (R=-1),  sinusoidal 
loading  regime  in  load  control.  Reversed  cyclic  loads  are  considered  by  many  to  be  the  most 
detrimental  to  fiber  composites  because  of  the  activation  of  both  tensile  and  compressive 
damage  modes.  Depending  on  the  relative  competition  of  these  damage  modes,  either  tensile 
or  compressive  failure  modes  ensue.  Hence,  the  fully-reversed  loading  reg'me  provides  a 
good  opportunity  to  observe  different  damage  mechanisms  in  composite  laminates.  To  obtain 
static  stiffness  data  or  document  damage  development  during  the  first  100  cycles  of  a  fatigue 
test,  reduced  load  cycle  frequencies  were  used  (1  Hz  until  10  cycles,  S  Hz  until  100  cycles,  and 
10  Hz  thereafter).  No  significant  differences  in  material  response  were  observed  when  the 
present  technique  was  compared  to  truly  constant  10  Hz  tests. 

External  support  along  a  specimen  s  gage  length  prevents  global  buckling  and,  to  a  lesser 
extent,  surface  delamination  growth,  resulting  in  longer  fatigue  lifetimes  and,  in  some  cases, 
altered  failure  modes  (66).  The  present  test  methodology,  detailed  in  Ref.  (67],  is  founded  on 
the  tenets  that  damage  should  be  allowed  to  develop  in  an  unconstrained  manner  in  the  gage 
length,  much  the  same  as  damage  grows  in  engineering  structures,  and  that  competing  failure 
modes  may  not  be  manifested  under  the  influence  of  external  constraint  devices.  The  gripping 
arrangement  is  shown  schematically  in  Figure  1.  During  testing,  the  specimens  were  ex¬ 
posed  to  the  ambient,  air-conditioned,  laboratory  environment. 

Two  fully-reversed  cyclic  load  levels  were  chosen  such  that  the  load-dependent  fatigue 
response  could  be  observed.  The  "high"  load,  corresponding  to  a  fatigue  life  of  IK  to  30K 
cycles,  and  the  “low"  load,  corresponding  to  a  fatigue  life  of  300K  to  3M  cycles,  bracketed  the 
range  of  fatigue  lives  over  which  it  was  practical  to  obtain  data  in  the  laboratory.  Higher  loads 
often  resulted  in  fatigue  failures  before  the  load  span  on  the  test  frame  was  accurately  set, 
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and  lower  loads  resulted  in  no  different  fatigue  mechanisms  and,  in  many  cases,  infinite  fa¬ 
tigue  lives. 


2.1.2  Test  Specimens 

Two  carbon  epoxy  material  systems  were  chosen  to  provide  contrasting  material  re¬ 
sponses  under  cyclic  loading.  The  Hercules  AS4/3501-6  material  is  representative  of  "first 
generation”  CFRP  materials  because  of  the  relatively  brittle  nature  of  the  3501  epoxy  resin. 
A  newer  CFRP  formulation,  American  Cyanamid’s  AS4/1808,  has  a  relatively  ductile  epoxy 
matrix,  and  is  therefore  considered  a  “second  generation"  or  "toughened  epoxy”  composite 
[68].  The  relatively  ductile  Cycom  1808  epoxy  resin  is  supposed  to  exhibit  less  cracking  and 
delamination  prior  to  laminate  failure  than  the  relatively  brittle  3501-6  resin  [69].  Much  of  the 
data  in  the  present  investigation  was  produced  with  the  AS4/1808  center-notched  specimens. 
However,  since  the  objective  of  the  present  work  is  to  identify  different  fatigue  responses  and 
their  causes,  the  other  material  system  and  notch  geometry  was  included  for  generality  and 
to  provide  contrasts. 

Ply  orientation  and  stacking  sequence  have  been  shown  to  be  important  in  the  damage 
development,  residual  strength,  and  failure  mode  of  notched  laminates  [4,10,70].  The  two 
layups  chosen  for  the  present  investigation  —  (0/45/90/-45)*4  and  (0/45/0/-45)m  —  are  repre¬ 
sentative  of  practical  structural  material  configurations.  (The  0-deg.  direction  is  defined  to  be 
parallel  to  the  loading  axis.  Positive  ply  orientations  are  measured  clockwise  looking  at  the 
“front"  side  of  the  specimen.)  The  first  layup  has  quasi-isotropic  planar  elastic  properties,  and 
the  second  has  orthotropic  properties.  The  differing  amounts  of  90-  and  0-deg.  plies  in  the  two 
configurations  provided  contrasting  material  responses  to  fatigue  damage  development.  For 
brevity,  the  (0,45, 90, -45)*  laminate  was  denoted  the  "A”  laminate,  and  the  (0,45,0,-45)*  lami¬ 
nate  was  denoted  the  "B"  laminate. 
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After  nondestructive^  inspecting  the  laminated  plates  with  an  ultrasonic  C-scan  unit  (as 
described  later),  the  specimens  were  machined  with  diamond-coated  abrasive  circular  wheels 
and  core-drills.  The  test  specimen  configurations  are  illustrated  in  Figure  2.  The  width  and 
notch  radius  were  selected  such  that  the  radius  to  half-width  diameter  was  equal  to  0.25,  fa¬ 
cilitating  the  use  of  closed-form  solutions  for  strains  in  an  infinite  plate  with  an  elliptical 
opening  to  approximate  the  strains  in  the  coupons.  The  length  of  the  coupons  was  selected 
according  to  the  test  procedure  detailed  in  [67].  Briefly,  the  procedure  specifies  that  an  un¬ 
supported  length  that  provides  the  maximum  compressive  strength  of  undamaged  material  is 
the  length  to  be  used  in  the  fatigue  tests.  Typically,  there  is  an  upper  limit  on  such  a  length 
above  which  compressive  strength  is  reduced  due  to  global  buckling  effects.  Below  the 
buckling  length,  compressive  strength  is  nearly  independent  of  unsupported  length.  The  re¬ 
sults  of  the  compression  tests  with  various  unsupported  lengths  indicated  that  2.5-in.  would 
Le  an  appropriate  unsupported  length  for  the  fatigue  tests  [71]. 

The  primary  notch  configuration  is  a  center  hole,  chosen  because  of  the  availability  of 
closed  form  solutions  for  the  approximate  stresses  and  strains  in  the  test  specimens  and  be¬ 
cause  it  is  fairly  representative  of  typical  cutouts  in  structural  applications.  For  comparison, 
some  tests  were  performed  with  double  semi-circular  edge  notches,  but  no  closed-form  stress 
solution  exists  for  this  configuration  (to  the  author’s  knowledge).  An  advantage  of  the  edge- 
notched  configuration  over  the  center-notched  configuration  is  that  all  damage  growth  ema¬ 
nates  from  the  notches.  In  the  center-notched  specimens,  damage  growing  inward  from  the 
straight  edges  of  the  specimen  late  in  the  fatigue  life  frequently  complicates  the  analysis  of 
damage  growth  near  the  notch.  However,  the  interaction  of  damage  zones  emanating  from 
the  opposing  notches  is  a  problem  with  the  edge  notched  configuration.  For  brevity,  the 
center-notched  specimens  were  denoted  "CN",  and  the  double-edge-notched  specimens  were 
denoted  “DEN". 

Specimens  were  labelled  according  to  their  matrix  type,  stacking  sequence,  panel  iden¬ 
tification  number,  specimen  identification  number  within  the  panel,  and  notch  type.  For  ex- 
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ample,  “3501-A-1-2-CN"  designates  the  AS4/3501-6  material  system,  the  quasi-isotropic 


stacking  sequence,  panel  1,  specimen  2,  center  notch.  Another  possibility  is 
“1808-B-1  -2-DEN H,  signifying  the  AS4/1808  material  system,  the  orthotropic  stacking  sequence, 
panel  1,  specimen  2,  double  edge  notch.  Axis  and  quadrant  notations  used  in  the  description 
of  damage  are  illustrated  for  the  two  specimen  geometries  in  Figure  3.  The  seemingly  back¬ 
ward  quadrant  notation  for  the  DEN  specimen  is  intended  to  facilitate  comparisons  with  CN 
specimens.  (For  example,  note  that  quadrant  I  in  the  CN  case  is  located  at  the  same  position 
relative  to  the  notch  as  quadrant  I  in  the  DEN  case.)  Quadrant  numbers  become  reversed 
left-to-right  if  the  back  side  of  the  specimen  is  being  viewed.  The  sequential  numbering  of 
plies  and  their  interfaces  progresses  from  the  front  to  the  back  of  the  specimens. 


2.1.3  Stiffness  Measurement 


Stiffness  change  has  been  shown  to  be  an  effective  nondestructive  means  of  monitoring 
damage  growth  in  carbon  epoxy  laminates  [72-74].  As  damage  initiates  and  grows  in  the 
material,  the  stiffness  decreases  due  to  internal  load  redistributions. 

In  the  present  investigation,  effective  tensile  and  compressive  stiffnesses  were  measured 
with  a  1-in.  gage-length  extensometer  located  on  the  geometric  center  of  the  specimens.  The 
knife-edges  of  the  extensometer  were  positioned  Firmly  on  V-notched  aluminum  tabs  bonded 
to  the  specimen  with  silicone  adhesive,  as  detailed  in  [75].  The  dimensions  of  these  tabs  were 
5/16-in.  long  (along  the  V-notch),  5/32-in.  wide,  and  1/16-in.  thick.  Different  sized  tabs  will  re¬ 
sult  in  different  effective  stiffness  measurements  due  to  the  strain  gradient  near  the  notch. 
Dynamic  stiffness  was  continuously  monitored  during  fatigue  tests,  and  static  stiffness  was 
periodically  measured  when  a  change  in  dynamic  stiffness  indicated  the  need  to  do  so. 
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Previous  investigations  revealed  that  a  characteristic  stiffness  response  exists  for  a  given 
material,  stacking  sequence,  notch  configuration  and  load  level  [75,76],  That  is,  the  fraction  J 

of  life  consumed  in  a  particular  experiment  can  be  roughly  estimated  by  monitoring  the 
specimen's  stiffness.  Given  the  typically  large  amount  of  scatter  in  fatigue  lifetimes  of  com¬ 
posite  laminates  (as  much  as  one  order  of  magnitude),  the  ability  to  make  such  estimates  I 

helps  establish  the  actual  "age”  of  the  specimen  prior  to  a  destructive  test,  such  as  deply 
(described  later)  or  residual  strength  measurement.  To  reduce  the  effect  of  bending  on 
stiffness  measurements  In  DEN  specimens,  effective  stiffnesses  in  some  tests  were  computed  I 

by  averaging  strains  recorded  with  extensometers  attached  to  the  front  and  back  surfaces. 


2.1.4  Ultrasonic  C-Scan 

Prior  to  machining,  the  laminated  panels  were  nondestructive^  inspected  for  irregularities 
using  a  Sperry/Automation  laboratory  C-scanning  device.  The  Panametrics  transducer,  op¬ 
erated  in  the  pulse-echo  mode,  had  a  nominal  frequency  of  15  MHz,  a  tip  diameter  of  0  25  in., 
and  a  focal  length  of  1.0  in.  During  C-scanning,  ultrasonic  sound  waves  are  passed  through 
the  material  by  a  sweeping  transducer  such  that  a  full-field  map  of  transmitted  signal  ampli¬ 
tude  is  obtained.  Nonuniformities  in  the  material,  such  as  voids,  cracks,  or  delaminations, 
attenuate  the  transmitted  sound  waves  in  proportion  to  the  severity  of  those  nonuniformities. 
Three  separate  scans  of  each  plate  were  carried  out  with  progressively  higher  gate  thresholds 
to  obtain  three  contours  of  different  attenuation.  The  three  thresholds  used  most  often  were 
80,  50  and  10  percent  of  the  maximum  signal  on  the  plate.  A  plate  with  substantial  regions 
of  less  than  80  percent  signal  strength  was  rejected  for  the  test  program. 


Investigative  Approach 


14 


2.1.5  X-Ray  Radiography 


The  primary  nondestructive  technique  for  evaluating  damage  mechanisms  throughout  the 
fatigue  life  was  liquid-penetrant-enhanced  X-ray  radiography.  The  penetrant  —  zinc  iodide  in 
a  carrier  of  water,  ethyl  alcohol,  and  Kodak  Photo-Flo  (wetting  agent)  —  highlighted  damaged 
regions  of  the  laminate  by  blocking  the  transmission  of  X-rays  [76-78].  Only  those  areas  of 
damage  with  connectivity  to  the  surface  of  the  specimen  were  highlighted.  Once  the  penetrant 
was  applied  to  the  surface  of  the  specimen,  it  was  allowed  to  soak  in  for  approximately  15 
minutes  while  the  specimen  was  cycled  at  1  Hz  (R  =  -1)  with  a  maximum  load  of  about  25 
percent  of  the  maximum  fatigue  load.  If  the  specimen  had  no  prior  application  of  penetrant, 
the  penetrant  was  allowed  to  soak  in  for  an  additional  12-hour  period  with  no  applied  load. 
If  penetrant  was  previously  introduced  to  the  specimen,  the  specimen  could  be  radiographed 
without  the  additional  12-hour  soak-in  period.  The  specimens  were  placed  directly  on  top  of 
the  Kodak  Industrex  SR5  (single  emulsion,  fine  grain)  film  inside  a  Hewlett  Packard  43805N 
Faxitron  Series  X-ray  cabinet.  With  the  aid  of  a  3-in.-high  adjustable  tilt  platform,  the  speci¬ 
mens  were  radiographed  three  times  with  the  X-ray  beam  impinging  at  angles  of  0,  15,  and 
90  degrees  to  the  specimens's  plane.  In  this  manner,  some  three-dimensional  information  on 
the  damage  distribution  could  be  obtained.  The  distance  between  the  X-ray  tube  and  the 
specimen  was  the  maximum  possible  —  approximately  45  in.  without  the  platform.  Shorter 
distances  resulted  in  blurred  images  of  the  specimen's  edges,  particularly  in  th?  90-deg.  view. 
Exposure  settings  were  3  minutes  at  43  kVp  (approximately  2.5  mA)  for  the  0-  and  15-deg. 
radiographs,  and  4  minutes  at  85  kVp  (approximately  2.5  mA)  for  the  90-deg.  radiographs. 

Areas  permeated  with  zinc  iodide  appear  as  relatively  dark  areas  in  positive  prints  of 
radiograph  negatives.  In  the  0-deg.  view,  matrix  cracks  parallel  to  the  fibers  are  fine  lines, 
while  delaminations  are  broad,  dark  areas,  (t*o  darkness  depends  on  the  thickness  of  the 
layer  of  zinc  iodide).  Large,  dark,  rectangular  areas  above  and  below  the  notch  in  some 
radiographs  are  the  aluminum  tabs  used  to  attach  the  extensometer  to  the  specimen.  In  the 
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90-deg.  view,  delaminations  are  lines  extending  along  the  length  of  the  specimen.  Matrix 
cracks  are  visible  only  in  the  90-deg.  plies  in  the  90-deg.  view  since  the  other  ply  orientations 
are  oblique  to  the  X-ray  beam. 


2.1.6  Laminate  Depiy 


Laminate  depiy  is  a  destructive  damage  evaluation  technique  developed  by  Freeman  [79] 
that  enables  the  “destacking"  of  a  laminate  by  pyrolizing  the  resin-rich  zone  between  plies 
of  different  orientation.  The  pyrolization  was  carried  out  at  785°  F  for  two  hours  in  an  argon 
atmosphere  (in  order  to  prevent  oxidation).  A  liquid  penetrating  marking  agent  (eg.,  a  gold 
chloride  solution)  applied  before  pyrolization  enabled  the  detection  of  regions  of  the  laminate 
that  contained  matrix  damage.  It  was  found  during  the  course  of  the  present  investigation  that 
zinc  iodide  residue  from  previous  X-eay  radiographs  provided  sufficient  contrast  to  observe 
delaminated  areas.  Fiber  damage  on  the  surface  of  each  ply  was  detected  by  optical  and 
electron  microscopy.  Tracings  of  optically  visible  damage  patterns  at  each  interface  were 
used  to  map  damage  patterns  at  various  times  in  the  fatigue  lifetime.  Compared  to  X-ray 
radiography,  the  depiy  technique  facilitated  a  higher  resolution  of  fiber  damage  modes  and  a 
more  accurate  spatial  resolution  of  damage  (especially  through  the  thickness).  On  the  other 
hand,  it  was  generally  difficult  to  identify  any  evidence  of  matrix  cracks  on  the  deplied 
laminae. 

Specimens  were  deplied  at  the  same  early,  middle,  and  late  stages  of  fatigue  lifetime 
chosen  for  residual  strength  measurements.  Only  AS4/1808  specimens  were  successfully 
deplied.  Several  attempts  to  depiy  AS4/3501-6  specimens  were  unsuccessful  due  to  the  ex¬ 
cessive  amount  of  matrix  residue  that  prevented  separation  of  the  plies  without  causing  ad¬ 
ditional  fiber  damage. 
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2.1.7  Adiabatic  Thermography 


The  adiabatic  thermoelastic  effect  in  elastic  solids  is  the  small,  reversible  temperature 
change  resulting  from  the  dilatational  deformation  of  matter.  If  cyclic  extensional  strains  are 
applied  at  a  rate  that  is  high  enough  to  preclude  heat  transfer  between  elements  of  the  ma¬ 
terial  and  their  surroundings  (i.e.,  ensuring  adiabatic  conditions),  the  temperature  of  the  ma¬ 
terial  will  vary  with  the  same  wave  form  and  frequency  as  the  applied  load.  Pointwise 
temperature  changes  can  then  be  related  to  stress  and  strain  on  the  surface  with  the  theory 
of  thermoelasticity.  This  technique  is  not  to  be  confused  with  dissipative  thermography,  where 
the  quasi-steady-state  temperature  measurements  reflect  the  heat  generated  in  the  material 
due  to  hysteretic  effects  such  as  viscous  damping  or  friction  near  defects.  Stress  patterns 
measured  via  adiabatic  thermography  during  the  fatigue  process  provide  an  essential 
“bridge"  between  damage  data  and  residual  strength  data  by  allowing  the  investigator  to  ob¬ 
serve  the  global  stress  redistributions  resulting  from  damage  growth  in  notched  laminates. 
A  new,  micromechanical  model  of  the  adiabatic  thermoelasticity  of  laminated  fiber  composites 
developed  as  part  of  this  investigation  will  be  presented  in  the  analysis  section  of  this  chapter. 
Since  adiabatic  thermography  is  a  new  experimental  technique  and  little  information  on  the 
application  of  the  technique  to  composite  materials  is  available  in  the  literature,  the  exper¬ 
imental  apparatus  and  procedure  used  in  the  present  investigation  will  be  presented  next. 
Aspects  of  the  procedure  not  detailed  in  the  SPATE  operator’s  manual  will  be  emphasized. 
The  manual  should  be  consulted  for  routine  procedures. 

2.1. 7.1  Thermographic  Apparatus 

Modern  infrared  radiometers  have  the  sensitivity  and  response  time  required  to  measure 
temperature  changes  on  the  surface  of  a  dynamically-stressed  material.  The  radiometer  used 
in  the  present  investigation  is  marketed  by  Ometron  Inc.  under  the  trade  name  SPATE  (Stress 
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Figure  4.  Thaoratlcal  streaa  sensitivity  of  SPATE  with  various  materials 


Pattern  Analysis  by  Thermal  Emission),  specifically  for  full-field  stress  measurements.  The 
SPATE  apparatus  has  been  used  previously  with  homogenous  materials  and,  more  recently, 
nonhomogeneous  materials,  to  quickly  evaluate  stress  and  strain  fields  in  a  non-contact 
manner  [80],  The  SPATE  8000  consists  of  a  scanning  infrared  photon  detector  coupled  to  a 
correlator  (lock-in  amplifier)  and  computer.  The  temperature  sensitivity  of  the  system  is  0.002 
°F.  The  uniaxial  stresses  corresponding  to  a  temperature  change  of  0.002  °F  in  several  ma¬ 
terials  are  illustrated  in  Figure  4.  The  functions  of  the  computer  and  correlator  are  to  control 
the  camera's  scan  activities  and  to  condition  the  measured  photon  emittance  such  that  the 
sinusoidal  temperature  variation  occurring  at  the  same  frequency  as  the  sinusoidal  load  can 
be  determined.  The  correlator  rejects  a  temperature  variation  having  no  sinusoidal  content 
at  the  test  frequency,  such  as  that  caused  by  dissipative  heating.  The  camera  scans  the  test 
specimen  pointwise  in  a  raster-like  manner,  enabling  the  computer  to  store  the  recorded 
signal  at  each  point  as  a  digital  quantity.  The  smallest  area  that  can  be  sampled  at  each  point 
in  the  scan  area  is  a  0.02-in  .-diameter  circle.  If  the  raster  scan  takes  a  long  time  to  complete 
(up  to  two  hours  is  common),  it  is  necessary  to  apply  a  cyclic  load  amplitude  that  is  low 
enough  to  inhibit  damage  development  during  the  scan.  Two  factors  influencing  the  scan  time 
are  the  scan  resolution  (the  number  of  data  points  to  be  recorded  over  a  given  area)  and  the 
sample  time  (the  amount  of  time  spent  acquiring  data  at  a  single  position  on  the  specimen). 
In  situations  where  the  measured  signal  is  small,  electronic  averaging  must  be  applied  over 
a  selectable  time  period  associated  with  a  filter  “time  constant”  to  to  reduce  high  frequency 
noise.  Averaging  is  necessary  since  only  a  single  value  of  temperature  change  is  recorded 
at  each  point.  As  the  time  constant  increases,  the  amount  of  time  spent  sampling  data  at  a 
particular  point  on  the  specimen  must  also  increase.  Once  a  scan  has  been  completed,  the 
digital  information  may  be  stored  on  a  magnetic  disk  for  future  examination.  A  video  monitor 
enables  the  operator  to  observe  the  results  of  the  scan  as  each  point  in  the  scan  is  sequen¬ 
tially  displayed  on  a  color-coded  contour  map  of  temperature  change. 
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A  variety  of  material  systems,  including  carbon  epoxy,  carbon  PEEK,  aramid  epoxy,  boron 
aluminum,  and  glass  epoxy,  to  name  a  few,  have  been  studied  with  the  SPATE  apparatus. 
Of  these,  fiber-dominated  carbon  epoxy  and  aramid  epoxy  are  the  most  difficult  to  examine 
because  of  their  relatively  low  temperature  change  during  cyclic  loading  (Figure  4).  A  de¬ 
tailed  review  of  the  procedure  for  obtaining  high  quality,  repeatable  data  with  fiber  reinforced 
composites  follows. 

2.1. 7. 2  Mechanical  Excitation 

Any  source  of  periodic  mechanical  excitation  can  be  used  with  the  SPATE  8000  apparatus, 
although  the  high  cyclic  load  amplitudes  required  to  obtain  a  good  temperature  signal-to-noise 
ratio  with  fiber-dominated  carbon  epoxy  laminates  are  most  readily  obtained  via  a  servo- 
hydraulic  load  frame  equipped  with  a  function  generator.  Because  the  SPATE  lock-in  amplifier 
output  is  proportional  to  the  sinewave  content  of  the  temperature  change,  it  is  essential  to 
maintain  a  constant  load  form  for  quantitative  experiments.  Unless  specifics  of  the  test  dictate 
otherwise,  one  should  maintain  a  load  that  does  not  cause  damage  growth  during  the  scan. 
It  is  also  important  to  maintain  loads  within  the  linear-elastic  range  of  the  material  if  stresses 
or  strains  are  to  be  computed  with  the  linear  theory  reviewed  in  the  analysis  section  of  this 
chapter;  otherwise,  modifications  to  the  theory  must  be  made  to  account  for  the  inelastic  de¬ 
formation.  In  most  instances,  a  sinusoidal  load  with  a  maximum  of  30-40%  of  the 
specimen's  tensile  strength  is  appropriate. 

To  ensure  adiabatic  deformations  and  the  validity  of  the  theory,  it  is  necessary  to  increase 
the  load  frequency  until  no  further  increase  in  the  SPATE  signal  is  realized.  Frequency- 
dependent  thermal  emission  was  observed  with  several  unnotched  AS4/3502  carbon  epoxy 
laminates  (Figure  5),  but  this  phenomenon  may  be  peculiar  to  the  specific  laminates  interro¬ 
gated.  For  example,  Potter  [81]  reported  a  constant  thermal  emission  for  frequencies  above 
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Figure  S.  SPATE  signal  in  AS4/3S02  laminates  as  a  function  of  loading  frequency 
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5  Hz  with  XAS/914  carbon  epoxy.  It  is  therefore  desirable  to  maintain  a  constant  loading  fre¬ 
quency  in  quantitative  comparisons  of  data. 

In  the  present  investigation,  cyclic  loadings  for  the  SPATE  scans  were  ail  carried  out  with 
a  frequency  of  5  Hz.  For  (0,45,90,-45)*4  laminates,  the  maximum  and  minimum  loads  were  4100 
and  100  lb.,  respectively.  For  (0,45,0,-45)*4  laminates,  the  maximum  and  minimum  loads  were 
5100  and  100  lb.,  respectively.  These  load  amplitudes  provided  correlator  signals  between 
+  10  and  -10  mV. 

2.1. 7. 3  Specimen  Preparation 

A  flat-finish  paint  was  applied  to  the  specimen  in  order  to  obtain  a  high  and  uniform  surface 
emissivity  in  the  infrared  spectrum  and  to  reduce  the  possibility  of  reflected  heat  sources  be¬ 
ing  modulated  at  the  test  frequency.  Krylon  ultra-fiat  black  spray  paint  applied  in  two  thin 
coats,  for  example,  serves  this  purpose  well  [80].  and  is  easily  removed  with  acetone.  Where 
possible,  it  is  wise  to  avoid  the  use  of  paint  since  investigators  have  observed  an  attenuation 
of  the  photon  emittance  due  to  the  paint's  thickness.  This  effect  is  especially  evident  at  in¬ 
creased  frequencies  (>20  Hz)  and  paint  thicknesses  (>12  spray  passes)  [82,83].  Black-colored 
composites  (eg.  carbon  epoxy)  that  have  a  rough,  non-reflecting  surface  finish  do  not  require 
any  surface  preparation. 


2.1 .7.4  SPATE  Setup 

It  is  advantageous  to  maximize  the  spatial  resolution  (i.e.,  minimize  the  distance  between 
the  detector  and  specimen)  in  order  to  observe  the  effect  of  localized  damage  that  typically 
occurs  in  composites  prior  to  catastrophic  failure.  A  constant  distance  of  12  in.  from  the  de¬ 
tector  to  the  specimen  was  maintained  in  order  to  minimize  variations  in  the  attenuation  of  the 
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infrared  radiation  over  the  distance  between  the  detector  and  the  specimen.  With  a  proper 
surface  preparation,  the  angle  of  obliquity  between  the  detector  and  the  specimen  can  be  as 
high  as  55  deg.  before  measurement  inaccuracies  become  significant  [82],  though,  for  the 
present  investigation,  such  angles  were  kept  less  than  approximately  10  deg. 

When  analyzing  carbon  epoxy  or  aramid  epoxy  composites,  typical  output  voltage  ampli¬ 
tudes  from  the  lock-in  amplifier  range  from  0  to  ±10  mV.  The  low-pass  filter  time  constant  for 
this  range  of  signal  should  be  at  least  0.1  to  0.3  sec.  to  produce  an  adequate  signal-to-noise 
ratio  and  stable  output.  The  sample  time  should  be  3  to  10  times  greater  than  the  time  con¬ 
stant  for  an  accurate  spatial  resolution  of  temperature  change  on  the  color  monitor.  If  the 
sample  time  is  too  short,  the  output  cannot  stabilize  before  the  camera  advances  to  the  next 
sample  point.  Hence,  sample  times  of  0.3  to  3  sec.  are  typical  —  leading  to  very  long  scan 
times  with  these  “worst-case’’  material  systems. 

Adjustment  of  the  electronic  “zero"  on  the  lock-in  amplifier  is  essential  for  accurate  stress 
analysis.  This  can  be  done  quickly  by  performing  line  scans  across  several  sections  of  the 
area  of  interest  with  no  load  applied  to  the  specimen  (a  reference  signal  must  still  be  supplied 
to  the  lock-in  amplifier,  though,  to  scan  the  specimen).  If  there  is  a  signal  variation  along  any 
section  of  the  specimen,  the  optimum  adjustment  is  such  that  the  average  signal  is  zero. 

During  a  scan,  one  can  expect  to  obtain  spurious  data  when  the  focal  area  lies  partly  on 
and  partly  off  of  an  edge  of  the  specimen  (particularly  along  the  top  and  bottom  portions  of  the 
notch).  These  data  points  are  inaccurate  because  the  stressed  material  cyclically  enters  and 
leaves  the  focal  area,  resulting  in  a  false  apparent  temperature  change. 

Calibration  of  the  SPATE’S  thermal  emission  scale  can  be  accomplished  with  the  use  of 
high  sensitivity,  low  response  time  thermocouples  placed  at  several  locations  on  the  speci¬ 
men  (though,  this  was  not  done  for  the  present  investigation).  Care  must  be  exercised,  how- 
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ever,  to  ensure  that  all  test  variables  previously  mentioned  are  held  constant  for  a  particular 
calibration. 


2.1. 7. 5  Interpretation  of  Results 

Due  to  the  adiabatic  nature  of  the  SPATE  technique,  the  surface  ply  dominates  infrared 
temperature  measurements.  Figure  6  illustrates  this  phenomenon  in  two  undamaged, 
center-notched  quasi-isotropic,  carbon  epoxy  laminates  with  different  stacking  sequences: 
(0,90,45,-45),  and  (45,90,-45,0),  .  The  black  color  on  the  thermal  emission  scale  corresponds 
to  no  temperature  change  during  the  load  cycle.  Colors  above  black  quantify  the  amount  of 
(uncalibrated)  cooling  during  positive  load  increments  (commonly  associated  with  tensile 
stresses),  while  colors  below  black  quantify  heating  (commonly  associated  with  compressive 
stresses)  during  positive  load  increments.  In  the  first  laminate,  the  disturbance  in  the  tem¬ 
perature  field  caused  by  the  stress  concentration  was  symmetric  about  the  hole,  while  in  the 
second  laminate  the  pattern  was  unsymmetric.  Despite  the  identical,  symmetric  global  strains 
in  these  laminates,  the  unsymmetric  thermal  emission  pattern  in  Figure  6b  can  be  predicted 
by  considering  the  unsymmetric  stress  pattern  about  the  hole  in  the  45-deg.  surface  ply  (as 
will  be  shown  later  in  the  analysis). 

The  utility  of  the  SPATE  technique  for  monitoring  damage  development  in  fiber  composite 
laminates  is  exemplified  by  the  penetrant-enhanced  X-ray  radiographs  and  SPATE 
thermographs  of  fatigue  damaged  carbon  epoxy  laminates  in  Figure  7  and  Figure  8.  The  first 
example  involves  the  same  (0,90,45,-45)*  carbon  epoxy  laminate  as  in  Figure  6a.  The  ad¬ 
vanced  damage  condition  around  the  notch  resulted  in  a  very  low  temperature  change  during 
the  load  cycle.  Based  on  the  information  obtained  in  the  radiograph,  it  is  known  that  the 
0-deg.  surface  ply  was  delaminated  near  the  notch  and  had  several  associated  cracks  parallel 
to  the  fibers.  It  is  therefore  obvious  that  delaminated  regions  of  this  ply  were  under  a 
nearly-pure  uniaxial  stress  state  because  of  the  lack  of  transverse  constraint  from  the  ad- 
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joining  sublaminate.  The  very  low  temperature  change  measured  near  the  notch  was  caused 
not  by  the  total  absence  of  stress  in  the  surface  ply,  but  by  the  absence  of  transverse  stress 
in  that  ply.  The  surface  ply  continued  to  bear  load  in  the  O-deg.  fiber  direction,  but  since  the 
coefficient  of  thermal  expansion  in  this  material  system  is  extremely  low  in  the  fiber  direction, 
there  was  little  resultant  thermal  emission. 

Consider  next  the  radiograph  and  SPATE  thermograph  of  the  fatigue-damaged 
(45, 90, -45,0)$  carbon  epoxy  laminate  in  Figure  7b  and  Figure  8b.  This  is  the  same  laminate 
shown  in  the  undamaged  state  in  Figure  6b.  Damage  in  the  surface  ply  consisted  of  matrix 
cracks  and  delaminations.  Due  to  the  relaxation  of  stresses  transverse  to  the  cracks  in  the 
surface  ply,  each  matrix  crack  on  the  surface  of  observation  appeared  as  a  line  of  low  thermal 
emission  in  the  thermograph.  Delaminated  portions  of  the  surface  ply  that  were  bounded  on 
three  sides  by  the  hole  boundary  and  two  parallel  matrix  cracks  in  the  surface  ply  carried  no 
load  and,  therefore,  had  no  thermal  emission. 

In  summary,  reduced  thermal  emissions  in  carbon  epoxy  laminates  can  be  due  to  a  re¬ 
laxation  of  some  or  all  components  of  stress  in  the  surface  ply.  Another  cause  for  pointwise 
variations  of  the  thermal  emission  in  composites  is  the  existence  of  manufacturing  irregulari¬ 
ties  —  in  particular,  nonuniform  phase  and  void  distribution.  For  example,  matrix-rich  regions 
of  a  composite  can  be  resolved  from  matrix-poor  regions  because  of  their  different 
thermoelastic  responses  [84].  Additional  papers  demonstrating  the  applicability  of  adiabatic 
thermoelastic  emission  as  an  effective  nondestructive  testing  technique  for  CFRP  materials 
can  be  found  in  Refs.  [85-88J. 


Investigative  Approach 


28 


2.2  Analysis 


2.2.1  Adiabatic  Thermoelastic  Effect 


Nomenclature:  Superscripts  f,  m,  and  i  refer  to  fiber,  matrix,  and  lamina,  respectively.  Sub¬ 
scripts  L  and  T  refer  to  longitudinal  and  transverse  directions  of  the  lamina  relative  to  the  fi¬ 
bers.  Subscripts  1,  2,  3andx,  y,  z  refer  to  lamina-  and  laminate-aligned  coordinates, 
respectively. 


The  adiabatic  thermoelastic  effect  was  first  explained  by  Thomson  (later  to  become  Lord 
Kelvin)  in  1853  [89,90].  Using  fundamental  laws  of  thermodynamics,  he  derived  Eq.  (1),  which 
relates  the  pointwise  change  in  infinitesimal  extensional  strain  components,  e,  (/'=«  1,2,3),  in 
homogeneous,  isotropic,  linear-elastic  matter  and  the  small,  reversible,  adiabatic  temperature 
change,  ®, 


3  T0  «  K 

©  = - C -  (*1  +  ®2  +  «3) 


(1) 


where  T0  is  the  initial  temperature  of  the  material,  a  is  the  linear  thermal  expansion  coeffi¬ 
cient,  K  is  the  bulk  modulus,  and  ca  is  the  volumetric  specific  heat  at  constant  stress.  Equation 
(1)  can  be  written  in  terms  of  the  change  in  extensional  stress  components,  <r;,  as  in  Eq.  (2): 

To* 

©  *  -  ~c —  (<*1  +  *2  +  *3)  (2) 

<y 


Two  well-known  implications  of  Eqs.  (1)  and  (2)  are:  (a)  the  temperature  of  isotropic  matter 
with  a  positive  thermal  expansion  coefficient  increases  with  a  negative  dilatation,  and  de¬ 
creases  with  a  positive  dilatation:  and  (b)  a  state  of  pure  shear  strain  or  stress  produces  no 


Investigative  Approach 


29 


adiabatic  thermoelastic  temperature  change  in  isotropic  matter.  The  accuracy  of  Thomson's 
thermoelastic  relationship  has  been  verified  with  metals  by  numerous  investigators,  including 
Joule  [91],  Compton  and  Webster  [92],  Dillon  and  Tauchert  [93],  Belgen  [83],  and  Stanley  and 
Chan  [94].  Gilmour,  et  ai.  [95]  showed  that  several  glassy  polymers,  including  epoxy  resin, 
obeyed  Eq.  (1)  if  elastic  deformations  were  maintained.  Haward  and  Trainor  [96]  demon¬ 
strated  the  validity  of  (1)  for  poly(methyl  methacrylate)  (PMMA)  for  tensile  and  compressive 
loads  below  the  creep  threshold.  Deviations  in  the  measured  temperature  change  from  (1) 
have  been  attributed  to  plasticity  in  metals  by  Jordan  and  Sandor  [97],  Enke  and  Sandor  [98], 
and  Stanley  and  Chan  [82],  and  to  viscoelasticity  in  polymers  by  Higuchi  and  Imai  [99].  In 
situations  where  adiabatic  conditions  are  not  maintained,  the  temperature  variation  is  not 
reversible,  and  additional  terms  must  be  included  in  Eqs.  (1)  and  (2)  to  account  for  heat 
transfer. 

Biot  gives  the  counterpart  of  Eq.  (1)  for  anisotropic  solids  as: 

0  =  -  akf  C,jk,  e,j  (3) 

where  akt  is  the  linear  thermal  expansion  tensor,  c,  is  the  volumetric  specific  heat  at  constant 
strain,  Cljkl  is  the  stiffness  tensor,  and  ctj  is  the  linear  strain  tensor  [100],  The  volumetric 
specific  heat  at  constant  stress  or  strain  is  related  to  the  corresponding  mass  specific  heat, 
c',  by  the  expression  c  =  pc' ,  where  p  is  the  mass  density.  Rewriting  Eq.  (3)  in  terms  of  the 
stress  tensor,  we  have: 

0  =  "  "cf  *«  (4> 

The  difference  between  ca  and  c,  for  anisotropic  solids,  though  quite  small,  is  given  by  Eq.  (5) 
[101]: 

co  ~ct  =  To  «ij«JW  ci]ki  (5) 
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Equations  (3)  and  (4)  imply  that  a  state  of  pure  shear  strain  or  stress  in  anisotropic  matter  can 
result  in  a  non-zero  adiabatic  thermoelastic  temperature  change  only  if  there  exists  a  non¬ 
zero  shear-extension  coupling  term  in  the  thermal  expansion  tensor  or  the  stiffness  tensor. 
Unidirectionally-reinforced  fiber  composite  materials  have  no  such  shear-extension  coupling, 
and,  furthermore,  are  considered  to  be  transversely  isotropic.  Equation  (3)  for  such  materials 
then  becomes 

T0 

0  =  —  —  [C11s1  4-  C12( fij  4-  £3)]  4-  a.j  [2  C12e1  +  (C22  4-  C23)(e 2  4-  £3)]}  (6) 

where  the  contracted  notation  has  been  employed  on  the  indices  of  the  elastic  constants  and 
strain  components,  and  the  thermal  expansion  coefficients  have  been  expressed  in  terms  of 
the  longitudinal  and  transverse  components.  An  additional  simplification  for  isotropic  mate¬ 
rials  is  given  by  Eq.  (7): 

0  =  —  -jr-  «  (Cn  4-  2C12)(ei  4-  £j»  4-  £3)  (7) 


where  only  one  thermal  expansion  coefficient  and  two  elastic  constants  are  required. 

Equations  (1-4)  can  be  recast  in  the  form  given  by  Eq.  (8)  in  order  to  express  the  adiabatic 
thermoelastic  temperature  change  in  terms  of  the  two  planar  components  of  extensional 
stress  acting  on  the  surface  of  a  unidirectional  fiber-reinforced  material: 


0  =  K1<r1  4"  K2<i2  (8) 

Here,  K1  and  K2  represent  the  influence  of  the  thermoelastic  constants  in  the  orthogonal  1  and 
2  directions,  respectively.  The  1  and  2  directions  correspond  to  the  principal  material  di¬ 
rections  in  orthotropic  matter  (such  as  unidirectionally-reinforced  composite  materials).  If  the 
material  is  isotropic,  K 1  =  K2,  and  0  is  proportional  to  the  sum  of  the  normal  stresses;  other¬ 
wise  Kj  #  K2,  and  ©  is  proportional  to  a  nonuniformly-weighted  sum  of  the  normal  stresses. 
An  apparent  limitation  of  the  adiabatic  thermoelastic  measurement  technique  is  that  the  two 
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stress  components  in  Eq.  (8)  cannot  be  individually  calculated  from  a  given  temperature 
change  except  in  special  cases  where  one  component  is  known  by  some  boundary  condition 

[102] .  For  a  series  of  measured  temperature  changes,  ®(,  the  locus  of  possible  combinations 
of  <jj  and  <r3  can  be  graphically  represented  by  one  of  a  series  of  parallel  lines  in  the  <r<r02 
plane  (Figure  9).  The  line  passing  through  the  origin  suggests  that,  in  addition  to  the  null 
stress  state,  there  are  an  infinite  number  of  stress  states  resulting  in  no  adiabatic 
thermoelastic  temperature  change. 

Equation  (8)  can  be  used  to  describe  the  “smeared"  thermoelastic  response  of  a  compos¬ 
ite  material  if  the  effective  (average)  thermoelastic  constants  of  the  material  are  known.  In 
those  situations  where  the  constitution  or  relative  amount  of  each  phase  of  the  composite  is 
variable,  a  more  general  approach  is  to  evaluate  the  temperature  change  in  each  constituent 
separately  using  Eq.  (3)  or  (4),  and  to  combine  these  changes  in  some  manner  to  derive  the 
net  temperature  change  of  the  composite.  Expression  (9)  represents  one  method  of  comput¬ 
ing  a  weighted  average  of  the  several  temperature  changes  in  a  non-layered  composite, 

0net  =  &>  X1  (9) 

where  &  is  the  temperature  change  of  the  y-th  constituent  and  XJ  is  an  “influence  factor"  for 
the  7-th  constituent  (such  as  the  volume  fraction).  A  difficulty  associated  with  using  Eq.  (9)  is 
that  an  accurate  micromechanical  model  for  constituent  extensional  strains  or  stresses  is  re¬ 
quired  to  compute  each  &. 

Considering  that  photons  from  a  depth  of  only  a  few  microns  reach  the  infrared  detector 

[103]  and  that  there  is  no  heat  transfer  between  layers  of  a  laminate  during  an  adiabatic  de¬ 
formation,  it  is  obvious  that  SPATE  measurements  are  sensitive  to  the  deformation  of  just  the 
top  ply  on  the  surface  of  observation.  (A  typical  ply  thickness  is  approximately  0.005  in.). 
Since  the  deformations  and  resulting  temperature  changes  of  the  constituent  phases  of  the 
composite  will  differ  in  layers  of  dissimilar  orientation,  laminate  stacking  sequence  must  be 
known  to  interpret  the  measurements.  That  is,  Eq.  (9)  needs  to  be  evaluated  only  for  the 
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surface  ply.  Of  course,  the  deformation  of  the  surface  ply  reflects  the  deformation  of  the  entire 
laminate  if  the  plies  remain  bonded  together  during  the  measurement.  If  heat  generation, 
heat  conductance,  and  heat  capacitance  are  taken  into  account  during  a  mechanical 
excitation,  stresses  a  small  distance  below  the  surface  of  observation  can  be  computed  as 
well  [104]. 

The  approach  taken  to  develop  a  micromechanical  model  of  the  adiabatic  thermoelastic 
effect  in  undamaged  fiber  composites  is  to  begin  with  Lekhnitskii's  elasticity  solution  for  global 
strains  in  an  infinite,  homogeneous,  anisotropic  plate  with  an  elliptical  opening  [30],  realizing 
that  those  strains  are  valid  only  in  regions  away  from  the  free  edges  in  a  laminated  plate. 
After  transforming  those  strains  to  the  surface  ply's  local  coordinates,  a  simple  microme¬ 
chanical  model  of  fiber  and  matrix  deformation  is  used  to  compute  the  temperature  change 
in  those  constituents.  Finally,  a  rule  of  mixtures  relation,  such  as  Eq.  (9),  is  used  to  compute 
the  net  temperature  change  of  the  surface  ply. 

In  the  micromechanical  analysis  of  strains  in  the  constituents,  “mechanics  of  materials” 
assumptions  [105]  will  be  invoked  to  maintain  simplicity.  The  problem  is  formulated  by  first 
identifying  the  unknown  quantities  to  be  computed,  which,  for  Eq.  (3),  would  be  the  three  ex- 
tensional  stresses  and  strains  in  the  fibers  and  matrix:  of,  of1  ,  ef ,  and  ef"  (/= 1,2,3).  In  the 
most  (..f  .eral  three-dimensional  case,  the  assumed  force  equilibrium  equations  in  the  longi¬ 
tudinal  and  transverse  directions  of  a  representative  volume  (or  area)  of  material  in  a  plane 
state  of  stress  (Figure  10)  are  given  by  Eqs.  (10-12), 

/<4  +  Vm<4,~<4  (10) 

°2  ~  and  °2  ~  °2  (11a, 6) 

<4  =  0  and  <7^  =  0  (12a,b) 
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where  Vf  and  Vm  are  volume  fractions  of  the  fibers  and  matrix,  respectively.  The  assumed 
kinematic  relations  in  the  longitudinal  and  transverse  directions  are  given  by  Eqs.  (13-15): 


4  =  ef  and  c™  =  ef 

(13a,b) 

4  vf+  %  vm  -  4 

(14) 

4vf+eZVm  =  4 

(15) 

The  constitutive  relations  between  normal  stresses  and  strains  in  transversely  isotropic  media 

are  given  by  Eq.  (16): 

[<r1  «r2  ff3]T  =  [C]  C«i  ®3]T 

(16) 

where  C,j  are  elements  of  the  stiffness  matrix  given  by  Eq.  (17): 


Implicit  in  Eq.  (16)  is  the  assumption  of  no  shear  coupling  in  any  plane  of  the  material.  This 
assumption  is  based  on  the  fact  that  the  1,  2,  and  3  axes  coincide  with  the  principal  directions 
of  orthotropy.  Of  course,  in  the  isotropic  matrix  material  the  transverse  and  longitudinal  di¬ 
rections  are  immaterial.  It  will  also  be  assumed  that  hygrothermal  self-stresses  have  no  dy¬ 
namic  variation  during  cyclic  loading  and  that  intralaminar  stress  gradients  due  to  the 
mismatch  of  fiber  and  matrix  thermoelastic  properties  are  negligible.  Edge-induced 
interlaminar  stresses  will  not  be  considered  in  the  micromechanical  analysis  since  the  global 
solution  for  strain  near  an  edge  is  invalid  there. 
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Including  the  six  constitutive  relations  for  the  fibers  and  matrix  implied  by  (16),  there  are 
now  fifteen  equations  for  twelve  unknowns.  Clearly,  the  formulation  is  overdetermined  due  to 
the  redundant  nature  of  several  of  the  equations.  The  formulation  must  therefore  be  altered 
to  obtain  a  tractable  system  of  equations.  To  this  end,  only  the  six  extensional  strains  are  to 
be  computed  through  the  use  of  Eqs.  (13a, b),  (14),  and  three  conditions  given  by  Eqs.  (18),  (19), 
and  (20): 

c( 2  e(  +  C22  4  +  C23  £3  =  Cg  e™  +  cp  +  C23  £3*  (18) 

c{3 +  C23  4  +  C33  4  =  0  and  C1'5«7,  +  CS«2,  +  PS«S'- 0  (19,20) 

Equation  (18)  results  from  equating  the  in-plane  transverse  stress  components  of  the  matrix 
and  fibers  (<r£  =  o!p),  and  does  not  require  that  the  transverse  constituent  stresses  equal  the 
transverse  lamina  stress.  This  potential  violation  of  equilibrium  is  inevitable  with  the  present 
formulation.  Equations  (19)  and  (20)  are  the  conditions  of  vanishing  stress  normal  to  the  sur¬ 
face  of  the  material  (<x£  =  0  and  ag  =  0),  and  are  chosen  to  represent  the  stress  state  of  parti¬ 
cles  of  material  near  the  surface  of  the  test  specimen  that  most  strongly  influence  the 
adiabatic  thermoelastic  emission  of  infrared  radiation.  Solving  Eqs.  (19)  and  (20)  for  the  out- 
of-plane  strains,  we  find: 

4  = - 7-  (<4*1+ <4  4)  and  41 - (C^ef  +  CS^)  (21,22) 

C33  C33 

The  assumption  of  homogeneous  strain  in  the  longitudinal  direction  of  all  constituents,  given 
by  Eqs.  (13a, b),  can  be  used  to  replace  and  Ef  in  the  previous  equations  with  the  known 
lamina  strain,  e(.  Expressing  Eq.  (18)  in  terms  of  dp,  fif,  and  e£  with  the  use  of  Eqs.  (13),  (14), 
(21),  and  (22),  we  have: 
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(23) 


-f  t  ,  C22  .  /  um  mN  C23 

ci2 *i  +~7T  (*2"v  £a)-TT 


-33 


/  .  u23  ,,m  m> 

C13  e1  +  —  («2  “  V  «2  ) 


-m  t  ,  m  °23  t  .  «m  m.. 

=  c12  ®1  +  c22  *2  ~  'TffT  (C13  £1  +  c23  ®2  ) 
c33 


Solving  Eq.  (23)  for  t!£  in  terms  of  e{  and  results  in  Eq.  (24), 

&2  —  D]  ty  +  D262 


(24) 


where  D,  are  unitless  material  constants  defined  by: 


C/  /•*  fn 

12~t'12_ 


Di  - 


C23C13 

C33 


Cm 

23  u13 

Cm 

33 


-m  «^)2  . 

'f  (4  )2  " 

C22  "  m  ■  +  ~f 

C33  V 

C22  rf 1 

t-33 

D,  =  - 


rf  (C23)2 

C22 — 7T~ 

°33 


rm  (C£f 

c22 - -Zm~ 

c33 


+  V 


m 


cr  (C2r3)2 
c22 — 77~ 

C33 


Substituting  Eqs.  (13b)  and  (24)  into  Eq.  (22)  provides  the  remaining  unknown  matrix  strain 
component  in  terms  of  the  in-plane  lamina  strains, 


=  03  ef  +  D4  e£ 


(25) 


where 

03  =  --^  (cS  +  cgo,) 

C-33 


and 


02 


The  volume  change  of  the  matrix  material  per  unit  original  volume  is  given  by  the  sum  of  the 
infinitesimal,  extensional  strains  in  Eqs.  (13b),  (24),  and  (25), 
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I 


e7*  "F  4l  *3*  =  0 5  4  "F  08  4  (^®) 

where  05  =  (1  +  0.,  +  D3)  and  De  =  (D2  +  D4). 


It  is  assumed  that  the  fibers  are  transversely  isotropic  in  elastic  as  well  as  thermal  ex* 
pansion  properties,  with  the  plane  of  isotropy  being  perpendicular  to  the  fiber  longitudinal 
axis.  For  the  present,  we  ignore  the  contradiction  of  this  assumption  with  the  “mechanics  of 
materials”  assumptions  stated  earlier.  The  in-plane,  transverse  component  of  fiber  strain  is 
expressed  in  terms  of  the  known  lamina  and  matrix  strains  by  rearranging  Eq.  (14): 


r 

62  = 


(4~Vmc 2m) 


Equations  (13a)  and  (27)  are  used  to  express  the  out-of-plane,  transverse  component  of  fiber 
strain  in  Eq.  (21)  as 


r 

*3  =  - 


C13  4  + 


(4-V%m) 


(28) 


The  strain  eip  in  Eqs.  (27)  and  (28)  can  be  eliminated  using  Eq.  (24)  to  finally  arrive  at  the  ex¬ 
pressions  for  the  extensional  fiber  strains  in  terms  of  the  in-plane  lamina  strains. 


4  =  Dy  ef  +  Dg  4  (29) 

4  —  Og  4  +  01O  4 


where  the  unitless  material  constants  D,  are  given  by 


i/m 

°7  — V0' 


D.= 


D9  =  -^(GiC^-C(3) 


010  = 


(1  -  VwD2 ) 

* 

cl 3 


Cl 3vf 


(D2  Vm  -  1) 
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In  the  application  of  Eq.  (6).  relating  temperature  change  to  strain  in  a  transversely  isotropic 
material,  it  is  convenient  to  group  the  transverse  fiber  strains  as  in  Eq.  (30) 

4  +  4»D1ief  +  D12  4  (30) 

where 

°ii  “  ~~T  [°i  “T  (C23  “  c33)  ~  C(3]  and  D12  =  -V(1-VmD2) 

C33  L  Vr  J  Vr  C33 

Up  to  this  point,  the  equations  expressing  the  three  extensional  components  of  micro- 
constituent  strains  in  terms  of  the  in-plane  lamina  strains  have  been  developed.  The  tem¬ 
perature  change  of  the  fibers  and  matrix  can  now  be  obtained  simply  by  substituting  the 
proper  material  properties  and  lamina  strains  into  Eqs.  (6)  and  (7),  respectively. 

The  last  remaining  step  in  calculating  the  effective  lamina  temperature  change  is  to  com¬ 
bine  the  constituent  temperature  changes.  Within  the  context  of  adiabatic,  reversible  tem¬ 
perature  change,  it  is  natural  to  combine  the  constituent  temperature  changes  based  on  the 
area  fraction  of  each  micro-constituent  material  influencing  the  temperature  sensor.  For  the 
present  discussion,  the  effective  lamina  temperature  change  is  approximated  with  the  rule  of 
mixtures  expression,  Eq.  (31): 

®' ~  ®f  Vf  +  ®m  Vm  (31) 

Substitution  of  Eqs.  (6)  and  (7)  into  Eq.  (31)  provides  the  final  expression  for  the  effective 
temperature  change  of  the  lamina  in  terms  of  the  in-plane  strains  from  classical  laminated 
plate  theory: 

=  D13  ef  +  D14  4  (32) 

where  D13andD14  are  material  constants  given  by: 
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°13  =  ~Tq 


{*t  [c(  1  +  c(2  Dll]  +  4  C2  c(2  +  (C22  +  C23)  D^]}  +  “■  am  Ds  (C™  +  2  C^) 


L  c« 


Di4  =  -7-0{Jr  012 [4 C{2  +  4 (C^2  +  <4)]  +  «m °6 [Cfi  +  2 C^]} 


To  illustrate  the  effect  of  surface  ply  orientation  on  the  thermoelastic  temperature  change 
measured  via  infrared  thermography,  several  theoretical  calculations  for  continuous  fiber 
carbon  epoxy  laminates  are  considered  next.  (Experimental  data  were  not  available,  and 
could  differ  somewhat  from  the  present  predictions  which  were  calculated  using  Eq.  32).  The 
highly  anisotropic  thermoelastic  constants  of  unidirectional  laminae  of  carbon  epoxy  were 
taken  from  Ref.  [106],  Figure  11  is  a  prediction  of  the  effect  of  ply  orientation  on  the  adiabatic 
temperature  change  for  a  unidirectional  ply  under  constant  axial  stress  or  strain  change. 
There  is  a  monotonic  increase  in  temperature  change  as  the  ply  orientation,  0,  is  changed 
from  0-deg.  to  90-deg.  Analogous  behavior  is  predicted  for  ±0  angle-ply  laminates 
(Figure  12).  Note  that  there  are  two  values  of  0  resulting  in  no  thermal  emission  for  angle-ply 
laminates,  according  to  the  calculations.  The  global  transverse  strains  of  r  laminate  vary  with 
9  because  of  the  dependence  of  the  global  Poisson's  ratio  on  9.  In  order  to  separate  the  ef¬ 
fects  of  surface  ply  orientation  and  global  Poisson's  ratio,  the  surface  ply  angle  in  a  quasi¬ 
isotropic  laminate  was  varied  while  a  constant  global  strain  field  was  maintained 
(Figure  13).  Again,  the  temperature  change  is  greatest  when  the  surface  ply  orientation  is 
perpendicular  to  the  load  direction.  As  a  final  example,  the  effect  of  laminate  Poisson’s  ratio 
on  the  temperature  change  in  a  0-deg.  surface  ply  under  a  constant  longitudinal  strain  change 
is  considered  (Figure  14).  The  temperature  change  of  the  surface  ply  can  be  either  greater 
than  zero,  less  than  zero,  or  equal  to  zero,  depending  on  the  magnitude  of  the  transverse 
strain.  This  effect  is  caused  by  the  opposite  signs  of  a  carbon  epoxy  ply’s  thermal  expansion 
coefficients  in  the  longitudinal  and  transverse  directions  (typically,  -0.43  /x/°F  and  13.5  nl° F, 
respectively). 
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PLY  ANGLE  (DEG) 


Figure  11.  Effect  of  ply  orientation  on  the  temperature  change  in  e  unidirectional  ply  under 
stant  axial  atresa  or  atrain 
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Effect  of  ply  orientation  on  the  temperature  change  In  an  angle-ply  laminate  under 
constant  axial  stress  or  strain 

I 
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30  60  9 

SURFACE  PLY  ANGLE  (OEG) 


Flgura  13.  Effact  of  ply  oriantatlon  on  tha  tamparatura  changa  In  a  quasUisotropic  laminata  undar 
a  constant  global  strain  flald 
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POISSON'S  RATIO 


Figure  14.  Effect  of  laminate  Polsson’a  ratio  on  the  temperature  change  in  a  0-deg.  ply  under 
constant  longitudinal  strain 
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The  generality  of  the  present  analysis  for  thermoelastic  temperature  changes  in  laminated 
fiber  composites  with  arbitrary  properties  and  constitution  facilitates  our  understanding  of 
laboratory  measurements  by  enabling  the  prediction  of  the  effect  of  various  material  proper¬ 
ties  on  the  measurements.  For  instance,  using  the  micromechanical  expressions  for  effective 
elastic  properties  of  a  lamina  given  by  Chamis  [106]  in  conjunction  with  the  present  model  for 
adiabatic  thermoelastic  response,  the  effect  of  the  fiber  volume  fraction  on  the  adiabatic 
temperature  change  during  a  constant  longitudinal  stress  or  strain  a  0-deg.  carbon  epoxy 
lamina  can  be  predicted  (Figure  IS).  Under  constant  strain,  the  temperature  change  varied 
linearly  with  Vf.  Under  constant  stress,  however,  the  variation  was  nonlinear  due  to  the  in¬ 
creased  longitudinal  stiffness  of  the  material  at  higher  fiber  volume  fractions.  In  this  particular 
calculation,  a  fiber  volume  fraction  of  0.67  resulted  in  no  temperature  change.  Lower  fiber 
volumes  resulted  in  cooling  under  tensile  toads,  and  higher  fiber  volumes  resulted  in  heating 
under  tensile  loads. 

To  verify  the  accuracy  of  the  analysis,  the  predicted  and  measured  thermoelastic  emis¬ 
sions  in  two  center-notched,  quasi-isotropic,  T300/5208  laminates  with  either  a  0  or  45-deg. 
surface  ply  were  compared.  Global  stresses  from  Lekhnitskii’s  elasticity  solution  [30]  were 
used  in  conjunction  with  the  present  micromechanical  model  to  compute  constituent  strains 
and  the  average  adiabatic  temperature  change  in  the  surface  ply.  The  thermoelastic  proper¬ 
ties  in  Table  1  were  used  in  the  analysis,  along  with  Vf  =  0.55  and  T0  =  297  K.  Predictions 
were  normalized  by  their  respective  far-field  values  to  facilitate  comparisons  of  the  patterns. 
The  thermoelastic  emission  pattern  for  the  (0,90,45,-45),  laminate  (Figure  16a)  was  not  in  very 
good  agreement  with  the  measurement  in  Figure  6a.  On  the  other  hand,  the  prediction  for  the 
(45,90,-45,0),  laminate  (Figure  16b)  was  in  excellent  agreement  with  the  measurement  in  Fig¬ 
ure  6b.  Laminates  with  0-deg.  surface  plies  were  the  most  challenging  to  model  since  there 
was  great  variation  from  one  material  system  to  another,  and  from  one  stacking  sequence  to 
another.  Seemingly,  the  order  of  the  interior  plies  influenced  measurements  more  than  would 
be  expected  in  a  purely  adiabatic  process.  Given  that  the  analytical  results  of  Figure  16  re- 
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Table  1.  Thermoetastk  properties  for  carbon  epoxy 


Fiber 

Matrix 

Lamina 

E[  -  33.6  Msi 

Em  =  .78  Msi 

E(  =  18.8  Msi 

£f  =  2.1  Msi 

vm  =  0.35 

£f  =  i.4l  Msi 

v[r  =  0.29 

am  =  40  ^°F 

Gfr  =  0.782  Msi 

v^T  =  0.49 

cem  =  105  lb./in.*/8F  v£r  =0.308 

a[L  =  -0.55  tJ0 F 

«{-r  =  5.6  vJ° F 

e'  =  125  lb./in.*/°F 

Taken  from  Refs.  (106,107]. 
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patterns  In  two  center-notched  carbon  epoxy  laminates:  (a) 


presented  the  temperature  change  of  only  the  surface  ply,  and  that  there  was  fair-to-very  good 
correlation  of  the  analysis  and  experiments,  it  can  be  concluded  that  the  assumptions  of  the 
analysis  are  reasonable,  but  could  be  improved  by  addressing  several  uncertainties.  The 
notched  (0,90,45,-45)$  laminate  was  chosen  for  these  additional  exploratory-type  analyses  be¬ 
cause  the  theory  and  experiments  disagreed  most  severely  for  laminates  with  0-deg.  surface 
plies. 

There  are  several  plausible  causes  for  the  discrepancy  between  the  measured  and  pre¬ 
dicted  thermoelastic  emissions.  By  computing  stresses  in  the  fibers  and  matrix  with  strains 
evaluated  in  the  micromechanical  analysis,  and  checking  force  equilibrium  in  the  longitudinal 
and  transverse  directions  (Eqs.  10  and  11),  it  is  found  that  the  analysis  produced  constituent 
stresses  that  were  quite  consistent  with  the  lamina  stress  state  on  an  absolute  scale,  but,  in 
some  instances,  significantly  in  error  on  a  percentage  basis  for  several  simple  laminates 
(Table  2).  (The  carbon  epoxy  material  properties  used  in  the  calculations  for  Table  2  were 
slightly  different  than  those  given  in  Table  1.  However,  for  the  present  discussion  this  does 
not  matter.)  Furthermore,  the  accuracy  of  the  constituents’  thermoelastic  properties  are 
questionable  for  the  dynamic  problem  at  hand.  An  inaccuracy  in  any  one  of  the  thermoelastic 
properties  or  micro-stress  components  could  cause  the  discrepancies.  It  may  also  be  nec¬ 
essary  to  alter  expression  (31)  to  account  for  the  actual  contributions  of  the  individual  con¬ 
stituent  phases  (perhaps  in  adjacent  plies)  on  the  infrared  radiation  under  conditions  that  may 
not  be  purely  adiabatic. 

A  second  modeling  uncertainty  was  addressed  by  modifying  a  test  specimen.  Specifically, 
the  resin-rich  layer  of  epoxy  on  the  surface  of  the  notched  (0,90,45,-45)$  T300/5208  laminate  in 
Figure  6a  was  removed  by  sanding  until  bare  fibers  were  visible  with  an  optical  microscope. 
In  this  manner,  it  could  be  determined  whether  or  not  the  resin-rich  layer  was  masking  the 
temperature  variation  of  the  fibers.  The  SPATE  scan  of  the  sanded  specimen  is  shown  in 
Figure  17.  Despite  the  increased  surface  fiber  area  visible  to  the  infrared  detector,  the  overall 
magnitude  of  thermoelastic  emission  increased.  There  was  also  a  slight  change  in  the  con- 
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Table  2.  Fore*  equilibrium  assessment  in  the  micromechanical  model 


Laminatef 

+  Vm  <rf)t 

and  oft 

(0)8t 

20.00 

0 

20.39 

-.09 

(90)6, 

0 

1.31 

-.09 

1.36 

(0/90)2f 

20.12 

.36 

20.49 

.29 

(90/0)2, 

-.45 

1.29 

-.54 

1.35 

(±45)2, 

2.97 

.25 

3.02 

.25 

t  Applied  longitudinal  strain  (sx)  =  1000m- 
i  Units  of  stress  are  ksi. 
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tour  pattern,  although  disagreement  with  the  prediction  (Figure  16a)  persisted.  The  analysis 
was  then  modified  to  allow  the  specification  of  different  contributions  of  the  fibers  and  matrix 
to  the  rule  of  mixtures  expression  for  net  temperature  change  (  Eq.  31).  The  results  of  this 
modification  are  shown  in  Figure  18,  where  the  contribution  of  the  fibers  varied  from  zero  to 
100  percent.  At  67.5  percent  fiber  contribution,  the  predicted  far-fieid  thermoelastic  emission 
was  zero.  Above  67.5  percent  fiber  contribution,  the  far-field  thermoelastic  emission  was 
greater  than  zero  under  tensile  loads,  and  below  67.5  percent  it  was  less  than  zero.  Since  the 
measurements  indicated  that  the  far-field  thermoefastic  emission  was  less  than  zero  under 
tensile  loads,  the  theory  predicted  that  the  fibers  must  contribute  less  than  67.5  percent  to  the 
measurements.  In  any  case,  none  of  the  patterns  shown  in  Figure  18  agree  remarkably  with 
the  measurements  before  or  after  sanding. 

The  third  modeling  uncertainty  addressed  was  the  influence  of  interply  heat  conduction. 
A  fully-three-dimensional  analysis  of  in-plane  and  out-of-plane  conduction  with  the  sole  source 
of  heat  generation  being  the  adiabatic  thermoelastic  effect  in  various  layers  was  beyond  the 
scope  of  the  present  investigation.  Hence,  the  temperature  changes  of  the  outermost  one  to 
four  plies  were  averaged  with  unequal  weights.  The  justification  for  neglecting  intraply  con¬ 
duction  was  that  the  thickness  of  the  plies  (0.005  in.)  was  very  small,  providing  a  short  con¬ 
duction  path  relative  to  those  distances  involved  in  intraply  conduction  that  were  likely  to 
affect  the  contour  patterns.  The  results,  shown  in  Figure  19  for  the  (0,90,45,-45),  laminate, 
were  calculated  using  Vf  =  0.55  in  the  rule  of  mixtures  expression  (31)  as  well  as  in  the 
computed  material  constants.  The  prediction  using  a  70  percent  first  ply  contribution,  and  30 
percent  second  ply  contribution  agreed  best  with  the  measurements,  although  there  is  still 
room  for  improvement.  It  is  interesting  to  note  that,  on  a  point-to-point  basis,  the  average  of 
the  adiabatic  temperature  changes  in  the  0-  and  90-deg.  plies  equaled  that  for  the  +45-  and 
-45-deg.  plies,  which  also  equaled  the  average  for  all  eight  plies  in  the  laminate. 

Despite  the  difficulties  in  predicting  SPATE  measurements  discussed  above,  we  still  face 
the  ill-posed  problem  of  computing  the  state  of  deformation  in  the  material  from  temperature 
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Figure  19.  Predicted  SPATE  patterns  In  a  center-notched  (0,90,45,-45).  carbon  epoxy  laminate 
with  varied  ply  influences 
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change  measurements.  Recalling  Figure  9  on  page  33,  there  are  infinitely-many  combinations 
of  stress  components  that  produce  the  same  temperature  change.  This  fact  is  especially 
problematic  when  damage  is  introduced  into  the  specimen  and  the  evaluation  of  the  stress 
or  strain  field  associated  with  the  damage  is  attempted.  Therefore,  the  evaluation  of  stress 
or  strain  redistribution  due  to  damage  is  to  be  approached  with  this  limitation  in  mind. 
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Basic  Maienal  Characterization 


3.1  Monotonic  Strength 


As  was  mentioned  in  the  description  of  specimen  design,  a  series  of  compression  tests 
with  different  unsupported  gage  lengths  revealed  that  a  2.5-in.  gage  length  would  be  suffi¬ 
ciently  small  to  avoid  the  weakening  effects  of  column-type  buckling  in  all  specimens.  A 
longer  unsupported  length  could  have  been  used  with  the  orthotropic  stacking  sequence,  but 
a  uniform  length  was  chosen  for  all  specimens  for  simplicity  of  fabrication.  The  orthotropic 
stacking  sequence  occasionally  exhibited  an  in-plane,  shearing  failure  mode  along  a  -45  deg. 
angle,  which,  in  the  case  of  DEN  specimens,  would  extend  into  the  grips  if  the  specimen  was 
shorter  than  2.4  inches.  The  tensile  and  compressive  strengths  of  virgin  specimens  loaded 
monotonically  to  failure  are  listed  in  Table  3.  Specimens  with  an  unsupported  length  (UNSL) 
of  2.4  or  2.5  in.  were  used  to  compute  the  mean,  standard  deviation  and  variance  of  the  ulti¬ 
mate  gross  section  stress  for  each  specimen  type  [71],  A  few  noteworthy  items  from  these 
data  are  highlighted  below. 
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Table  3.  Monotonic  strength  of  virgin  specimens 


I 


Specimen 

Type 

Tensile  Strength.  Sf  (ksi)* 

Compr.  Strength,  S?  (ksi)* 

X 

s 

var,  % 

X 

s 

var,  % 

i  - 

3501-A-CN 

42.3 

3.8 

9.1 

-43.8 

.95 

2.2 

3501-A-DEN 

45.8 

2.4 

5.2 

-44.2 

3.2 

7.3 

3501  -B-CN 

59.2 

1.9 

3.2 

-52.8 

.32 

.6 

3501-B-DEN 

64.9 

2.2 

3.4 

-53.6 

1.3 

2.5 

1808-A-CN 

39.4 

.81 

2.0 

-45.2 

1.0 

2.3 

1808-A-DEN 

42.5 

2.7 

6.2 

-48.1 

3.8 

7.9 

1808-B-CN 

54.1 

2.8 

5.1 

-55.2  . 

1.7 

3.0 

1808-B-DEN 

55.9 

1.6 

2.8 

-56.6 

2.9 

5.1 

*  Stresses  computed  over  the  gross,  unnotched  cross-sectional  area.  Data 
include  mean  (x).  standard  deviation  (s),  and  variance  (var);  sample  size  is 
three. 
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•  The  quasi-isotropic  3501-6  material  was  stronger  in  compression  than  in  tension,  while 
the  opposite  situation  prevailed  with  the  orthotropic  layup.  One  may  surmise  that  the  in¬ 
plane  shear  failure  mode  of  the  orthotropic  laminate  in  compression  may  contribute  to  the 
relative  lack  of  compressive  strength,  but  no  such  relationship  between  tensile  and 
compressive  strengths  was  observed  in  the  orthotropic  1808  material.  Indeed,  1808 
specimens  of  either  stacking  sequence  were  always  stronger  in  compression  than  in 
tension. 

•  In  tension,  3501-6  spt  mens  were  about  10%  stronger  than  analogous  1808  specimens. 
In  compression,  1808  specimens  were  slightly  stronger  than  3501-6  specimens. 

•  A  lower  local  strain  (measured  by  a  small  strain  gage  near  the  notch)  was  measured  near 
failure  in  the  orthotropic  layup  of  both  material  systems  [71].  The  orthotropic  layup  was 
also  approximately  50%  stronger  in  tension  and  25%  stronger  in  compression  than  the 
quasi-isotropic  layup  for  both  materials. 

•  Near  failure,  there  was  less  local  strain  near  the  notch  tip  in  the  DEN  configuration  than 
in  the  analogous  CN  configuration  (71). 

Briefly,  failure  modes  in  tension  consisted  of  clean  laminate  fractures  (little  delamination) 
initiating  at  the  point  of  highest  stress  concentration  near  the  notch  or  adjacent  to  but  not  di¬ 
rectly  in  contact  with  the  notch.  In  the  latter  mode,  the  surface  0-deg.  ply  fractured  along  an 
underlying  +45  deg.  ply  direction,  beginning  at  the  point  where  the  large  matrix  cracks  tan¬ 
gent  to  the  notch  in  these  two  plies  intersect.  In  the  DEN  configurations,  failure  almost  always 
initiated  at  one  of  the  notches  first  (with  audible  acoustic  emissions  and  visible  fiber  breaks 
in  the  surface  ply).  In  some  cases,  failure  was  instantaneous  after  the  first  notch  failure,  and 
in  other  cases  the  specimen  continued  to  bear  additional  load  after  the  first  acoustic  event. 

Under  compression  loading,  delaminations  were  widespread  in  all  specimen  types.  There 
were  also  signs  of  local  crushing  and  ply  buckling  near  the  notches.  As  described  earlier,  the 
orthotropic  laminates  occasionally  exhibited  an  in-plane  shear  mode  of  failure  which  either 
extended  entirely  or  partially  across  the  specimen  width.  The  fracture  surface  of  the  outer- 
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most  0-deg.  ply  in  the  shear  failures  was  either  a  staircase-type  or  extremely  smooth.  In  all 
specimen  types  except  1808-B,  there  was  at  least  one  compression  failure  where  a  portion 
of  the  surface  0-deg.  ply  was  intact,  but  delaminated. 


3.2  Fatigue  Life 


Plots  of  applied  stress  amplitude  versus  fatigue  lifetime  for  the  eight  specimen  types  are 
shown  in  Figure  20.  Each  figure  illustrates  the  S-N  data  for  a  particular  material  system  and 
lamination  arrangement  (both  notch  configurations)  on  a  semi-log  scale.  If  it  is  hypothesized 
that  the  data  must  pass  through  one  of  the  components  of  strength  (either  tensile  or 
compressive,  depending  on  the  failure  mode)  for  failure  during  the  first  cycle,  it  is  obvious  that 
a  more  complete  data  set  would  have  either  a  knee  or  a  gradual  bend  to  achieve  the  neces¬ 
sarily  concave-down  appearance  of  a  continuous  curve.  The  data  would  appear  more  linear 
without  the  semi-log  scale.  Comparing  the  data,  it  can  be  seen  that  the  S-N  curve  of  the 
(0,45,0,-45)s4  laminate  is  steeper  than  that  of  the  (0,45, 90, -45)^  laminate  for  both  materials  and 
notch  types.  The  DEN  data  points  fall  either  on  or  above  the  CN  points,  which  is  consistent 
with  the  superior  monotonic  strength  of  virgin  DEN  specimens. 

In  Table  4,  the  two  load  levels  chosen  for  the  primary  tests  of  each  specimen  type  are 
listed  in  two  forms:  absolute  units,  and  normalized  by  the  corresponding  monotonic  tensile 
and  compressive  strength  of  virgin  specimens.  Except  for  the  high-load,  quasi-isotropic,  CN 
specimens,  there  were  no  large  differences  in  the  normalized  load  levels  for  the  AS4/3501-6 
and  AS4/1808  materials.  The  higher  high  load  level  in  the  AS4/3501-6  (0,45,90,-45)s«  CN 
specimens  compared  to  similar  AS4/1808  specimens  resulted  in  shorter  fatigue  lifetimes  in  the 
AS4/3501-6  specimens  (about  IK  cycles  vs.  10K  cycles).  To  obtain  the  targeted  high-  and 
low-load  fatigue  lifetimes,  normalized  loads  had  to  be  higher  in  the  (0,45,0,-45)S4  laminates 
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Figure  20.  Stress  vs.  life  data  for  test  specimens 
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Table  4.  Cyclic  load  lavala  (R = -1 )  for  fatlguo  testa 


Material 

Stack 

Notch 

High  Load,  Sa 

Low  Load,  Sa 

ksi 

Sa/S? 

Sa/S? 

ksi 

sjs? 

sjsz 

AS4/3501-6 

(0/45/90/-45)*4 

CN 

32.8 

.78 

.75 

21.9 

.52 

m 

DEN 

33.2 

.72 

.75 

24.3 

.53 

.55 

(0/45/0/-45),« 

CN 

42.2 

.71 

.80 

31.7 

.54 

.60 

DEN 

45.6 

.70 

.85 

32.2 

.50 

.60 

AS4/1808 

(0/45/90/-45}*4 

CN 

29.4 

.75 

.65 

22.6 

.57 

.50 

DEN 

31.3 

.74 

.65 

26.5 

.62 

.55 

(0/45/0/-45)s4 

CN 

44.2 

.82 

.80 

33.1 

.61 

.60 

DEN 

45.3 

.81 

.80 

34.0 

.61 

g 

! 
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than  in  the  (0,45,90,-45)»4  laminates,  especially  for  the  high  load  level.  This  requirement  is 
consistent  with  the  steeper  S-N  curve  of  the  (0,45,0,-45)*«  specimens. 


3.3  Stiffness  Measurements 


initial  stiffness  measurements  of  virgin  specimens  during  the  first  load  cycle  of  fatigue  tests 
are  given  in  Table  5.  Due  to  the  slight  non-linearity  of  the  stress-strain  behavior  of  the 
notched  specimens,  stiffness  measurements  at  the  low  and  high  load  amplitudes  are  listed 
separately.  The  AS4/3501-6  material  was  slightly  stiffer  than  the  AS4/1808  material  in  all 
cases.  The  tensile  stiffness  of  the  AS4/3501-6  material  increased  slightly  with  increased  load, 
while  that  of  the  AS4/1808  material  remained  approximately  the  same.  In  both  material  sys¬ 
tems,  the  compressive  stiffness  decreased  with  higher  loads.  Scatter  in  the  measurements 
was  higher  in  the  DEN  specimens  than  in  the  CN  specimens.  A  possible  explanation  of  this 
observation  is  that  the  in-plane  deformations  directly  over  the  notch  dominate  the  slight, 
though  inevitable,  out-of-plane  deformations,  reducing  the  scatter  when  the  extensometer  is 
positioned  across  the  notch. 

Throughout  each  fatigue  test,  tensile  and  compressive  stiffness  measurements  were  nor¬ 
malized  by  their  respective  values  recorded  during  the  first  load  cycle  of  the  subject  speci¬ 
men.  Typical  stiffness  records  during  the  lifetime  of  each  of  the  eight  specimen  types  during 
high-load  and  low-load  fatigue  are  illustrated  in  Figure  21  and  Figure  22,  in  which  high-load 
tests  are  indicated  by  (H),  and  low-load  tests  are  indicated  by  (L).  The  horizontal  axes  in  the 
stiffness  plots  are  normalized  life  axes  obtained  by  dividing  the  actual  number  of  cycles  by  the 
number  of  cycles  to  failure  for  that  particular  specimen.  Stiffness  curves  recorded  with  CN 
specimens  and  low-load  levels  were  more  repeatable  than  those  recorded  with  DEN  speci¬ 
mens  and  high  load  levels.  In  fact,  variations  caused  by  the  unsymmetric  development  of 
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Table  S.  Tensile  and  compressive  stiffnesses  of  virgin  specimens 


Specimen 

Type 

High  Load 

Low  Load 

E?  (Msi)* 

E°  (Msi)* 

£,° 

(Msi)* 

E°  (Msi)* 

X 

s 

X 

s 

n 

X 

s 

n 

X 

s 

n 

3501-A-CN 

4.59 

.06 

12 

4.20 

.13 

12 

4.51 

.14 

7 

4.21 

.17 

7 

3501-A-DEN 

6.33 

.29 

6 

5.84 

.49 

6 

6.28 

.21 

4 

5.90 

.34 

4 

3501-B-CN 

6.28 

.22 

14 

5.45 

.26 

14 
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3501-B-DEN 

9.69 
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13 

9.42 

— 
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8.56 

— 

1 

1808-A-CN 

4.57 

.11 
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4.18 

.13 

22 

4.59 

.07 

23 

4.28 

.09 

23 

1808-A-DEN 

6.26 

.10 

21 

5.67 

.19 

21 

6.19 

.16 

3 

5.74 

.15 

3 

1808-B-CN 

6.25 

.15 

23 

5.56 

.19 

23 

6.26 

.15 

22 

5.70 

.12 

22 

1808-B-DEN 

9.46 

.18 

3 

8.34 

.23 

3 

9.31 

.37 

3 

8.61 

.41 

3 

*  Measured  with  a  front-mounted,  1-in.  extensometer.  Data  include  mean 
(x).  standard  deviation  (s),  and  sample  size  (n). 
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Figure  21.  Stiffness  change  in  AS4/3501-6  specimens 
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Figure  22.  Stiffness  chsnge  In  AS4/1808  specimens 
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damage  in  DEN  specimens  were  so  great  that  strains  measured  by  front-  and  back-mounted 
extensometers  had  to  be  averaged  to  eliminate  the  bending  strain  component.  The  large  in¬ 
plane  deformations  across  the  notch  prevented  the  relatively  small  out-of-plane  deformations 
from  becoming  a  problem  in  CN  specimens.  Most  of  the  stiffness  data  for  DEN  specimens  in 
Figure  21  and  Figure  22  were  computed  by  averaging  front  and  back  surface  strains  (indi¬ 
cated  by  “AVE”),  though,  in  some  cases,  only  front  surface  stiffnesses  were  available  (indi¬ 
cated  by  "FRONT”).  Stiffness  changes  in  high-load  specimens  reflected  the  highly 
concentrated  nature  of  damage  growth  in  those  specimens.  For  example,  damage  that  initi¬ 
ated  first  in  one  area  of  the  specimen  (eg.  front  side)  grew  most  rapidly  in  that  same  area  and 
led  to  failure  of  the  specimen  before  damage  at  analogous  locations  in  the  laminate  (eg.  back 
side)  initiated  and  grew  an  equal  amount.  These  variations  in  damage  growth  paths  caused 
variations  in  the  stiffness  curves  as  well.  Because  of  its  more  symmetric  nature,  low-load 
fatigue  damage  resulted  in  less  stiffness  variation  among  specimens. 

In  general,  the  rates  of  change  of  stiffness  corresponded  well  with  the  associated  rates  of 
damage  growth.  Separate  periods  (or  stages)  of  damage  growth  could  be  identified  during  a 
fatigue  test  by  observing  the  slope  of  the  stiffness  versus  cycles  curves.  The  occurrence  of 
rapid  damage  initiation  and  growth  near  the  notch(es)  was  easily  identified  by  the  rapid,  but 
slowing,  stiffness  drop  at  the  beginning  of  each  test.  The  DEN  specimens  had  less  stiffness 
drop  during  this  first  stage  of  damage  development  than  the  CN  specimens,  especially  in  the 
orthotropic  laminates.  Part  of  this  behavior  can  be  attributed  to  the  more  remote  location  of 
the  extensometer  relative  to  the  damage  initiation  sites  in  the  DEN  specimens,  and  part  to  the 
lesser  tendency  of  (0,45,0,-45)54  laminates  to  delaminate  during  "stage  I”  damage  develop¬ 
ment. 

After  stage  l  was  complete,  stiffness  measurements  were  greatly  influenced  by  the  partic¬ 
ular  patterns  of  damage  growth  that  appeared  in  the  different  specimen  types.  For  example, 
after  a  second  period  of  relatively  slow  matrix  cracking  during  low-load  fatigue,  the  center- 
notched  (0,45,90,-45)$4  laminates  usually  underwent  a  third  period  of  rapid  delamination 
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growth  in  the  longitudinal  direction,  resulting  in  a  short-lived  period  of  rapid  stiffness  decline. 
A  fourth  period  of  slower  matrix  cracking  ensued,  followed  by  a  fifth  stage  reflecting  the  rapid 
delamination  growth  that  typically  preceded  fatigue  failure  in  this  type  of  test.  In  contrast, 
during  high-load  tests  of  (0,45,90,-45)*  CN  specimens,  there  were  only  three  stages  of  damage 
growth  and  stiffness  change  during  the  lifetime.  Among  the  specimen  types  investigated 
presently,  the  difference  between  high-  and  low-load  fatigue  response  was  most  dramatic  in 
(0,45,90,-45)s4  CN  specimens. 

The  (0,45, 0,-45)*  laminates  had  about  the  same  net  stiffness  drop  at  failure  as  the 
(0,45,90,-45)*  laminates;  their  rate  of  change,  however,  was  more  uniform.  A  prominent  fea¬ 
ture  of  all  tests,  especially  those  involving  (0,45,0,-45)*  laminates,  was  that  the  second  half 
of  fatigue  life  was  characterized  by  a  “bumpy”  stiffness  curve  due  to  the  non-symmetric  ap¬ 
pearance  of  delaminations  near  the  front  and  back  surfaces  of  the  specimens.  This 
“bumpiness"  occurred  at  a  relatively  larger  fraction  of  life  during  high-load  tests. 

The  three  stopping  points  for  destructive  testing  techniques  —  the  early,  middle,  and  late 
stages  of  fatigue  life  —  were  estimated  using  the  characteristic  stiffness  curves  and  damage 
development  patterns  recorded  with  X-ray  radiography.  The  early  stopping  point,  about  5-10 
percent  of  life,  was  at  or  slightly  before  the  stabilization  of  the  stiffness  decline  at  the  end  of 
stage  I.  The  middle  stopping  point  was  the  most  difficult  to  find  due  to  the  lack  of  repeatable 
stiffness  values  or  changes  in  rate  of  the  stiffness  decline  between  40  and  60  percent  of  life 
in  many  tests.  Most  often,  the  beginning  of  the  undulations  of  the  stiffness  curves  (especially 
compressive  stiffness)  and  the  attainment  of  a  particular  cumulative  stiffness  change  were 
used  to  predict  the  middle-life  stopping  point.  The  late-life  stopping  point  was  also  difficult  to 
detect  because  the  actual  stiffness  values  near  the  end  of  life  were  typically  scattered  over 
10-30  percentage  points  in  CN  specimens  (more  in  DEN  specimens,  due  to  bending  effects). 
To  avoid  this  problem,  late  fife  was  estimated  based  on  the  fairly-predictable  sudden  increase 
in  damage  growth,  audible  acoustic  emissions,  and  stiffness  change  during  the  last  10  percent 
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of  life.  In  cases  where  the  percentage  of  life  based  on  stiffness  was  in  doubt,  X-ray 
radiographs  usually  provided  definitive  information. 
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Fatigue  Damage  Mechanisms 


In  the  following  description  of  fatigue  damage  mechanisms  in  notched  specimens,  certain 
orientations  and  locations  are  referred  to  repeatedly.  The  longitudinal  direction  is  along  the 
load  axis  of  the  specimen,  coinciding  with  the  O-deg.  fiber  direction.  The  transverse  direction 
is  oriented  at  90  degrees  to  the  longitudinal  direction,  in  the  plane  of  the  specimen. 

Specific  damage  mechanisms  are  also  referred  to  often  in  the  text.  Among  the  more 
ubiquitous  damage  types  are  primary  and  secondary  matrix  cracks  parallel  to  the  fibers  in  a 
particular  ply.  Primary  matrix  cracks  are  those  which  emanate  directly  from  any  boundary 
of  the  specimen,  including  the  notch(es)  and  straight  edges.  Secondary  matrix  cracks  are  the 
remainder  of  the  cracks  that  do  not  directly  intersect  a  boundary.  Incremental,  step-wise  ply 
fractures  denote  the  through-the-ply  fracture  of  fibers  that  occur  in  short,  sudden  steps  in 
certain  specimens. 

This  documentation  of  fatigue  damage  mechanisms  in  notched  composite  laminates  is 
based  on  the  large  experimental  program  discussed  earlier.  Of  fourse,  due  to  the  nature  of 
experimental  investigations,  there  is  some  degree  of  variability  in  the  results.  The  results 
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included  herein  represent  typical  behaviors,  and  are  not  meant  to  be  comprehensive.  De¬ 
scriptions  of  damage  initiation  and  growth  in  center-notched  specimens  of  each  material- 
laminate  combination  are  presented  in  detail.  Similarities  in  damage  mechanisms  in 
specimens  with  different  notch  configurations  are  used  to  reduce  the  volume  of  material  pre¬ 
sented.  Hence,  the  most  complete  descriptions  are  to  be  found  in  the  sections  on  CN  speci¬ 
mens.  The  effects  of  material  system,  lamination  arrangement,  load  level,  and  notch 
configuration  on  fatigue  damage  mechanisms  are  discussed  in  the  summary  at  the  end  of  this 
chapter.  For  organizational  reasons,  the  discussions  of  stress  redistribution  and  residual 
strength  during  the  fatigue  process  are  presented  in  separate  sections. 


4.1  AS4I3501-6,  Quasi-Isotropic  Laminate 


4.1.1  Center-Notched  Specimens 

4.1. 1.1  High  Load  Level 

The  high  load  level  chosen  for  the  CN  (0, 45,90, -45)S4,  AS4/3501-6  specimens,  32.8  ksi,  re¬ 
sulted  in  fatigue  lifetimes  of  approximately  500  to  2000  cycles.  Fatigue  damage  under  this  high 
amplitude  loading  was  evident  in  a  radiograph  taken  after  the  first  full  load  cycle  of  a  test 
(Figure  23).  Primary  matrix  cracks  were  present  in  all  plies  adjacent  to  the  notch.  The  off-axis 
plies  had  secondary  matrix  cracks  as  well.  The  15-deg.  radiograph  (not  shown)  indicated  the 
presence  of  0-deg.  ply  pull-out  (delamination)  in  the  four  corners  formed  where  the  0-deg. 
tangent  cracks  meet  the  hole  boundary. 
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Typical  0-  and  90-deg.  radiographs  of  early-life  residual  strength  specimens  are  shown  in 
Figure  24a  and  Figure  25a,  respectively.  Off-axis  matrix  cracks  had  reached  the  straight 
edges  of  the  specimen,  and  incremental  fractures  of  the  surface  0-deg.  ply  were  growing  in  a 
step-wise  manner  along  the  large  +45-deg.  matrix  cracks  tangent  to  the  hole  boundary. 
Based  on  visual  and  audible  information  obtained  during  the  slow  loading  of  the  specimen  for 
stiffness  measurements,  the  0-deg.  ply  fractures  are  believed  to  occur  only  during  the 
compressive  portion  of  the  load  cycle,  probably  by  the  mechanism  of  microbuckling.  Imme¬ 
diately  after  a  0-deg.  ply  fracture  occurred,  a  0-deg.  matrix  crack  formed  at  the  tip  of  the  new 
crack,  and  a  delamination  initiated  and  grew  between  the  parallel  matrix  cracks  at  each  end 
of  the  new  "step”  (Figure  26a).  In  some  instances,  narrow  strips  of  the  surface  0-deg.  ply 
delaminated  without  the  presence  of  0-deg.  ply  fracture.  Delaminations  in  these  instances 
apparently  prevented  ply  fractures  from  occurring  during  the  remainder  of  the  lifetime  by  de¬ 
coupling  damage  in  adjacent  plies.  Delaminations  on  all  the  0/45  interfaces  through  the 
thickness  can  be  seen  in  the  early-life  edge  radiograph.  Interior  0/45  interface  delaminations 
were  all  approximately  the  same  size  in  the  longitudinal  direction,  but  they  were  shorter  than 
the  0/45  interface  delaminations  involving  the  surface  0-deg.  plies. 

Radiographs  of  typical  middle-life  specimens  are  shown  in  Figure  24b  and  Figure  25b. 
Zero-deg.  fiber  fractures  initiated  in  the  next-to-outermost  0-deg.  ply  groups  (plies  8,  j,  24,  and 
25).  Delaminations  also  initiated  and  grew  on  all  interfaces  adjacent  to  the  90-deg.  plies. 
During  subsequent  cycling,  off-axis  matrix  cracks  initiated  and  grew  at  the  straight  edges. 
All  02  ply  groups  fractured  near  the  transverse  centerline  of  the  hole.  Zero-deg.  ply  fracture 
paths  still  followed  underlying  +45-deg.  matrix  cracks,  but  jumped  to  different  -t-45-deg. 
cracks  such  that  a  generally  transverse  direction  of  growth  was  maintained  (i.e.,  the  0-deg. 
ply  fracture  paths  remained  close  to  the  transverse  centerline  through  the  notch.  Delami¬ 
nations  on  0/45  interfaces  ramained  only  slightly  longer  at  locations  closer  to  the  surface. 
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Radiograph*  ol  canter-notched,  AS4/3501-6,  (0, 45,90, -45),«  apaclmens  during  high-load 
(atlgua:  (a)  early;  (b)  middle;  and  (c)  late  life 


I 


At  the  late-life  residual  strength  measurement  point  (impending  fatigue  failure),  typical 
radiographs  were  as  shown  in  Figure  24c  and  Figure  25c.  Fatigue  failure  of  the  specimens 
was  by  crushing,  followed  by  delamination. 

4.1 .1 .2  Low  Load  Level 

Fatigue  lifetimes  under  the  low  amplitude  cyclic  load,  21.9  ksi,  were  between  900K  and 
2.4M  cycles.  On  the  first  load  cycle,  primary  matrix  cracks  initiated  in  the  0-,  -45-,  and  90-deg. 
plies  near  the  notch.  Soon  after  this  time,  primary  matrix  cracks  appeared  in  the  +45-deg. 
plies  near  the  notch,  followed  by  secondary  90-deg.  matrix  cracks  along  primary  -45-deg. 
cracks.  By  about  one  thousand  cycles,  delaminations  initiated  at  the  0/45  interfaces  through 
the  thickness,  although  those  involving  the  surface  plies  were  longer  in  the  longitudinal  di¬ 
rection.  This  type  of  delamination  initiated  in  the  small  area  of  material  bounded  on  three 
sides  by  the  hole  and  the  0-  and  45-deg.  primary  matrix  cracks  tangent  to  the  hole  in  the 
second  and  third  quadrants.  Additional  delaminations  on  the  45/90  and  90/-45  interfaces  also 
initiated  by  IK  cycles,  at  first  near  the  surface,  and  later  closer  to  the  laminate's  midplane 
(Figure  27a  and  Figure  28a).  Secondary  matrix  cracks  in  the  +45-  and  -45-deg.  plies  oc¬ 
curred  later,  as  did  surface  0-deg.  ply  fractures  along  underlying  +45-deg.  matrix  cracks. 
Zero-deg.  ply  matrix  cracks  and  delaminations  occurred  immediately  after  the  occurrence  of 
incremental  0-deg.  ply  fractures,  which  were  limited  to  the  surface  plies  until  near  fatigue 
failure.  Occasionally,  narrow  strip-like  delaminations  of  the  surface  0-deg.  plies  initiated  along 
the  paths  of  the  primary  +45-deg.  matrix  cracks  that  originated  tangent  to  the  hole  and  grew 
in  the  longitudinal  direction.  Zero-deg.  ply  fractures  did  not  occur  in  these  delaminated  strips 
of  0-deg.  ply. 

The  damage  growth  rate  slowed  markedly  until  approximately  half  of  the  fatigue  lifetime 
passed  (as  indicated  in  the  stiffness  records  in  Figure  21  on  page  65).  After  that  time,  near¬ 
surface  0/45  interface  delaminations,  particularly  in  the  even  quadrants,  grew  rapidly  from  the 
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Figure  27.  Radiographs  of  cantar-notchad,  AS4/3501-6,  (0, 45,90, -45)n  apacimans  during  low-load 
fatigua:  (a)  early;  (b)  middle;  and  (c)  late  life 


notch  in  the  longitudinal  direction  until  they  reached  the  gripped  portion  of  the  specimen.  This 
period  of  rapid  damage  growth  was  used  as  an  easy-to-find  stopping  point  for  middle-life 
residual  strength  measurements.  Off-axis  matrix  cracks  in  the  middle-life  specimens  were 
located  throughout  the  gage-length  (Figure  27b  and  Figure  28b).  Delaminations  were  on  all 
interfaces  involving  a  0-  or  90-deg.  ply,  although  those  closer  to  the  surface  were  longer  in  the 
longitudinal  direction  than  those  closer  to  the  midplane.  Only  the  0/45  interface  delaminations 
closest  to  the  surface  spanned  the  hole  centerline  in  the  90-deg.  radiograph.  Damage  growth 
rate  slowed  again  after  the  middle-life  residual  strength  measurement  point,  as  indicated  in 
Figure  21b. 

Near  the  end  of  the  fatigue  lifetime,  delaminations  initiated  at  several  interfaces  near  the 
straight  edges  in  regions  of  dense  matrix  cracks.  As  with  the  delaminations  that  initiated  at 
the  notch,  edge  delaminations  favored  interfaces  closest  to  the  surface  of  the  laminate.  In 
specimens  close  to  fatigue  failure,  delaminations  of  the  surface  0-deg.  plies  spanned  the  dis¬ 
tance  between  the  notch  and  one  or  both  of  the  straight  edges,  and  the  second-outermost  0, 
ply  groups  fractured  in  a  manner  similar  to  the  step-wise  fracture  of  the  surface  0-deg.  plies 
described  earlier  (Figure  27c  and  Figure  28c).  Step-wise  0-deq.  ply  fractures  on  the  surface 
initiated  near  straight-edge-induced  0/45  interface  delaminations  and  grew  toward  the  longi¬ 
tudinal  centerline  of  the  specimen.  The  rate  of  damage  development  near  the  end  of  the  fa¬ 
tigue  lifetime  increased  dramatically,  as  indicated  by  the  radiographs,  the  stiffness  record 
(Figure  21b),  and  audible  acoustic  emissions  dufing  the  test.  The  low-load  fatigue  failure 
mode  was  unstable  delamination  growth,  followed  by  crushing  of  the  less  delaminated  plies. 
The  primary  contrast  in  damage  between  the  two  load  levels  was  the  greater  longitudinal 
extent  of  matrix  damage  and  lesser  amount  of  0-deg.  ply  fracture  with  the  low  load. 
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4.1.2  Double-Edge-Notched  Specimens 


Damage  mechanisms  in  the  double-edge-notched,  AS4/3501-6,  (0,45,90,-45)S4  specimens 
under  the  high  (33.2  ksi)  and  low  (24.3  ksi)  load  levels  were  essentially  similar  to  those  in  the 
center-notched  specimens  under  their  respective  high  and  low  load  levels.  The  fatigue  life¬ 
times  of  the  high-  and  low-load  specimens  ranged  between  12K-31K,  and  670K-2.5M  cycles, 
respectively. 

Since  the  DEN  high-load  specimens  had  slightly  longer  fatigue  lifetimes  than  the  CN  high- 
load  specimens,  they  also  had  a  slightly  greater  amount  of  longitudinal  delamination  growth, 
and  less  internal  O-deg.  ply  fracture.  A  typical  late-life  specimen  is  shown  in  Figure  29.  In 
this  case,  there  were  no  internal  O-deg.  ply  fractures.  The  fatigue  failure  mechanism  was 
unstable  delamination  growth  near  the  surface  and  crushing  in  the  interior  region  near  the 
notches. 

Under  the  low  load  level,  longitudinal  delaminations  grew  faster  in  the  even  quadrants 
around  the  notches  than  in  the  odd  quadrants.  Fiber  fracture  sometimes  occurred  in  the 
second-outermost  O-deg.  ply  groups  by  the  end  of  the  lifetime  (Figure  30).  Fatigue  failure  in 
the  low-load  specimens  occurred  shortly  after  a  delamination  adjacent  to  the  outermost 
90-deg.  ply  grew  rapidly  (typically  during  1  load  cycle)  across  the  distance  between  the 
notches.  The  low-load  fatigue  failure  mode  was  the  same  as  the  high-load  fatigue  failure 
mode. 
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4.2  AS4I3501-6,  Orthotropic  Laminate 


4.2.1  Center-Notched  Specimens 

4.2.1 .1  High  Load  Level 

The  high  load  level  for  AS4/3501-6,  (0,45,0, -45),4,  CN  specimens,  42.2  ksi,  resulted  in  fatigue 
lifetimes  of  10K-14K  cycles.  After  two  load  cycles,  matrix  cracks  in  all  plies  were  evident 
around  the  hole.  Zero-deg.  ply  matrix  cracks  appeared  tangent  to  the  hole  and  nearly  per¬ 
pendicular  to  the  hole,  as  were  matrix  cracks  in  the  +45-  and  -45-deg.  plies.  Also,  secondary 
+  45-deg.  matrix  cracks  initiated  along  the  0-deg.  tangent  cracks.  No  delaminations  were 
seen  on  the  second  load  cycle,  yet,  surface  0-deg.  ply  fracture  —  a  frequent  cause  of  0/45 
interface  delamination  —  was  seen  at  that  time  (Figure  26a).  Note  that  the  0-deg.  ply  fracture 
path  did  not  initiate  on  the  hole  boundary.  Instead,  the  localized  fracture  began  at  the  inter¬ 
section  of  the  0-deg.  and  45-deg.  matrix  cracks  tangent  to  the  hole,  suggesting  the  importance 
of  the  stress  concentration  associated  with  the  crossing  cracks.  Based  on  audible  acoustic 
emissions  and  visual  observations  during  the  manual  load  ramping  required  for  stiffness 
measurements,  it  is  known  that  the  0-deg.  ply  fractures  occurred  during  the  compressive 
portion  of  the  load  cycle.  Occasionally,  a  short,  narrow  strip  of  surface  0-deg.  ply  delaminated 
tangent  to  the  hole  before  the  occurrence  of  0-deg.  ply  fracture.  In  such  situations,  0-deg.  ply 
fracture  did  not  occur  in  that  delaminated  strip  for  the  remainder  of  the  fatigue  lifetime.  A 
second  mode  of  through-the-ply  fiber  fracture  appeared  as  soon  as  the  first  or  second  cycle 
in  the  +45-deg.  plies  in  the  second  and  fourth  quadrants  (Figure  26b).  This  mode  of  ply 
fracture  was  caused  by  the  stress  concentration  imposed  on  the  +  45-deg.  plies  along  the 
0-deg.  matrix  cracks  tangent  to  the  hole.  The  -452  ply  groups  are  less  likely  to  fracture  along 
the  0-deg.  matrix  cracks  than  the  +45-deg.  plies  because  of  their  greater  thickness.  Fractures 
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in  the  +45-deg.  plies  occurred  only  in  the  even  quadrants  because  of  the  high  stresses  borne 
by  the  fibers  tangent  to  the  hole  in  those  quadrants  (the  +  45-deg.  fibers  in  the  odd  quadrants 
intersect  the  hole  boundary  and,  thus  carried  little  load). 


With  further  load  cycles,  secondary  0-deg.  cracks  initiated  and  grew  at  the  tip  of  the  0-deg. 
ply  fracture  paths,  leading  to  strip-like  0/45  delaminations  growing  longitudinally  from  the 
fracture  site.  Delaminations  at  the  next  two  or  three  interfaces  frequently  followed  the  ap¬ 
pearance  of  surface  0-deg.  ply  fractures.  In  addition  to  the  delaminations  induced  by  0-deg. 
ply  fracture,  other  delaminations  soon  initiated  at  the  hole  boundary  where  the  45-  and 
-45-deg.  plies  tend  to  “pull  out"  (where  their  fibers  are  nearly  tangent  to  the  hole).  Interior 
delaminations  were  all  of  equal  length  in  the  longitudinal  direction  during  this  delamination 
initiation  period,  but  later  became  longer  at  the  interfaces  closest  to  the  surface.  The  0-deg. 
matrix  cracks  in  the  second  and  fourth  quadrants  were  longer  than  those  in  the  first  and  third 
quadrants  due  to  their  interaction  with  the  45-deg.  ply  fracture  paths  in  adjacent  plies  in  the 
even  quadrants.  Radiographs  of  a  typical  early-life  residual  strength  specimen  are  shown  in 
Figure  31a  and  Figure  32a. 

During  the  second  stage  of  fatigue  lifetime,  delaminations  adjacent  to  the  -452  ply  groups 
continued  to  grow  longitudinally  and,  to  a  lesser  extent,  transversely  from  the  notch.  In 
specimens  used  for  middle-life  residual  strength  measurements,  delaminations  had  grown  in 
the  transverse  direction  either  with  or  without  the  assistance  of  0-deg.  ply  fractures.  New 
delamination  growth  along  -452  ply  groups  occurred  at  this  time  at  the  tips  of  the  0-deg.  tan¬ 
gent  cracks  in  the  even  quadrants.  (Figure  31b  and  Figure  32b).  In  several  instances,  0-deg. 
ply  fractures  were  observed  in  the  third  ply  from  the  surface,  at  the  intersection  of  matrix 
cracks  tangent  to  the  hole  in  the  subject  0-deg.  ply  and  the  adjacent  -45-deg.  ply.  These  0-deg. 
ply  fractures  were  followed  by  delaminations  along  the  broken  plies  that  grew  in  all  directions 
and  prevented  additional  step-wise  fractures  of  the  0-deg.  ply. 


Fatigue  Damage  Mechanisms 


85 


Radiographs  of  cantar-notchad,  AS4/3501  8,  (0,45,0,-45)t4  specimen*  during  high-load 
fatigue:  (a)  early;  (b)  middle;  and  (c)  late  life 


Late  in  the  second  half  of  the  fatigue  lifetime,  0-deg.  surface  ply  fracture  paths  and  their 

t 

associated  delaminations  began  to  grow  more  rapidly  toward  the  straight  edges  of  the  sped-  I 

men,  and  delaminations  closest  to  the  surface  of  the  specimens  continued  to  grow  faster  than 
those  in  the  interior.  Near  the  end  of  the  fatigue  lifetime,  large  surface  ply  delaminations  ex¬ 
tended  across  the  entire  width  of  the  specimen  on  one  or  both  surfaces.  Most  interior  0-deg.  j 

plies  were  not  yet  broken,  and  the  0/45-interface  delaminations  were  still  much  smaller  than 
those  on  the  -45-deg.  ply  interfaces  (Figure  31c  and  Figure  32c).  Failure  of  this  type  of  spec¬ 
imen  in  all  observed  cases  was  by  the  unstable  growth  of  near-surface  delaminations  and  j 

crushing  of  the  interior  plies.  Which  of  these  two  damage  mechanisms  occurred  first  could 
not  be  ascertained. 

i 

4.2.1. 2  Low  Load  Level 

The  low  load  level,  31.7  ksi,  resulted  in  fatigue  lifetimes  between  200K  and  900K  cycles.  j 

Damage  after  the  first  cycle  consisted  of  matrix  cracks  tangent  to  the  hole  in  the  0-deg.  plies 
and  nearly  perpendicular  to  the  hole  in  +45-  and  -45-deg.  plies.  At  around  100  cycles,  matrix 
cracks  in  the  45-  and  -45-deg.  plies  initiated  and  grew  tangentially  to  the  hole,  setting  the  ^ 

stage  for  delamination  initiation  at  the  intersection  of  the  0-,  45-,  or  -45-deg.  matrix  cracks  and 
the  hole  boundary.  Delaminations  were  first  visible  in  the  radiographs  after  1000  cycles,  and 
were  located  at  all  interfaces  through  the  thickness,  in  all  four  quadrants.  Also  at  IK  cycles, 
ply  fractures  initiated  in  the  45-deg.  plies  along  the  adjoining  0-deg.  matrix  cracks  tangent  to  ^ 

the  hole.  Unlike  similar  ply  fractures  in  high-load  specimens,  45-deg.  ply  fractures  in  low-load 
specimens  favored  interior  ply  locations,  and  never  did  occur  at  all  possible  locations  through 
the  thickness  of  the  laminate.  The  difference  in  length  of  the  even  and  odd  quadrant  0-deg.  | 

tangent  cracks  was  therefore  less  in  low  load  specimens  than  in  high-load  specimens. 

At  10K  cycles,  most  new  delamination  growth  occurred  in  the  even  quadrants,  along  the 
large  0-deg.  matrix  cracks  tangent  to  the  hole.  Such  delamination  growth  was  fastest  on 
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interfaces  closest  to  the  surface  of  the  specimen.  Matrix  cracks  in  the  0-deg.  plies  and, 
eventually,  0/45  interface  delaminations  at  the  outermost  interfaces,  formed  in  all  four  quad¬ 
rants  near  the  tips  of  the  0-deg.  tangent  cracks,  suggesting  the  presence  of  substantial 
shearing  or  transverse  ply  stresses  in  those  areas.  Up  to  this  point,  only  two  mechanisms  of 
delamination  in  the  ligaments  of  material  transverse  to  the  hole  existed  —  0/45  delamination 
due  to  surface  0-deg.  ply  fracture,  and  0/45  interface  delamination  at  the  tips  of  the  0-deg. 
tangent  cracks. 

Ouring  the  second  half  of  life,  most  additional  delamination  growth  was  in  the  ligaments 
of  material  transverse  to  the  notch.  Near  the  end  of  life,  the  surface  ply  fracture  paths  reached 
the  straight  edges,  and  the  associated  delaminations  grew  longitudinally  toward  the  grips. 
Interior  delaminations  of  the  -45*  ply  groups  also  approached  the  grips,  resulting  in  a  largely 
delaminated  specimen  In  only  one  instance  was  interior  0-deg.  ply  fracture  observed.  Hence, 
failure  was  by  compressive  instability  of  the  sublaminates  formed  by  the  delaminations.  The 
most  prominent  difference  between  the  late-life  radiographs  of  high-  and  low-load  specimens 
was  the  greater  extent  of  delamination  in  low-load  specimens. 


4.2.2  Double-Edge-Notched  Specimens 


Double-edge-notched,  AS4/3501-6,  (0,45,0, -45), 4  specimens  under  the  high  load  level,  45.6 
ksi,  had  fatigue  lifetimes  of  about  5K  to  15K  cycles.  Damage  mechanisms  were  similar  to  CN 
specimens.  Zero-deg.  ply  fractures  initiated  and  grew  along  either  +45-  or  -45-deg.  matrix 
cracks  in  an  adjacent  ply,  tangent  to  the  notches.  Near  the  end  of  the  fatigue  lifetime,  0-deg. 
ply  fractures  crossed  near  the  longitudinal  centerline  of  the  specimen  (Figure  33).  Delami¬ 
nations  on  the  outermost  0/45  interfaces  also  extended  across  nearly  the  entire  width  of  the 
specimen.  Fatigue  failure  of  these  specimens  was  by  unstable  delamination  growth  near  the 
surface  and  crushing  of  the  interior  plies  between  the  notches.  Insufficient  data  was  available 
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at  the  time  of  this  writing  to  discuss  low-load  fatigue  damage  development  in  the  double' 
edge-notched,  AS4/3501-6,  (0,45,0,-45)^  specimens. 


4.3  AS4I1808 ,  Quasi-Isotropic  Laminate 

4.3.1  Center-Notched  Specimens 

4.3. 1.1  High  Load  Level 

The  high  load  level  for  center-notched,  AS4/1808,  (0,45, 90, -45) laminates,  29.4  ksi,  re¬ 
sulted  in  fatigue  lifetimes  between  6K  and  50K  cycles.  During  the  first  one  or  two  cycles, 
matrix  cracks  appeared  almost  perpendicular  to  the  hole  in  all  off-axis  plies,  and  tangent  to 
the  hole  in  the  0-deg.  plies.  In  the  next  100  cycles,  secondary  matrix  cracks  initiated  first  in 
the  45-deg.  plies  along  the  0-deg.  tangent  cracks,  and  next  in  the  90-deg.  plies  along  the 
-45-deg.  cracks.  The  first  occurrence  of  delamination  was  at  the  outermost  0/45  interface  at 
the  corner  formed  by  the  0-  and  45-deg.  matrix  cracks  and  the  hole  boundary  in  the  even 
quadrants.  At  the  time  of  early-life  residual  strength  measurement,  step-wise  0-deg.  surface 
ply  fractures  began  to  form  during  compression  at  the  point  where  the  primary  0-  and  45-deg. 
matrix  cracks  tangent  to  the  hole  boundary  intersect,  a  small  distance  away  from  the  hole. 
These  small,  incremental  fractures  followed  a  45-deg.  path  as  they  grew  away  from  the  notch 
(Figure  26a).  Zero-deg.  ply  matrix  cracks  soon  followed  the  incremental  fractures,  as  did 
strip-like,  longitudinal  delaminations  between  those  matrix  cracks  (Figure  34a  and 
Figure  35a).  Occasionally,  strip-like  0-deg.  surface  delaminations  initiated  without  the  pres¬ 
ence  of  0-deg,  ply  fractures.  Such  delaminations  initiated  along  a  +  45-deg.  matrix  crack 
emanating  from  the  hole  (like  the  step-wise  0-deg.  ply  fractures),  and  grew  in  the  longitudinal 
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direction.  However,  when  a  0/45  interface  delamination  occurred  before  a  0-deg.  ply  fracture, 
decoupling  between  the  0-  and  45-deg.  plies  isolated  the  0-deg.  ply  from  the  stress  concen¬ 
tration  of  the  45-deg.  matrix  crack  and  prevented  fracture  of  the  0-deg.  ply.  Delaminations  at 
this  early  time  in  the  fatigue  life  appeared  on  all  0-deg.  ply  interfaces  throughout  the  thickness, 
but  those  on  the  outermost  0/45  interfaces  were  larger  than  those  in  the  interior,  as  shown  in 
the  damage  sketches  obtained  from  a  deplied  specimen  (Figure  36).  The  deply  data  also  re¬ 
vealed  the  existence  of  delaminations  where  the  45-  and  -45-deg.  plies  "pulled  out"  tangent 
to  the  hole,  along  the  90-deg.  plies  nearest  to  the  surface. 


After  additional  load  cycles,  delaminations  adjacent  to  the  90-deg.  plies  stabilized  in  size, 
while  those  along  the  0-deg.  plies  continued  to  grow,  albeit  slower  than  before.  During  this 
second  stage  of  life,  the  rate  of  damage  growth,  as  evidenced  by  the  stiffness  record  in 
Figure  22  on  page  66,  was  slower  than  at  other  times  in  the  fatigue  lifetime.  Off-axis  matrix 
cracks  emanating  from  the  hole  reached  off-axis  matrix  cracks  growing  inward  from  the 
edges,  and  some  interior  0,  ply  groups  fractured  locally  near  the  hole.  Two  general  types  of 
damage  patterns  became  evident  at  this  time  in  the  fatigue  lifetime.  The  first  was  character¬ 
ized  by  the  longitudinal  growth  of  0/45  delaminations,  particularly  at  the  interfaces  closest  to 
the  surface,  and  also  by  little  or  no  0-deg.  ply  fracture  in  the  interior  of  the  laminate.  The 
second  type  of  damage  pattern  was  characterized  by  the  fracture  of  all  0-deg.  plies  near  the 
hole,  and  a  more  transversely-oriented  direction  of  damage  associated  with  those  0-deg.  ply 
fractures.  Apparently,  the  "high"  load  level  chosen  for  the  current  test  program  was  on  the 
transition  between  load  levels  that  caused  dramatically  different  damage  patterns.  Cyclic  load 
levels  above  29.4  ksi  favored  0-deg.  ply  fracture  and  the  transverse  mode  of  damage  growth, 
while  loads  below  29.4  ksi  favored  the  longitudinal  mode  of  damage  growth  and  little  0-deg. 
ply  fracture  until  the  second  half  of  the  fatigue  lifetime  (see  the  next  section  on  low-load 
damage  mechanisms).  Radiographs  of  a  typical  middle-life  residual  strength  specimen  are 
shown  in  Figure  34b  and  Figure  35b.  This  particular  example  illustrates  the  fiber  fracture 
dominated  mode  of  damage  growth,  as  evidenced  by  the  broken  0-deg.  ply  groups  in  the  in- 
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Radiographs  of  csntar-notchad,  AS4/1808,  (0,45,90,-45)t4  apadmans  during  high-load 
fatlgua:  (a)  early;  (b)  middle;  and  (c)  late  life 
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Figure  36.  A  daplied,  centar-notchad,  AS4/1808,  (0,45, 90, -45)^  apaciman  at  an  aarly  ataga  of 
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tenor  of  the  laminate  (sea  the  edge  view  radiograph).  The  several  interfaces  adjoining  a 
O-deg.  ply  group  fracture  site  delaminated  faster  than  the  remaining  interfaces,  resulting  in 
an  unstable-type  of  non-symmetric  damage  growth  and  compressive  instablity. 

Near  the  end  of  the  high-load  fatigue  lifetime,  most  of  the  O-deg.  ply  groups  fractured  near 
the  hole.  Some  of  these  internal  O-deg.  ply  fracture  paths  grew  away  from  the  hole  in  the 
same  manner  as  the  surface  O-deg.  ply  fractures  described  earlier.  The  ply  fracture  paths  and 
associated  matrix  damage,  however,  covered  a  larger  area  in  the  surface  plies.  The  rate  of 
damage  growth  during  the  last  10  percent  of  life  accelerated  greatly,  as  evidenced  by  the 
stiffness  data  in  Figure  22a.  In  a  typical  late-life  residual  strength  specimen  (Figure  34c  and 
Figure  35c),  delaminations  extended  across  nearly  the  entire  width.  Sketches  of  damage  on 
the  interfaces  of  a  deplied  late-life  specimen  near  fatigue  failure  are  shown  in  Figure  37. 
Numerous  ply  fractures  in  the  0-,  45-,  and  -45-deg.  plies  formed  a  nearly  continuous  crack 
through  the  thickness  of  the  specimen  near  the  transverse  centerline  through  the  hole.  The 
close  association  between  internal  ply  fractures  and  delaminations  was  also  indicated  in  the 
deply  data.  In  all  observed  cases,  fatigue  failure  was  by  delamination  of  the  outer  plies  and 
crushing  of  the  less-delaminated  interior  plies. 

4.3. 1.2  Low  Load  Level 

The  low  load  level,  22.6  ksi,  resulted  in  fatigue  lifetimes  of  500K  to  3.5M  cycles.  As  early 
as  the  first  cycle,  O-deg.  matrix  cracks  initiated  and  grew  tangent  to  the  hole  and  off-axis  ply 
matrix  cracks  initiated  and  grew  roughly  perpendicularly  to  the  hole.  These  were  followed  by 
-45-  and  +  45-deg.  matrix  cracks  tangent  to  the  hole.  In  the  first  1000  cycles,  delaminations 
initiated  on  the  outermost  0/45  interfaces  in  all  four  quadrants  around  the  notch  (usually  be¬ 
ginning  in  the  even  quadrants)  and  on  the  outermost  90-deg.  ply  interfaces.  Eventually,  all 
0/45  interfaces  delaminated  in  a  similar  fashion  through  the  thickness,  as  did  the  90-deg.  ply 
interfaces.  The  near-surface  0/45  delaminations  remained  larger,  though,  for  the  remainder 
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of  the  lifetime.  At  the  time  of  the  early-life  residual  strength  measurement,  incremental  step- 
type  fractures  in  the  surface  0-deg.  plies  had  formed  along  the  underlying  45-deg.  matrix 
cracks,  though  they  were  less  pervasive  than  in  the  high-load  specimens  (i.e.,  they  were  in¬ 
terspersed  with  0-deg.  strip  delaminations  which  prevented  their  occurrence)  (Figure  38a  and 
Figure  39a).  Sketches  of  damage  in  a  deplied,  early-life  specimen  (Figure  40)  indicated  that 
0/45  interface  delaminations  were  larger  when  closer  to  the  surface,  but  45/90  and  90/-45 
interface  delaminations  were  about  the  same  size  through  the  thickness. 

Additional  load  cycles  caused  continued  growth  of  the  0/45  interface  delaminations,  espe¬ 
cially  at  locations  closer  to  the  surface.  The  90-deg.  ply  delaminations  remained  confined  to 
the  area  bounded  by  the  45-  and  -45-deg.  matrix  cracks  tangent  to  the  hole  boundary  for  much 
of  the  second  stage  of  the  fatigue  lifetime.  In  the  third  of  five  observed  stages  of  the  fatigue 
lifetime  in  these  specimens,  the  sudden,  rapid  change  in  stiffness  shown  in  Figure  22  on  page 
66  at  approximately  40-60  percent  of  the  lifetime  was  caused  by  the  rapid  growth  (and  subse¬ 
quent  arrest)  of  strip-like  delaminations  on  the  outermost  0/45  interface  between  the  hole  and 
the  grips,  particularly  in  the  even  quadrants.  Typical  radiographs  of  middle-life  residual 
strength  specimens  resembled  those  shown  in  Figure  38b  and  Figure  39b.  Usually,  delami¬ 
nations  under  one  or  both  of  the  surface  0-deg.  plies  extended  outward  to  at  least  one  straight 
edge.  However,  only  occasionally  had  0/45  interface  delaminations  in  the  interior  of  the  lam¬ 
inate  grown  transversely  to  the  hole  at  half  of  the  lifetime. 

In  the  fourth  stage  of  fatigue  lifetime,  matrix  damage  intensified  in  the  ligaments  of  material 
adjacent  to  the  notch  (little  stiffness  change  occurred  during  this  time).  During  the  last  (fifth) 
stage  of  life,  interior  0-deg.  ply  fractures  occurred  near  the  notch  and  surface  ply  delami¬ 
nations  grew  rapidly  toward  the  straight  edges.  As  in  other  cases  mentioned  earlier,  these 
delaminations  initiated  along  an  underlying  -l-45-deg.  matrix  crack  and  rapidly  formed  strip¬ 
like  delaminations  along  longitudinal  0-deg,  matrix  cracks.  Frequently,  0-deg.  ply  fractures 
and  straight  edge  delaminations  associated  with  the  surface  plies  grew  such  that,  when 
combined  with  the  delaminations  growing  outward  from  the  hole,  a  continuous  delamination 
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Radiograph*  of  cantar-notchod,  AS4/180S,  (0I4S,90,-4S)M  specimen* 
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damage  development  under  the  tow  load  level 


extending  from  the  notch  to  one  or  both  of  the  straight  edges,  along  the  entire  gage  length 
was  formed.  Interior  interface  delaminations  also  grew  longitudinally  near  the  end  of  life,  as 
shown  in  the  radiographs  of  a  typical  late-life  residual  strength  specimen  in  Figure  38c  and 
Figure  39c. 

Sketches  of  damage  seen  in  a  deplied  late-life  specimen  reinforced  the  radiographic  data 
by  also  indicating  a  larger  extent  of  delamination  on  interfaces  closer  to  the  surface 
(Figure  41).  Compared  to  the  high-load  specimens,  there  was  a  greater  difference  in  the  ex¬ 
tent  of  near-surface  versus  interior  delaminations  in  the  low-load  specimens.  Near  failure, 
delaminations  beyond  the  third  or  fourth  interfaces  from  each  surface  were  similar  in  shape 
and  size  with  both  load  levels.  Ply  fractures  in  most  O-deg.  plies  in  the  laminate  initiated  and 
grew  close  to  the  longitudinal  centerline  of  the  hole.  As  indicated  by  the  stiffness  record  in 
Figure  22  on  page  66,  the  rate  of  damage  growth  accelerated  rapidly  near  the  end  of  life. 
Failure  of  all  specimens  under  the  low  load  level  was  by  delamination  of  the  exterior  plies  and 
crushing  of  the  interior  plies. 

4.3.2  Double-Edge-Notched  Specimens 

4.3.2.1  High  Load  Level 

The  high  load  level  for  double-edge-notched,  AS4/1808,  (0,45,90,-45)*4  specimens,  31.3  ksi, 
resulted  in  fatigue  lifetimes  between  6K  and  80K  cycles.  The  unusually  wide  disparity  in  fa¬ 
tigue  lifetimes  was  caused  by  the  same  type  of  failure  mode  transition  seen  in  the  CN  speci¬ 
mens.  Overall,  damage  mechanisms  in  DEN  specimens  were  similar  to  those  in  CN 
specimens.  However,  since  these  particular  DEN  specimens  were  analyzed  for  stress  redis¬ 
tribution  and  residual  strength  data,  radiographs  of  specimens  at  all  three  residual  strength 
stopping  points  have  been  included  in  Figure  42  and  Figure  43. 
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igi  development  under  the  low  loed  level 


Figure  41  (Concluded) 


Fetigue  Oemage  Mechanieme 


Radiographs  of  double-odge-notched,  AS4/1806,  (0,45,90,-45),*  apecimans  during 
high>ioad  fatigua:  (a)  early;  (b)  middle,  and  (cl  late  life 


Early-life  specimens  contained  incremental  fractures  of  the  surface  0-deg.  plies  along  the 
+45-deg.  directions,  tangent  to  the  notches.  Longitudinal  delaminations  extending  from  the 
notches  grew  faster  in  the  even  quadrants  than  in  the  odd  quadrants,  as  shown  in  the 
middle-life  radiographs. 

Radiographs  of  middle-life  specimens  showed  signs  of  the  failure  mode  transition  seen 
previously  in  CN  specimens.  As  was  the  case  with  CN  specimens,  the  "high”  load  level  cho¬ 
sen  for  DEN  specimens  was  on  the  transition  between  ply  fracture  dominated  behavior  and 
delamination  dominated  behavior.  Those  specimens  with  the  "high"-!oad  mode  of  damage 
contained  ply  fractures  near  the  notches  in  the  outermost  and  second  outermost  0-deg.  plies 
by  50  percent  of  life.  Those  specimens  with  the  “low"-load  mode  of  damage  had  no  internal 
0-deg.  ply  fractures  at  this  same  percentage  of  life.  The  middle-life  specimen  shown  in 
Figure  42b  and  Figure  43b  is  following  the  low-load  type  behavior. 

Late-life  specimens  typically  had  0-deg.  ply  fractures  in  one  or  more  of  the  internal  0-deg. 
ply  groups.  Delaminations  on  the  outermost  0/45  interfaces  generally  spanned  most  or  all  of 
the  distance  between  the  notches.  Specimens  dominated  by  0-deg.  ply  fracture,  such  as  the 
one  shown  in  Figure  42c  and  Figure  43c,  had  less  longitudinal  growth  of  delaminations,  more 
internal  0-deg.  ply  fractures,  and  significantly  shorter  fatigue  lifetimes  than  those  dominated 
by  near-surface  0/45  interface  delaminations.  Failure  in  all  high-load  tests  was  compressive, 
however.  Figure  44  shows  the  post-failure  appearance  of  specimens  with  each  of  the  two 
types  of  damage  development.  Note  that  the  delamination-dominated  specimen  failed  across 
a  section  of  material  that  does  not  pass  through  the  notches.  In  both  cases,  though,  the  failure 
mode  was  delamination  of  the  outermost  plies,  and  crushing  of  the  internal,  less  delaminated 
plies. 


4.3.2.2  Low  Load  Level 
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The  low-load  level  in  double-edge-notched,  AS4/1808,  (0,45,90,-45)t4  specimens,  26.5  ksi,  re¬ 
sulted  in  fatigue  lifetimes  between  400K  and  1M  cycles.  Only  preliminary  data  were  available 
on  this  type  of  test  as  of  this  writing,  but  it  can  be  said  with  confidence  that  damage  mech¬ 
anisms  were  similar  to  the  low-load  CN  specimens.  The  late-life  radiograph  shown  in 
Figure  45  indicates  that  large  delaminations  under  the  0-deg.  surface  ply  extended  over  the 
entire  gage  length  of  the  specimen.  In  addition  to  the  usual  0-deg.  surface  ply  step-wise 
fractures  along  the  +  45-deg.  direction,  this  particular  specimen  had  one  additional  0-deg. 
ply  fracture  at  the  second-outermost  0-deg.  ply  group.  Fatigue  failure  of  this  type  of  specimen 
was  in  compression  after  near-surface  delaminations  grew  unstably  and  interior  plies  were 
crushed. 


4.4  AS4I1808,  Orthotropic  Laminate 


4.4.1  Center-Notched  Specimens 

4. 4. 1.1  High  Load  Level 

The  high  load  level  for  center-notched,  AS4/1808,  (0,45,0,-45)*4  specimens,  44.2  ksi,  resulted 
in  fatigue  lifetimes  of  3K  to  16K  cycles.  After  one  load  cycle,  matrix  cracks  appeared  in  all 
plies  around  the  notch.  The  0-deg.  matrix  cracks  initiated  and  grew  tangentially  to  the  hole, 
and  were  longest  in  the  even  quadrants.  Secondary  +45-deg.  matrix  cracks  initiated  along 
the  0-deg.  tangent  cracks,  as  did  +45  deg.  ply  incremental  fractures  (Figure  26b).  The  45-deg. 
ply  fracture  paths  were  approximately  half  as  tong  as  the  0-deg.  matrix  cracks  they  paralleled. 
Delaminations  occurred  within  the  next  10  cycles  at  the  outermost  45/0  and  0/-45a  interfaces 
in  the  second  and  fourth  quadrants  where  the  0-deg.  tangent  cracks  met  the  hole  boundary. 
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Within  the  next  100  cycles,  delaminations  existed  on  all  interfaces  between  plies  of  different 
orientation.  Delaminations  adjacent  to  the  outermost  -45*  ply  groups  were  the  largest  of  all 
delaminations  in  the  longitudinal  direction.  The  interaction  of  0-deg.  matrix  cracks  and  adja¬ 
cent  +45-deg.  ply  fracture  paths  that  occurred  in  the  even  quadrants  did  not  materialize  in  the 
odd  quadrants  because  the  +  45-deg.  plies  bear  significant  load  only  in  the  even  quadrants 
(i.e.  those  quadrants  where  the  +45-deg.  fibers  do  not  intersect  the  hole  boundary).  The 
-45-deg.  plies  did  not  fracture  near  adjacent  matrix  cracks  due  to  their  double  thickness  in  this 
lamination  arrangement.  In  radiographs  of  an  early-life  residual  strength  specimen 
(Figure  46a  and  Figure  47a),  a  small  0-deg.  ply  fracture  step  appeared  in  the  first  quadrant, 
at  the  intersection  of  the  0-  and  -45-deg.  matrix  cracks  tangent  to  the  hole.  In  the  edge-view 
radiograph,  it  can  be  seen  that  this  fracture  step  extends  through  the  first  three  plies.  This 
fracture  likely  initiated  in  the  third  ply  because  of  the  stress  disturbance  caused  by  the  adja¬ 
cent  -45-deg.  matrix  crack.  Based  on  audible  acoustic  emissions  and  visual  observations,  it 
is  known  that  the  step-wise  0-deg.  ply  fractures  occurred  during  compressive  load  excursions. 
Sketches  of  the  damage  seen  in  a  deplied  early-life  specimen  (Figure  48)  indicated  that,  in  the 
absence  of  surface  ply  fracture,  the  patterns  of  matrix  damage  through  the  thickness  of  the 
specimen  were  nearly  identical. 

With  additional  load  cycles,  delaminations  along  the  -45*  ply  groups  grew  along  the  large 
0-deg.  matrix  cracks  in  the  even  quadrants.  Delaminations  on  -45-deg.  ply  interfaces  farther 
from  the  surface  grew  slower  than  those  closer  to  the  surface  during  the  first  half  of  fatigue 
life.  Delaminations  on  the  0/45  interfaces  grew  little,  if  at  all,  unless  a  0-deg.  ply  fracture  was 
present,  in  which  case  substantial  growth  resulted.  By  the  middle-life  strength  measurement 
point,  delaminations  near  the  tip  of  the  0-deg.  tangent  cracks  in  the  even  quadrants  had  typi¬ 
cally  initiated  and  grown  a  short  distance  from  the  notch  (Figure  46b  and  Figure  47b).  Near 
the  points  where  -45-deg.  matrix  cracks  tangent  to  the  hole  intersected  the  0-deg.  tangent 
cracks  and  their  associated  +  45-deg.  ply  fracture  paths  in  the  even  quadrants,  the  second 
0-deg.  ply  from  the  surface  often  broke  during  a  compressive  load  excursion  and  caused  a 
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Figure  48.  A  deplled,  center-notched,  AS4/1808,  (0,45,0, -4S),4  a pecimen  at  an  early  atage  of 
damage  development  under  the  high  load  level 


dynamic  crack  to  propagate  to  the  surface  of  the  specimen.  In  Figure  47b,  however,  the  crack 
did  not  propagate  to  the  surface,  but,  instead,  caused  delaminations  on  the  two  outermost 
interfaces.  In  general,  the  initiation  of  0-deg.  ply  fractures  occurred  near  large  matrix  cracks 
in  the  45-  and  -45-deg.  plies.  Growth  of  0-deg.  ply  fracture  paths  was  along  either  the  +45- 
or  -45-deg.  direction  (or  both,  in  alternate  fashion),  depending  on  the  peculiar  orientations  of 
the  plies  adjacent  to  the  0-deg.  ply  and  the  local  stress  fields  associated  with  damage  in  those 
plies. 

Sketches  of  a  deplied  middle-life  specimen  (Figure  49)  indicated  that  delaminations  along 
the  -452  ply  groups  were  growing  along  0-deg.  matrix  cracks  tangent  to  the  hole  in  the  even 
quadrants.  Ply  fracture  paths  in  the  45-deg.  plies  were  nearly  as  long  as  the  0-deg.  matrix 
cracks  which  they  followed.  There  was  little  difference  in  the  damage  patterns  through  the 
thickness  of  the  laminate. 

During  the  second  half  of  the  fatigue  life,  up  to  approximately  the  last  10  percent  of  life, 
delaminations  along  the  -45*  plies  grew  at  a  somewhat  constant  rate.  During  this  time,  0-deg. 
ply  fractures  on  the  surfaces,  along  with  the  associated  matrix  cracking  and  delamination  of 
the  surface  0-deg.  plies,  approached  the  straight  edges  of  the  specimen.  During  the  last  10 
percent  of  life,  delamination  growth  rates  accelerated  greatly,  and  crushing  of  the  interior 
plies  caused  fatigue  failure  of  the  specimen.  Figure  46c  and  Figure  47c  show  a  typical  late- 
life  damage  state,  just  prior  to  fatigue  failure.  Most  late-life  damage  growth  occurred  in  the 
even  quadrants,  remote  from  the  hole.  The  difference  in  the  longitudinal  extents  of  delami¬ 
nation  as  a  function  of  distance  from  the  surface  decreased  toward  the  end  of  life. 

Sketches  of  the  damage  seen  in  a  deplied,  late-life  specimen  (Figure  50)  revealed  that 
delaminations  initiated  and  grew  near  0-deg.  ply  fracture  sites  in  the  two  outermost  0-deg. 
plies.  The  45-deg.  ply  fracture  paths  were  still  the  same  length  as  the  0-deg.  matrix  cracks 
tangent  to  the  hole.  Ply  fracture  paths  in  0-deg.  plies  bounded  by  only  +  45-deg.  plies  always 
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followed  the  +45-deg.  direction,  while  those  in  0-deg.  plies  bounded  by  +45-  and  -45-deg. 
plies  followed  either  the  +45*  or  -45-deg.  directions. 

4.4. 1.2  Low  Load  Level 

The  low  load  level  for  center-notched,  AS4/1808,  (0,45,0,-45)^  specimens,  33.1  ksi,  resulted 
in  fatigue  lifetimes  of  200K  to  900K  cycles.  During  the  first  load  cycle,  -45-deg.  matrix  cracks 
initiated  and  grew  nearly  perpendicularly  to  the  hole,  and  0-deg.  matrix  cracks  initiated  and 
grew  tangentially  to  the  hole.  During  the  next  10  cycles,  +  45-deg.  matrix  cracks  initiated 
nearly  perpendicularly  to  the  hole.  After  about  one  thousand  cycles,  delaminations  initiated 
in  all  four  corners  formed  by  the  intersection  of  the  0-deg.  tangent  cracks  and  the  hole 
boundary,  on  the  outermost  0/45  and  Q/-45  interfaces.  The  length  of  the  0-deg.  tangent  cracks 
in  all  four  quadrants  up  to  this  time  were  roughly  equivalent.  After  about  5K  cycles,  these 
cracks  became  longer  in  the  even  quadrants  as  the  +45-deg.  plies  began  to  fracture  along 
the  0-deg.  tangent  cracks  in  those  quadrants.  Compared  with  the  high-load  specimens,  the 
45-deg.  ply  fracture  paths  followed  behind  the  tips  of  the  0-deg.  tangent  cracks  more  in  the 
low-load  specimens.  At  the  early-life  residual  strength  measurement  point,  delaminations 
were  located  mostly  between  the  0-deg.  tangent  cracks,  adjacent  to  the  -45-deg.  ply  groups 
(Figure  51a  and  Figure  52a),  although  these  delaminations  did  extend  somewhat  into  the 
ligaments  of  material  transverse  to  the  hole.  Also  at  this  time,  delaminations  were  longest 
on  the  outermost  -45-deg.  ply  interfaces  (Figure  53). 

Before  half  of  the  fatigue  lifetime  was  exceeded,  0/45  interface  delaminations  beneath  the 
surface  0-deg.  plies  overtook  the  -452  ply-group  delaminations  in  length  because  of  the  pres¬ 
ence  of  delamination-inducing  0-deg.  ply  fractures  on  the  surfaces.  At  the  middle-life  residual 
strength  measurement  point,  delaminations  adjacent  to  the  -45-deg.  plies  were  growing 
transversely  to  the  hole,  as  evidenced  by  the  continuous  dark  lines  crossing  the  centerline  of 
the  notch  in  the  edge  radiograph  (Figure  51b  and  Figure  52b).  The  deply  data  also  indicated 
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Radiograph*  of  cantar-notchad,  AS4/1S09,  (0,45,0,-45)i4  apeclmena  during  low-load  fa¬ 
tigue:  la)  early;  (b)  middle;  and  (c)  late  life 


Surface 
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a  disparity  in  the  damage  patterns  as  a  function  of  distance  from  the  surface  that  emerged 
by  half  of  the  lifetime  (Figure  54).  The  tips  of  the  45-deg.  ply  fracture  paths  lagged  behind  the 
0-deg.  tangent  cracks,  particularly  in  the  plies  farthest  from  the  surface  (unlike  the  high-load 
specimens).  Zero-deg.  ply  fracture  paths  initiated  and  grew  closer  to  the  hole  centerline  than 
in  the  high-load  specimens. 

During  the  second  half  of  the  fatigue  life,  0/-45  interface  delaminations  near  the  tips  of  the 
0-deg.  matrix  cracks  constituted  most  of  the  new  damage  growth.  Matrix  cracks,  surface 
O-deg.  ply  incremental  fracture  paths  along  the  45-deg.  direction,  and  delaminations  adjacent 
to  the  surface  0-deg.  plies  grew  into  the  load-bearing  ligaments  of  material  aside  the  notcn. 
In  a  typical  late-life  residual  strength  specimen  (Figure  51c  and  Figure  52c),  surface  ply  <i's- 
laminations  extended  almost  entirely  over  the  specimen's  gage  length.  No  interior  0-deg.  ply 
fractures  were  seen  in  the  low-load  specimens.  Therefore,  the  only  fiber  fracture  mechanism 
observed  in  the  interior  of  the  laminate  was  +  45-deg.  ply  fracture.  Fatigue  failure  of  the 
specimens  was  by  unstable  delamination  growth  and  crushing  of  the  interior,  less- 
delaminated  plies. 

Deply  data  (Figure  55)  supported  the  above  observations,  and  indicated  that  the  paths  of 
fiber  fracture  along  the  0-deg.  tangent  cracks  in  the  45-deg.  plies  were  shorter  in  the  low-load 
specimens  than  in  the  high-load  specimens.  In  the  low-load,  late-life  deply  specimen,  there 
was  also  a  larger  disparity  in  the  damage  patterns  as  a  function  of  location  through  the 
thickness,  compared  to  specimens  at  an  earlier  stage  of  life  or  specimens  cycled  at  the  high 
load  level. 


4.4.2  Double-Edge-Notched  Specimens 
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Figure  54.  A  depiied,  center-notched,  AS4M806,  (0,45,0, *45)»»  specimen  et  e  middle  stage  of 
damage  development  under  the  low  load  level 
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Data  for  double-edge-notched,  AS4/1808,  (0,45,0,-45)s4  specimens  were  available  for  only 
the  high  load  level,  45.3  ksi.  Fatigue  lives  with  this  load  level  were  between  IK  and  24K  cy¬ 
cles.  Damage  and  failure  mechanisms  were  similar  to  those  reported  for  CN  specimens  under 
the  high  load  level.  Stepwise,  0-deg.  ply  fractures  initiated  and  grew  along  both  +45-  and 
-45-deg.  ply  matrix  cracks  tangent  to  the  notches.  The  late-life  specimen  shown  in  Figure  56 
contains  delaminations  at  the  first  four  interfaces  that  extend,  in  varying  amounts,  across  the 
distance  between  the  notches. 


4.5  Summary  of  Damage  Mechanisms 


Damage  mechanisms  in  the  two  materials  investigated  presently,  AS4/1808  and 
AS4/3501-6,  were  fundamentally  similar  for  a  particular  load  level  and  lamination  arrange¬ 
ment.  Matrix  cracks,  delaminations,  and  ply  fractures  were  evident  in  all  cases  studied,  but 
the  distribution,  relative  quantity,  and  interaction  of  these  damage  types  depended,  in  order 
of  decreasing  influence,  on  the  lamination  arrangement,  load  level,  material  system,  and  notch 
configuration. 


4.5.1  Effect  of  Lamination  Arrangement 


Damage  in  the  (0,45,0,-45)*4  specimens  was  more  directional  than  damage  in  the 
(0,45,90,-45)*4  specimens  due  to  the  more  highly  anisotropic  strength  properties  of  the 
orthotropic  laminate.  Specifically,  lines  of  intense  damage  tangent  to  the  notch  in  the  load 
direction  were  more  prominent  in  the  orthotropic  laminate  because  of  this  laminate’s  lower 
in-plane  shear  strength  along  this  path.  The  early  presence  of  large  matrix  cracks  tangent  to 
the  notch  in  all  0-deg.  plies  caused  failure  of  the  +45-deg.  plies  along  this  tangent  path  in  the 
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even  quadrants  around  the  notch,  in  cases  where  the  +  45-deg.  fibers  carried  a  significant 
load.  Once  the  + 45-deg.  plies  broke  along  the  0-deg.  matrix  cracks  in  the  even  quadrants 
and  interacted  with  the  matrix  cracks,  these  0-deg.  tangent  damage  zones  grew  more  rapidly 
than  the  odd  quadrant  damage  zones.  Delaminations  in  the  orthotropic  laminate  were  largest 
along  the  -45*  ply  groups  in  the  even  quadrants.  Smaller  delaminations  were  noted  along  the 
0-deg.  ply  interfaces.  The  concentration  of  damage  at  the  tips  of  the  0-deg.  tangent  damage 
zones  in  the  even  quadrants  resulted  in  essentially  undamaged  ligaments  of  material  adjacent 
to  the  notch.  This  situation  existed  until  the  last  stage  of  fatigue  lifetime,  when  delaminations 
grew  over  much  of  the  gage  length. 

Incremental  compressive  fractures  of  the  surface  0-deg.  plies  along  the  +45-deg.  direction 
occurred  in  both  laminates.  Later  in  the  fatigue  lifetime,  similar  fracture  paths  occurred  in 
interior  0*  ply  groups  located  between  +45-deg.  plies.  Single-thickness  0-deg.  plies  in  the 
interior  of  the  orthotropic  laminate  were  located  adjacent  to  +45-  and  -45-deg.  plies,  and 
fractured  in  compression  near  the  intersection  of  the  0-  and  -45-deg.  matrix  cracks  that  origi¬ 
nated  tangent  to  the  notch.  These  internal  ply  fractures  grew  incrementally  along  either  the 
+  45-  or  -45-deg.  direction  (or  both,  in  alternate  fashion),  and  served  as  precursors  for  the 
transverse  growth  of  delamination  in  the  orthotropic  laminate  near  the  end  of  life. 

The  damage  pattern  in  the  (0,45,90,-45)f«  specimens  reflected  the  influence  of  the  off-axis 
plies  (comprising  75  percent  of  the  thickness  of  this  laminate).  Matrix  crack  growth  in  the 
90-deg.  plies  led  to  a  more  transversely-oriented  growth  of  delamination  from  the  notch  at  an 
earlier  fraction  of  life.  The  implications  of  these  significant  differences  in  delamination  char¬ 
acteristics  shall  become  evident  in  the  discussions  on  residual  strength  later.  The  incidence 
of  step-wise  0-deg.  ply  fracture  was  higher  in  the  quasi-isotropic  laminate,  especially  in  the 
internal  0-deg.  ply  groups.  Both  laminates  failed  during  a  compressive  load  cycle  after  near¬ 
surface  delaminations  grew  in  an  unstable  manner  and  the  internal  plies  crushed  near  the 
notch(es). 
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4.5.2  Effect  of  Load  Level 


I 


The  high  load  level  resulted  in  a  more  concentrated,  or  localized,  damage  pattern  than  the 
low  load  level.  Though  the  fundamental  damage  modes  present  in  both  loading  regimes  were 
identical,  their  relative  abundance  and  degree  of  interaction  depended  highly  on  the  maximum 
load  level  (or,  perhaps,  the  loading  rate,  since  all  tests  were  run  at  the  same  frequency,  not 
stress  rate).  For  instance,  in  all  specimens  studied,  damage  under  the  high  load  was  more 
directionally-oriented  than  under  the  low  load.  With  low  loads,  incremental  ply  fractures  and 
delaminations  near  the  surface  of  the  specimens  were  significantly  more  extensive  than  sim¬ 
ilar  damage  modes  farther  from  the  surface.  This  difference  was  less  evident  under  high 
loads. 

In  (0, 45,90, -45)s4  specimens,  damage  grew  preferentially  along  the  transverse  centerline 
through  the  notch  during  high-load  fatigue.  Damage  in  low-load  fatigue  specimens  grew  by 
essentially  the  same  mechanisms,  but  over  a  larger  area  of  the  specimen,  often  resulting  in 
nearly-completely  delaminated  surface  plies.  Delaminations  on  0/45  interfaces  closer  to  the 
surface  had  greater  longitudinal  dimensions  than  similar  interfaces  located  in  the  interior  of 
the  laminate.  This  difference  was  greater  in  low-load  specimens  than  in  high-load  specimens. 
Only  the  low-load  specimens  developed  longitudinal  delaminations  of  the  0-deg.  surface  ply 
that  extended  from  the  notch  to  the  grips  (usually  in  the  even  quadrants,  at  first),  causing  a 
large  middle-life  stiffness  reduction.  Conceptually,  the  critical  size  for  unstable  delamination 
growth  should  be  higher  during  lower  compressive  load  excursions.  Lower  loads  should, 
therefore,  result  in  more  delamination/  since  fatigue  failure  in  all  cases  was  by  the  unstable 
delamination  of  near-surface  0-deg.  plies  and  the  resulting  overload  of  interior  plies.  Matrix 
cracks  always  appeared  over  a  larger  area  in  the  low-load  specimens.  The  last  important 
difference  between  high-  and  low-load  damage  mechanisms  in  (0,45,90,-45)S4  laminates  was 
the  earlier  occurrence  of  interior  0-deg.  ply  fracture  under  high  loads.  If  such  fractures  oc¬ 
curred  at  all  in  the  low-load  specimens,  they  occurred  during  the  last  10  percent  of  life. 
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In  high-load  (0,45,0,-45)*4  specimens,  O-deg.  ply  fracture  was  seldom  blunted  by  the  occur- 
i  rence  of  delaminations  that  isolated  the  subject  O-deg.  ply  from  its  cracked,  off-axis  neighbors. 

Instead,  through-the-thickness  fractures  in  principal  load  bearing  plies  (along  with  delami¬ 
nation  in  their  wake)  continued  to  grow,  eventually  causing  compressive  fatigue  failure.  In  the 
|  low-load  specimens,  O-deg.  ply  fractures  near  the  tips  of  the  O-deg.  tangent  cracks  were  fre¬ 

quently  preempted  by  delaminations  along  the  -45t  ply  groups  in  this  same  locale.  Without  the 
influence  of  a  bonded  neighboring  ply,  O-deg.  ply  fractures  were  never  observed.  The  same 
|  can  be  said  for  the  +  45-deg.  ply  fracture  paths  that  followed  the  adjacent  O-deg.  matrix  cracks 

tangent  to  the  notch  in  the  even  quadrants.  No  such  fractures  occurred  after  the  growth  of 
delaminations  between  the  0-  and  + 45-deg.  plies. 

Under  low-level  cyclic  loads,  there  was  less  interaction  of  damage  modes  in  adjacent  plies 
in  the  (0,45,0,-45)s4  laminate.  For  example,  the  45-deg.  ply  fracture  paths  tangent  to  the  notch 
were  nearly  the  same  length  as  the  O-deg.  ply  matrix  cracks  that  they  paralleled  in  high-load 
:  specimens.  However,  the  45-deg.  ply  fracture  paths  in  low-load  specimens  were  much  shorter 

than  the  O-deg.  matrix  cracks.  In  low-load  fatigue,  there  was  more  matrix  damage  (transverse 
cracks  and  delaminations)  than  in  high-load  fatigue,  and  that  damage  was  more  evenly  re- 
j  presented  in  all  four  quadrants  around  the  notch.  Damage  in  the  high-load  specimens  was 

relatively  more  concentrated  in  the  even  quadrants,  especially  in  the  first  half  of  the  fatigue 
lifetime. 

4.5.3  Effect  of  Material  System 


Transverse  matrix  cracks  appeared  over  a  greater  area  and  with  a  greater  density  in  the 
3501-6  material  than  in  the  1808  material.  Delaminations  were  approximately  equivalent  in 
location,  size,  and  extent  in  both  materials.  More  precisely,  the  1808  high-load  specimens  had 
larger  surface  ply  delaminations  than  the  3501-6  high-load  specimens,  but  this  effect  could 
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have  been  caused  by  the  slightly  longer  fatigue  lives  in  the  1808  material  at  the  chosen  high 

load  levels  (longer  fatigue  lives  corresponded  with  larger  delaminations).  The  1808  speci-  < 

mens  displayed  0-  and  45-deg.  ply  fracture  modes  earlier  and  over  a  larger  area  than  did  the 

3501-8  specimens.  Therefore,  the  competing,  strip-like  delaminations  of  the  surface  0-deg. 

plies  were  more  likely  to  occur  in  the  3501-6  specimens  than  in  the  1808  specimens.  j 

In  the  (0,45,0.-45)*4  specimens,  material  comparisons  could  be  made  only  at  the  high  load 
level.  The  skewed  appearance  of  the  damage  patterns  was  more  pronounced  in  the  1808 

j 

material  than  in  the  3501-6  material  in  the  second  half  of  the  fatigue  lifetime.  The  1808  mate¬ 
rial  was  also  more  likely  than  the  3501-6  material  to  exhibit  ply  fracture  in  the  second- 
outermost  0-deg.  ply  and  growth  of  such  fractures  along  the  -45-deg.  direction.  These  results 
suggest  that  matrix  damage  in  adjacent  off-axis  plies  had  a  stronger  influence  on  the  fracture 
of  the  0-deg.  plies  in  the  1808  material. 


4.5.4  Effect  of  Notch  Configuration 


There  was  more  scatter  in  the  fatigue  lives  of  DEN  specimens  than  of  CN  specimens  due 
to  the  greater  variability  of  damage  in  the  DEN  specimens.  For  example,  the  AS4/1808, 
(0,45,90,-45)S4  DEN  specimens  tested  under  the  high  load  level  exhibited  greaf  >r  failure  mode 
transitions  than  did  the  CN  specimens  under  the  high  load  level.  The  non-symmetric  devel¬ 
opment  of  damage  was  also  more  prevalent  in  DEN  specimens,  due  to  their  similarity  to 
unnotched  specimens  (i.e.,  less  notch  influence  in  the  damaged  specimen). 

By  the  end  of  life,  longitudinal  surface  ply  delaminations  in  DEN  specimens  were  longer  in 
the  even  quadrants  than  in  the  odd  quadrants.  These  differences  were  less  dramatic  in  the 
CN  specimens.  In  the  DEN  (0,45,90,-45)  *4  specimens,  fatigue  failure  was  often  preceded  by  the 
appearance  of  a  narrow  strip  of  delamination  spanning  the  distance  between  the  notches 
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along  the  outermost  90-deg.  ply.  Life-limiting  delaminations  in  the  CN  specimens  grew  over 
a  shorter  distance  between  the  notch  and  the  straight  edge(s),  but  at  a  slower  rate  than  the 
life-limiting  delaminations  in  the  DEN  specimens.  Hence,  the  last  stage  of  fatigue  life  was 
longer  in  the  CN  specimens  than  in  the  DEN  specimens  (as  seen  in  the  stiffness  records,  Fig¬ 
ure  21  and  Figure  22). 
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V 

Stress  Redistribution  Mechanisms 


Matrix  cracks,  frequently  the  first  damage  mode  to  appear  in  practical  carbon  fiber  rein¬ 
forced  plastic  materials,  set  the  internal  stress  state  for  subsequent  damage  development. 
Insight  into  this  stress  redistribution  problem  was  obtained  with  a  sequence  of  SPATE 
thermographs  of  a  center-notched,  42-ply,  carbon  epoxy  laminate  with  matrix  cracks  that  ini¬ 
tiated  and  grew  in  the  90-deg.  surface  ply  during  tensile  cyclic  loading  (Figure  57).  The  SPATE 
sequence  shown  in  Figure  57  includes  the  undamaged  condition,  90-deg.  crack  initiation,  and 
90-deg.  crack  saturation.  Also  evident  in  the  heavily-damaged  specimen  was  a  near-surface 
delamination  corresponding  to  the  black  (no  temperature  change)  area  surrounding  the  notch. 
There  are  two  special  features  of  the  SPATE  thermographs  that  should  be  noted.  The  first  is 
the  reduction  in-load  carried  by  the  material  immediately  adjacent  to  and  along  the  length  of 
each  90-deg.  matrix  crack.  The  second  is  the  eventual  reduction  of  load  carried  by  the  90-deg. 
surface  ply  over  the  entire  gage-length  of  the  specimen  as  the  crack  spacing  became 
asymptotically  smaller  with  increasing  load  cycles.  In  this  manner,  stress  was  increasingly 
I  transferred  to  undamaged  plies  until  a  saturated  90-deg.  ply  crack  spacing  was  approached. 
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Figure  57.  SPATE  thermographs  ot  matrix  crack  development:  (a)  undamaged;  (b)  after  tensile 
fatigue  (R  —  0.1);  (c)  after  tensile-compressive  fatigue  (R  — -1),  near  fatigue  failure 
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Although  the  delamination  around  the  notch  in  Figure  57c  appeared  in  the  SPATE 
thermograph  as  an  area  of  negligible  temperature  change,  it  would  be  a  misinterpretation  to 
assume  that  this  portion  of  the  surface  ply  carried  no  load  at  all.  Recalling  the  expression  for 
adiabatic  temperature  change  in  a  ply,  AT  =  K 1a1  +  K2a2  ,  it  is  clear  that  certain  nonzero 
combinations  of  stress  components  result  in  no  net  temperature  change,  as  does  the  null 
stress  state.  In  this  particular  case  (Figure  57c),  additional  information  obtained  via 
penetrant-enhanced  X-ray  radiography  suggested  that  the  surface  ply  could  still  carry  load  in 
the  fiber  direction,  but  not  transverse  to  the  fibers. 

Fiber  reinforced  composites  in  structural  applications  are  usually  designed  such  that  most 
of  the  load  is  carried  by  the  fibers.  Therefore,  one  can  expect  significant  disturbances  in  the 
stress  field  to  arise  from  fiber  fracture.  For  example,  recall  Figure  26  on  page  76  illustrating 
the  incremental,  0-deg.  surface  ply  fracture  pattern  often  seen  on  the  surface  of  test  speci¬ 
mens.  Immediately  ahead  of  the  crack  front,  a  zone  of  high  stress  concentration  formed, 
leading  to  a  repetition  of  the  incremental  damage  growth  process.  A  better  appreciation  for 
the  severity  of  this  migrating  zone  of  stress  concentration  is  offered  by  the  SPATE 
thermograph  of  a  AS4/1808,  <0,45,90,-45)S4  specimen  in  Figure  58.  The  adiabatic  temperature 
change  near  the  crack  tip  was  approximately  2.9  times  greater  than  that  in  the  far-field  area 
of  the  laminate,  slightly  greater  than  the  typical  ratio  of  2.8  measured  adjacent  to  the  hole  in 
undamaged  specimens.  Additional  experimental  evidence  obtained  using  the  photoelastic 
coating  technique  also  revealed  the  large  strain  concentration  typically  seen  with  this  type  of 
damage  [58].  Therefore,  not  only  was  there  a  strain  concentration  in  the  intact  O-deg.  fibers 
ahead  of  the  crack  tip,  but  at  least  a  portion  of  the  laminate  underlying  the  surface  damage 
zone  near  the  notch  was  also  subjected  to  a  strong  strain  concentration  due  to  the  local  re¬ 
duction  in  compliance  caused  by  the  0-deg.  ply  fiber  fractures.  Two  directions  of  damage 
growth  during  cyclic  loading,  in-plane  and  through-the-thickness,  were  thus  affected  by 
damage-induced  stress  redistribution. 
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Figure  58.  SPATE  thermograph  of  a  0-deg.  surface  ply  fracture 
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Numerous  parameters  influence  the  details  of  damage  development  and  stress  redistrib¬ 
ution  in  fiber  reinforced  composite  laminates  during  cyclic  loading,  although  only  a  few  have 
been  experimentally  investigated.  Those  that  will  be  discussed  next  are:  lamination  ar¬ 
rangement,  material  system,  loading  regime,  and,  to  a  lesser  extent,  notch  configuration.  The 
discussion  will  focus  on  comparisons,  not  details. 

Lamination  arrangement  influences  the  damage  initiation  and  growth  patterns  in  CFRP 
laminates  because  of  the  anisotropic  strength  characteristics  of  the  individual  plies.  That  is, 
the  matrix-dominated  shear  and  transverse  strengths  are  significantly  lower  than  the  fiber- 
dominated  longitudinal  strength.  SPATE  thermographs  of  (0,45,90, -45)*4  and  (0,45,0,-45)S4 
AS4/1808  laminates  obtained  at  regular  intervals  in  their  respective  fatigue  lifetimes  indicated 
that  their  different  modes  of  fatigue  damage  growth  resulted  in  different  distributions  of  stress 
around  the  notch. 

The  highest  adiabatic  temperature  change  (ATC)  in  the  surface  0-deg.  ply  of  the 
(0,45,90, -45)*  laminate  during  high-load  fatigue  occurred  adjacent  to  the  notch  in  the  undam¬ 
aged  specimen,  but  it  shifted  in  the  transverse  direction  such  that  it  remained  immediately  in 
front  of  the  0-deg.  ply  fiber  fracture  path  or  delamination  zone  (or  both)  growing  from  the 
notch.  Concurrently,  the  ATC  within  the  delaminated  zone  decreased  to  a  value  of  nearly 
zero.  Adiabatic  thermoelastic  emissions  in  four  different  specimens  at  sequential  states  of 
fatigue  life  are  shown  in  Figure  59  and  Figure  60.  The  lower  ATC  measured  within  the 
growing  damage  zone  near  the  notch  was  caused  by  either:  (a)  an  actual  decrease  in  fiber- 
direction  stress  in  those  cases  where  the  surface  0-deg.  ply  has  fractured  and  delaminated  in 
the  incremental  fashion  of  Figure  26  on,  page  76;  or  (b)  the  purely  uniaxial  load  imposed  on 
the  delaminated  strips  of  0-deg.  ply  adjacent  to  the  notch  in  the  absence  of  fiber  fracture. 
Photoelastic  coating  data  in  either  case  indicated  that  strains  inside  the  damage  zone  in¬ 
creased  relative  to  the  undamaged  condition,  and  that  areas  of  high  strain  concentration  also 
existed  immediately  ahead  of  the  advancing  damage  zone  [58],  Fatigue  damage  in  the 
(0,45,90,-45)j4  laminate  followed  the  path  of  the  migrating  zones  of  high  strain  concentration. 
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Figure  59.  SPATE  thermographs  of  four  center-notched.  AS4/1808,  (0.45,90,-45)S4  specimens  dur¬ 
ing  high-load  fatigue:  (a)  undamaged  (back);  (b)  early  life  (front);  (c)  middle  life 
(front);  (d)  late  life  (back) 
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SPATE  data  revealed  only  a  small  change  in  the  uniformity  of  the  far-field  patterns  as  damage 
developed,  a  feature  that  contrasted  with  the  (0,45,0,-45)S4  laminate. 

Correlations  of  the  maximum  ATC  measurements  on  high-load,  (0,45,90,-45)s4  specimens 
with  the  tensile  strength  of  those  same  specimens  were  quite  good  once  inter-specimen  var¬ 
iations  in  the  ATC  remote  from  the  notch  were  eliminated  by  normalizing  the  maximum  ATC 
near  the  notch  by  the  remote  ATC.  In  effect,  "ATC  concentration  factors”  were  used  as 
measures  of  worst-case  stress  concentrations  in  different  specimens.  Dividing  the  ATC  con¬ 
centration  factor  in  the  virgin  specimen  by  the  ATC  concentration  factors  in  the  residual 
strength  specimens  resulted  in  the  expected  strengths  listed  in  Table  6  for  the  (0, 45,90, -45)s4 
specimens  (the  expected  strengths  for  (0,45  0,-45)»4  specimens  were  computed  differently). 
The  actual  tensile  strengths  in  Table  6  were  normalized  by  the  average  strength  of  virgin 
specimens.  Actual  and  expected  strengths  both  increased  up  to  half  of  the  fatigue  lifetime, 
and  decreased  near  fatigue  failure. 

In  AS4/1808,  (0,45,0, -45)*  specimens,  zones  of  high  ATC  moved  longitudinally  along  the 
large  0-deg.  cracks  that  formed  tangent  to  the  notch  in  the  0-  and  45-deg.  plies  (Figure  61  and 
Figure  62).  Near  the  tips  of  these  cracks,  there  were  small  areas  of  stress  concentration  in 
the  load-bearing  ligaments  of  the  0-deg.  plies.  These  zones  shifted  in  the  longitudinal  direc¬ 
tion  as  the  0-deg.  cracks  grew,  and  corresponded  closely  to  the  location  of  tensile  fracture  in 
residual  strength  tests  (shown  later  in  the  chapter  on  residual  strength).  The  maximum  am¬ 
plitude  of  ATC  within  these  small  zones  was  nearly  the  same  as  that  found  adjacent  to  the 
notch  (over  a  larger  area)  in  the  undamaged  specimen.  Photoelastic  coating  data  indicated 
that  high  shear  strain  concentrations  formed  at  the  0-deg.  tangent  crack  tips.  Also,  the 
photoelastic  data  showed  that  regions  of  material  directly  above  and  below  the  notch  (be¬ 
tween  the  0-deg.  tangent  cracks)  became  somewhat  decoupled  from  the  remainder  of  the 
laminate  and  carried  little  load  [58],  This  information  indicates  that  the  stress  distribution  in 
the  (0,45,0,-45)*  laminate  became  increasingly  uniform  as  fatigue  damage  developed  (pro¬ 
vided  no  localized  surface  damage  events  occurred),  resulting  in  a  reduced  notch  effect  as  the 
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Table  6.  Actual  and  expected  normalized  tanaila  strengths  of  center-notched,  AS4/1808  speci¬ 
mens  during  high-load  fatigue 


(0,45, 90,-45)  *4 


(0,45,0,-45)*4 


Specimen 

Estimated 

Identification 

%  of  Life 

3-10 

0 

3-12 

5-10 

3-2 

40-60 

2-3 

2:90 

2-11 

0 

3-3 

5-10 

3-7 

40-60 

2-18 

£90 

Expected 

S/Sft 


t  Strengths  normalized  by  the  average  strength  of  virgin  specimens. 
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Figur*  61 .  SPATE  thermographs  of  four  center-notched,  AS4/1808,  (0,45,0,-45)S4  specimens  during 
high-load  fatigue:  (a)  undamaged  (back);  (b)  early  life  (front);  (c)  middle  life  (front); 
(d)  late  life  (front) 
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two  ligaments  of  material  adjacent  to  the  notch  behaved  more  like  straight-sided  coupons. 
Near  the  end  of  life,  the  maximum  ATC  within  the  ligaments  increased.  This  suggests  that  the 
surface  0-deg.  plies  carried  an  increasing  proportion  of  the  load  as  the  stiffness  of  the 
ligaments  decreased  due  to  off-axis  matrix  cracking. 

Expected  strengths  of  center-notched,  AS4/1808,  (0,45,0,-45)s4,  residual  strength  specimens 
could  not  be  computed  as  they  were  for  (0,45,90,-45)*4  specimens  because  the  far-field  value 
of  ATC  was  zero  in  the  (0,45,0,-45)^  specimens.  (One  cannot  compute  an  ATC  concentration 
factor  by  dividing  the  maximum  ATC  by  zero).  Consequently,  the  highest  value  of  ATC 
measured  in  the  virgin  specimen  was  divided  by  the  highest  value  of  ATC  in  each  residual 
strength  specimen  to  arrive  at  the  expected  strengths  listed  in  Table  6.  The  effect  of  inter¬ 
specimen  variation  in  ATC  was  therefore  not  eliminated  in  the  calculations  for  orthotropic 
specimens  as  it  was  for  quasi-isotropic  specimens.  Despite  this  handicap,  the  expected 
strengths  for  all  stages  of  fatigue  life  except  “early”  followed  the  trends  in  the  actual  tensile 
strengths  of  the  test  specimens  (increasing  up  to  middle  life,  and  decreasing  slightly  near  fa¬ 
tigue  failure).  The  low  expected  strength  of  the  early-life  specimen  resulted  from  the  ex¬ 
tremely  high  value  of  ATC  measured  at  the  tip  of  a  short  0-deg.  ply  fracture  adjacent  to  the 
hole.  Apparently,  the  small  volume  of  highly  stressed  material  in  front  of  the  crack  tip  did  not 
govern  the  failure  of  the  specimen. 

In  summary,  the  statements  one  can  make  regarding  stress  redistribution  in  the  two 
notched  AS4/1808  laminates  examined  are  as  follows: 

1.  Areas  of  major  stress  concentration  were  intrinsically  related  to  the  existing  damage 
state. 

2.  Areas  of  major  stress  concentration  corresponded  to  areas  of  subsequent  damage 
growth. 

3.  Values  of  ATC  corresponded  well  with  trends  in  tensile  strength  during  the  fatigue  life¬ 
time. 
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4.  The  nature  of  stress  redistribution  in  the  orthotropic  laminate  was  such  that  for  a  large 
portion  of  the  fatigue  lifetime  the  two  ligaments  of  material  adjacent  to  the  notch  saw  little 
stress  concentration  due  to  the  original  notch. 

Using  SPATE  data  to  predict  the  tensile  strength  of  specimens  is,  at  best,  unreliable.  For  ex¬ 
ample,  the  expected  strength  increases  of  the  quasi-isotropic  specimens  in  Table  6  were 
higher  than  the  expected  strength  increases  of  the  orthotropic  specimens.  In  reality,  the 
orthotropic  specimens  had  higher  strength  increases  than  the  quasi-isotropic  specimens.  A 
possible  explanation  for  this  discrepancy  is  that  the  interior  plies  of  the  laminate  may  govern 
strength,  particularly  when  the  surface  plies  are  heavily  damaged.  Hence,  stress  patterns  in 
the  surface  plies  may  lead  to  inaccurate  strength  predictions. 

The  second  parameter  affecting  the  damage  development  and  stress  redistribution  in 
CFRP  laminates  is  material  system.  The  previous  chapter  on  damage  mechanisms  described 
the  differences  in  fatigue  response  of  AS4/3501-6  and  AS4/1808  specimens.  Presently,  stress 
redistribution  mechanisms  in  center-notched,  AS4/3501-6  and  AS4/1808,  (0,45,0,-45),4  speci¬ 
mens  during  high-load  fatigue  will  be  compared.  Up  to  approximately  one  third  of  the  fatigue 
lifetime,  there  was  little  difference  in  their  respective  SPATE  thermographs  (compare  the 
AS4/3501-6  thermographs  in  Figure  63  with  the  AS4/1808  thermographs  in  Figure  61  on  page 
149).  At  approximately  one  half  of  each  material's  respective  fatigue  lifetime,  though,  differ¬ 
ences  emerged.  The  most  prominent  among  these  was  the  lack  of  high  stress  concentrations 
near  the  tips  of  the  0-deg.  tangent  cracks  in  the  AS4/3501-6  laminate.  (Recall  that  the  0-deg. 
tangent  cracks  were  shorter  and  more  similar  in  length  in  all  four  quadrants  in  the  AS4/3501-6 
specimens.)  There  was,  overall,  a  more  uniform  thermoelastic  emission  in  the  two  ligaments 
of  material  adjacent  to  the  notch  in  the  AS4/3501-6  laminate,  leading  one  to  expect  higher 
residual  tensile  strengths  than  in  the  AS4/1808  laminate.  It  will  be  shown  later  that  the  resi¬ 
dual  tensile  and  compressive  strengths  of  middle-life  AS4/3501-6  specimens  were  only  slightly 
higher  than  their  AS4/1808  counterparts. 
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(b) 

Figure  63.  SPATE  thermographs  of  four  center-notched,  AS4/3501-6,  (0,45,0,-45)54  specimens 
during  high-load  fatigue:  (a)  undamaged  (back);  (b)  early  life  (back);  (c)  middle  life 
(back);  (d)  late  life  (back) 
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Next,  the  effect  of  cyclic  load  excursions  on  stress  redistribution  in  the  notched 
(0,45190,-45)s4  AS4/1808  laminate  under  the  “high”  and  "low"  load  levels  described  earlier.  In 
these  cases,  compressive  failures  were  precipitated  by  large  amounts  of  delamination 
throughout  the  unsupported  gage  length,  but  significant  differences  were  seen  in  the  damage 
and  stress  redistribution  patterns  prior  to  failure  (see  Damage  Mechanisms). 

SPATE  thermographs  of  the  low-load  specimens  taken  three  times  during  the  fatigue  life¬ 
time  are  shown  in  Figure  64  for  comparison  with  the  high-load  specimens  shown  at  compa¬ 
rable  fractions  of  the  fatigue  lifetime  in  Figure  59  on  page  144.  In  the  early-life  thermographs, 
the  primary  difference  between  the  load  levels  was  the  larger  area  of  reduced  ATC  adjacent 
to  the  notch  with  the  low  load  level.  In  both  cases,  the  low  ATC  area  was  caused  by  0-deg. 
ply  fractures  or  delaminations  under  the  surface  Q-deg.  ply  (or  both).  Zero-deg.  ply  fiber 
fractures  and  associated  delaminations,  which  were  more  likely  to  form  under  the  high  load 
amplitude,  maintained  a  high  stress  concentration  and  resulted  in  a  predominantly  transverse 
direction  of  damage  growth.  In  the  low-load  situation,  delaminations  often  occurred  in  the 
absence  of  0-deg.  fiber  fractures,  resulting  in  a  tendency  for  longitudinal  delamination  growth 
and  less  stress  concentration  in  the  surface  ply  for  most  of  the  fatigue  lifetime.  This  infor¬ 
mation  is  supported  by  the  mid-life  SPATE  thermographs  shown  in  Figure  59c  and 
Figure  64b.  In  the  high-load  specimens,  the  zones  of  high  ATC  that  shifted  in  the  transverse 
direction  as  damage  grew  away  from  the  notch  underwent  only  a  slight  change  in  magnitude 
throughout  the  fatigue  lifetime.  In  the  low-load  specimens,  those  zones  disappeared  entirely 
by  mid-life,  and  reappeared  in  the  last  10  percent  of  life.  The  initial  decrease  and  subsequent 
increase  in  maximum  ATC  in  the  low-load  specimens  corresponded  well  with  the  initial  in¬ 
crease  and  subsequent  decrease  in  residual  tensile  strength  throughout  the  fatigue  lifetime. 
On  the  average,  the  residual  tensile  strengths  of  low-load  specimens  were  slightly  higher  than 
those  of  high-load  specimens  at  equal  fractions  of  their  respective  fatigue  lifetimes.  Unfortu¬ 
nately,  the  SPATE  data  did  not  represent  the  entire  stress  redistribution  process  in  the 
laminate;  only  that  in  the  surface  plies.  For  example,  the  high-  and  low-load  specimen 
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thermographs  at  mid-life  (Figure  59c  and  Figure  64b)  differed,  but  the  residual  tensile 
strengths  of  these  particular  specimens  were  nearly  identical  (both  were  119  percent  of  the 
average  virgin  specimen  strength). 


Another  stress  redistribution  mechanism  existing  in  laminates  subjected  to  compressive 
load  excursions  stems  from  the  tendency  of  damage,  particularly  delaminations,  to  initiate  and 
grow  fastest  near  the  free  surfaces  (2,6,1081,  as  described  in  the  chapter  on  damage  mech¬ 
anisms.  When  delaminated  outer  plies  of  a  laminate  buckle  under  compressive  loading,  a 
greater  proportion  of  the  load  must  be  carried  by  the  inner,  less-delaminated  plies  since  they 
posess  greater  lateral  support  and  stiffness.  No  experimental,  through-the-thickness  meas¬ 
urements  of  stress  redistributions  were  obtained  in  the  present  investigation,  though  such 
measurements  would  aid  the  explanation  of  many  anomalous  residual  strength  results  (i.e., 
those  where  the  stress  concentration  on  the  surface  ply  decreased,  but  the  residual  tensile 
strength  did  not  increase). 

Due  to  the  compressive  load  excursions  applied  to  the  specimens  in  the  present  investi¬ 
gation,  slight  imperfections  in  the  material  and  misalignment  of  the  loading  axis  caused  un- 
symmetric  damage  development  and  stress  distributions  through  the  thickness.  The 
associated  asymmetry  of  the  specimen’s  stiffness  caused  out-of-plane  bending  (especially 
under  compressive  loads),  and  exaggerated  the  unequal  rates  of  damage  development  on  the 
opposing  surfaces  of  the  specimen.  Compared  to  specimens  with  a  centrally-located  notch, 
damage-induced  bending  was  more  prevalent  in  specimens  with  double-edge  notches.  For 
example,  compare  the  SPATE  thermographs  of  the  front  and  back  surfaces  of  a  DEN, 
AS4/3501-6,  (0,45,0,-45)s4  laminate  near  the  end  of  its  high-load  fatigue  life  with  a  thermograph 
of  an  undamaged  specimen  (Figure  65).  Under  a  fully-reversed  cyclic  load  history,  fiber 
fractures  and  delaminations  that  initiated  on  the  front  surface  0-deg.  ply  led  to  larger  local 
compressive  strains  and,  consequently,  a  faster  local  damage  growth  rate.  Near  impending 
laminate  failure  —  when  the  thermographs  in  Figure  65  were  obtained  —  the  front  surface 
0-deg.  ply  carried  little  load  in  the  area  between  the  notches,  while  the  back  surface  0-deg. 
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Figure  64.  SPATE  thermographs  of  three  center-notched,  AS4/1808,  (0,45,90,-45)S4  specimens 
during  low>ioad  fatigue:  (a)  early  life  (front);  (b)  middle  life  (front);  (c)  iate  life  (front) 
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(b) 

Figure  65.  SPATE  thermographs  of  AS4/3501-6,  (0.45,0,-45)54,  DEN  specimens  during  high-load 

fatigue:  (a i  no.  3-13,  back,  undamaged;  (bj  no.  6-4.  front,  near  failure:  t'c)  no.  6-4,  back, 
near  failure 
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ply  remained  relatively  intact.  Fatigue  failure  occurred  when  the  interior  plies,  beginning  with 
the  side  under  the  most  compression,  failed  during  a  compressive  load  excursion. 

Aside  from  the  matter  of  global  laminate  bending,  the  fatigue  response  of  laminates  with 
OEN  or  CN  notch  configurations  is  rather  invariant,  especially  in  the  late  portion  of  life  when 
additional  damage  growth  is  influenced  more  by  the  earlier  damage  pattern  than  the  initial 
stress  concentration  caused  by  the  notch  itself.  Indeed,  Morton  et  al.  [109]  have  shown  that 
circular  holes  and  sharp  slits  result  in  different  early-life  (and  undamaged)  strengths,  but  in¬ 
creasingly  similar  strengths  later  in  the  fatigue  lifetime.  In  the  present  study,  high-load  fatigue 
damage  development  and  stress  redistribution  data  for  AS4/1808,  (0,45,90,-45)^  specimens 
with  double  semi-circular  edge  notches  were  compared  to  the  data  obtained  from  center- 
notched  specimens.  It  was  found  that  damage  initiation  and  growth  for  the  two  notch  config¬ 
urations  were  nearly  the  same,  as  was  the  failure  mode.  With  a  few  exceptions,  DEN 
specimens  had  slightly  more  longitudinal  delamination  growth  and  slightly  higher  residual 
tensile  and  compressive  strengths  than  their  center-notched  counterparts  at  comparable 
fractions  of  their  respective  fatigue  lifetimes.  A  sequence  of  SPATE  thermographs  of  DEN 
specimens  during  high-load  fatigue  development  shows  the  effect  of  the  increased  longitudi¬ 
nal  delamination  on  the  surface  stress  pattern  (Figure  66).  As  damage  grew,  the  two  regions 
of  high  stress  initially  located  adjacent  to  the  notches  moved  toward  the  centerline  of  the 
specimen  and  eventually  coalesced  near  fatigue  failure. 
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(b) 

Figure  66.  SPATE  thermographs  of  four  double-edge-notched.  AS4/1808,  (0,45.90,-45)S4  speci¬ 
mens  during  high-load  fatigue:  (a)  undamaged  {back);  tb)  early  life  (front),  (c)  middle 
life  (front):  (d)  late  life  (front). 
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Residual  Strength 


Residual  tensile  and  compressive  strengths  (St  and  Sc<  respectively)  and  stiffnesses  (Et  and 
£c,  respectively)  measured  at  the  early,  middle,  and  late  stages  of  fatigue  life  were  normalized 
by  their  respective  values  in  virgin  specimens  given  in  Table  3  and  Table  5.  Plots  of  nor¬ 
malized  tensile  and  compressive  strengths  versus  the  estimated  fraction  of  fatigue  life  are 
superposed  so  that  trends  in  the  two  components  of  strength  can  be  easily  compared.  Cyclic 
load  amplitudes,  normalized  by  the  tensile  and  compressive  strengths  of  virgin  specimens 
(refer  to  Table  4),  are  indicated  on  the  vertical  axes  of  the  strength  graphs  as  points  of  refer¬ 
ence.  The  discussion  of  residual  strength  focuses  on  the  data  for  six  test  types  studied  ,in 
detail:  1808-A-CN  (high  and  low  load  levels):  1808-A-DEN  (high  load  level):  1808-B-CN  (high  and 
low  load  levels):  and  3501-B-CN  (high  load  level).  Residual  strength  data  for  the  center- 
notched  AS4/1808  specimens  are  the  most  extensive.  Therefore,  strength  data  for  the  DEN 
and  AS4/3501-6  specimens  will  be  compared  to  this  best-characterized  data  set. 
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6.1 


i 


AS4I1808,  Quasi-Isotropic  Laminate 


Normalized  residual  stiffness  and  strength  data  for  center-notched,  AS4/1808, 
(0,45,90,-45)^  specimens  during  high-  and  low-load  fatigue  are  given  in  Table  7.  The  strength 
data  are  presented  graphically  in  Figure  67  and  Figure  68.  Averaged,  normalized  strengths 
of  early-,  middle-,  and  late-life  specimens  are  listed  in  Table  8  for  comparison  with  other  test 
types. 


The  tensile  strength  increased  for  the  early-  and  middle-life  measurement  points,  and  de¬ 
creased  for  the  late-life  measurement  point.  High-load  specimens  had  lower  residual  tensile 
strengths  than  low-load  specimens  in  the  second  half  of  the  lifetime,  perhaps  due  to  the  larger 
number  of  broken  0-deg.  plies  near  the  notch  in  high-load  specimens  during  this  part  of  life. 
The  compressive  strength  decreased  monotonically  throughout  the  fatigue  lifetime.  Values 
of  residual  compressive  strength  between  the  two  loading  regimes  were  comparable  until 
impending  failure.  At  that  time,  delaminations  had  grown  larger  and  residual  compressive 
strengths  had  decreased  more  in  low-load  specimens  than  in  high-load  specimens. 


I 

The  rate  of  compressive  strength  change  during  high-load  fatigue  was  similar  to  the  rate 
of  stiffness  change  (Figure  22);  rapid  until  the  end  of  stage  I,  slower  in  stage  II,  and  rapid  once 
again  in  stage  III.  The  sharp  decline  in  stiffness  near  the  middle  of  life  in  low-load  tests  did 
not  seem  to  cause  any  anomalies  in  the  middle-life  residual  strength  measurements.  This 
suggests  that  the  damage  that  caused  the  stiffness  change  (surface  0-deg.  ply  delamination) 
was  inconsequential  to  the  strength.  Judging  by  the  proximity  of  the  late-life  compressive 
strengths  to  the  maximum  compressive  load  excursions  ("C,”  on  the  graphs),  one  may  con¬ 
clude  that  these  specimens  clearly  failed  in  compression.  The  failure  mode  transition  that 
manifested  itself  after  approximately  half  of  the  fatigue  lifetime  in  high-load  specimens  caused 
two  fiber  fracture  dominated  specimens  to  have  significantly  lower  residual  tensile  strengths 
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Figure  67.  Normalized  residual  strength  of  center-notched,  AS4/1808,  (0,45,90, -45)s4  speclmena 
during  high-load  fatigue 
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Figure  68.  Normalized  residual  strength  of  center-notched,  AS4/1808,  (0,45,30,-45)^  specimens 
during  low-load  fatigue 
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than  the  remaining  delamination  dominated  specimens  during  that  time  period  (these  were 
the  two  tensile  data  points  below  1.0  in  the  high-load  figure). 


The  fracture  appearance  of  these  specimens  after  strength  measurements  at  three  stages 
of  fatigue  damage  development  and  under  both  load  levels  were  essentially  similar.  Typically, 
the  final  fracture  paths  in  the  0-deg.  plies  passed  through  the  center  of  the  notch,  predomi¬ 
nantly  perpendicular  to  the  load  axis.  The  final  tensile  fracture  paths  in  specimens  with  0-deg. 
ply  fracture  paths  caused  by  fatigue  grew  in  the  transverse  direction  from  the  points  where  the 
earlier  ply  fractures  stopped.  Specimens  with  larger  delaminations  had  relatively  irregular 
fracture  surfaces.  The  extent  of  pre-failure  delamination  was  most  evident  in  the  post-fracture 
appearance  of  the  compression  specimens.  Delaminated  plies  were  free  to  buckle  and, 
therefore,  did  not  fracture  as  readily  as  the  more  constrained,  undelaminated  plies. 

The  double-edge  notched  specimens  under  the  high  load  level  behaved  similarly  to  the 
center-notched  specimens  (Table  8,  Table  9,  and  Figure  69).  Except  for  the  middle-life  tensile 
strength  —  which  was  slightly  higher  in  DEN  specimens  —  all  strength  measurements  were 
nearly  equivalent  in  the  CN  and  DEN  notch  configurations.  Fracture  appearances  of  DEN 
specimens  were  analogous  to  those  in  CN  specimens.  High-load  DEN  specimens  on  the 
"high-load”  side  of  the  damage  mode  transition  had  less  delamination  those  on  the 
"low-load"  side  of  the  transition,  though  no  differences  as  clear  as  those  seen  in  the  post¬ 
fatigue-failure  radiographs  (Figure  44  on  page  110)  were  seen  among  the  residual  strength 
specimens.  As  evidenced  by  the  merging  of  residual  compressive  strengths  and  the  maxi¬ 
mum  compressive  fatigue  load  at  the  end  of  life,  the  DEN  specimens  failed  in  compression. 
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Figure  6h.  Normalized  residual  strength  of  double-edge-notched,  AS4/1808,  (0, 45,90, -45)*4  speci¬ 
mens  during  high-load  fatigue 
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Figure  70.  Normalized  residual  strength  of  center-notched,  AS4/1808,  (0,45,0,-45)^  specimens 
during  high-ioad  fatigue 
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Figure  71.  Normalized  residual  strength  of  center-notched,  AS4/1808,  (0,45,0,-45)s4  specimens 
during  low-load  fatigue 
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Normalized  stiffness  and  strength  data  for  center-notched,  AS4/1808,  (0,45,0,-45)*4  speci¬ 
mens  are  listed  in  Table  10.  The  averaged,  normalized  strengths  are  listed  in  Table  8. 
Figure  70  and  Figure  71  illustrate  the  strength  data  graphically  for  the  high  and  low  load  lev¬ 
els,  respectively. 

The  tensile  strengths  of  high-  and  low-load  specimens  increased  approximately  the  same 
amount  at  the  early-  and  middle-life  measurement  points.  By  the  end  of  high-  and  low-load 
fatigue  lifetimes,  tensile  strengths  decreased,  but  remained  above  1.0.  The  averaged  tensile 
strengths  of  middle-  and  late-life  specimens  were  higher  during  high-load  fatigue  than  during 
low-load  fatigue,  though  the  data  overlapped  significantly.  Due  to  the  greater  localization  of 
damage  in  variable  locations  in  high-load  specimens,  there  was  more  scatter  in  the  high-load 
residual  strength  data. 

The  compressive  strengths  of  high-  and  low-load  specimens  both  increased  at  the  early-life 
measurement  point,  and  decreased  somewhat  linearly  with  respect  to  cycles  after  that  time. 
During  the  period  when  the  normalized  compressive  strength  was  greater  than  1.0,  damage 
around  the  notch  was  comprised  primarily  of  matrix  cracks.  Only  after  the  appearance  of 
delaminations  did  the  compressive  strength  decrease.  Compressive  strengths  were  slightly 
higher  in  low-load  specimens  than  in  high-load  specimens  at  the  early-  and  middle-life 
measurement  points,  though  the  differences  were  not  very  significant.  Reduced  compressive 
strengths  in  the  second  half  of  life  caused  compressive  fatigue  failures  under  both  loading 
regimes.  The  lower  compressive  strength  of  low-load  specimens  near  fatigue  failure  could 
be  related  to  the  greater  extent  of  delaminations  in  those  specimens. 

Much  can  be  learned  about  the  effect  of  fatigue  damage  on  the  failure  mode  in  residual 
strength  tests  by  examining  the  fracture  surfaces  after  failure.  The  appearance  of  internal 
0-deg.  plies  was  particularly  interesting  since  it  is  these  plies  that  apparently  controlled  frac¬ 
ture  (the  exterior  plies  were  usually  replete  with  through-the-thickness  fiber  fractures  and 
delaminations,  and  were  difficult  to  characterize  because  of  their  highly  variable  appearance). 
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Schematic  illustration  of  0-dag.  ply  Iractura  and  dalaminatlon  in  A54/1808, 
(0,45 ,0,-45), 4  specimens  altar  residual  strength  tests 


Schematic  illustrations  of  the  location  of  fracture  and  delamination  of  the  internal  0-deg.  plies 
in  center-notched,  AS4/1808,  (0,45,0,-45) *4  laminates  after  tensile  and  compressive  strength 

measurements  are  shown  (to  scale)  in  Figure  72.  As  fatigue  damage  increased,  the  tensile 

.1; 

fracture  path  of  the  internal  0-deg.  plies  shifted  farther  from  the  transverse  centerline.  Ap¬ 
parently,  the  tensile  fracture  process  began  near  the  tips  of  the  0-deg.  cracks  tangent  to  the 
hole  in  the  even  quadrants,  near  the  highly-stressed  areas  seen  in  the  SPATE  patterns.  In 
terms  of  the  fracture  mode,  the  damage  pattern  in  these  fatigue-damaged  specimens  could 
effectively  be  replaced  by  a  slanted  slit  with  the  two  ends  of  the  slit  located  at  the  tips  of  the 
0-deg.  tangent  cracks.  Since  the  growth  of  the  0-deg.  tangent  cracks  slowed  in  the  second 
half  of  the  lifetime,  the  location  of  fracture  also  remained  nearly  the  same.  Therefore,  near 
the  end  of  life,  local  stress  redistribution  mechanisms  must  have  played  a  more  active  role  in 
strength  reduction  than  global  stress  redistribution  mechanisms. 

In  residual  compressive  strength  specimens,  there  were  some  radical  failure  mode 
changes  that  may  explain  the  unusual  residual  compressive  strength  characteristics  of  this 
laminate.  In  virgin  specimens,  there  was  a  mixed  mode  of  failure  in  compression.  One  mode 
consisted  of  buckling  and  delamination  of  all  0-deg.  plies  along  the  transverse  centerline.  The 
other  failure  mode  consisted  of  shear-kinking  with  little  delamination  along  a  -45-deg.  path 
tangent  to  the  notch.  The  early-life  specimens,  which  were  the  strongest  of  all  in  compression, 
almost  always  failed  in  the  shear  mode.  The  middle-  and  late-life  specimens  underwent  de¬ 
laminations  and  0-deg.  ply  fractures  in  the  two  longitudinal  ligaments  of  material  adjacent  to 
the  notch.  The  longitudinal  shift  of  the  fracture  locus  in  compression  tests  was  less  extreme 
than  in  tension  tests. 


6.3  AS4/3501-6j  Orthotropic  Laminate 
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Figure  73.  Normalized  residual  strength  of  canter-notched,  AS4/3S01-6,  (0,45,0,-45),*  specimens 
during  high-load  fatigue 
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Normalized  residual  stiffness  and  strength  data  for  center-notched,  AS4/3501-6, 
{0,45,0,-45)54  specimens  under  the  high  load  levei  are  listed  in  Table  8  and  Table  11.  The 
strength  data  are  graphically  represented  in  Figure  73.  Overall,  the  residual  strength  behav¬ 
ior  of  AS4/3S01 -6,  (0,45,0,-45)s4,  CN  specimens  was  similar  to  analogous  AS4/1808  specimens 
at  the  same  load  level.  Rapid  increases  in  tensile  and  compressive  strengths  at  the  early-life 
measurement  point  indicated  that  strength  at  this  time  in  life  was  controlled  by  the  relaxed 
stress  concentration  near  the  notch,  and  not  by  delaminations.  Later  in  life,  lower 
compressive  strengths  and,  eventually,  fatigue  failure  were  caused  by  delaminations.  The 
average  tensile  strength  of  these  specimens  were  highest  at  the  middle-life  measurement 
point,  and  dropped  slightly  by  the  late-life  measurement  point.  Failure  modes  of  the 
AS4/3501-6  specimens  were  similar  to  those  described  in  Figure  72  except  for  a  relatively 
slower  shifting  of  the  tensile  fracture  path  in  the  longitudinal  direction.  This  observation  was 
consistent  with  the  shorter  0-deg.  cracks  tangent  to  the  notch  in  the  AS4/3501-6  specimens 
compared  to  the  AS4/1808  specimens. 


6.4  Summary  of  Residual  Strength  Data 


In  the  present  investigation,  the  most  important  factor  affecting  the  residual  strength 
characteristics  of  notched  carbon  epoxy  laminates  was  the  lamination  arrangement.  Fatigue 
damage  accumulation  had  a  stronger  effect  on  failure  modes  and  residual  strengths  in  the 
(0,45,0,-45)S4  laminates  than  in  the  <0,45,90,-45)S4  laminates.  This  difference  can  be  mostly  at¬ 
tributed  to  the  more  complete  notch  blunting  and  the  later  onset  of  delamination  in  the 
(0,45,0,-45)s4  laminate.  Matrix  cracks  and  delaminations  in  both  laminates  improved  the 
tensile  strength  of  the  specimens  because  tensile  strength  depends  highly  on  the  stress  con¬ 
centration  near  the  notch.  Only  in  the  (0,45,0,-45)S4  laminate,  however,  was  the  stress  con- 
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centration  near  the  notch  blunted  without  the  presence  of  delaminations;  thus  causing  the 
residual  compressive  strength  to  be  improved  for  a  short  time. 

The  second  most  important  influence  on  residual  strength  was  the  load  level.  The  effect 
of  load  level  was  more  evident  in  the  quasi-isotropic  laminate  than  in  the  orthotropic  laminate 
because  of  the  greater  dependence  of  damage  patterns  on  load  level  in  the  former  laminate. 
High  load  levels  resulted  in  a  ply  fracture  dominated,  transversely  directed  damage  pattern 
that  limited  reductions  in  the  notch  effect  during  the  lifetime.  The  delamination  dominated, 
longitudinally  directed  pattern  of  damage  in  low-load  specimens  was  associated  with  higher 
tensile  strengths  throughout  the  lifetime,  but  lower  compressive  strengths  at  the  middle-  and 
late-life  measurement  points. 

Material  system  in  the  present  investigation  was  not  a  strong  influence  on  the  residual 
strength  of  (0,45,0, -45)*  laminates  during  high-load  fatigue.  The  only  differences  ascertained 
in  the  present  investigation  were  the  slightly  higher  middle-life  residual  compressive  strength 
and  late-life  tensile  strength  of  the  AS4/3501-6  material  compared  to  the  AS4/1808  material. 
This  was  despite  the  shorter  0-deg.  cracks  tangent  to  the  notch  in  the  AS4/3501-6  specimens. 
Perhaps  a  stronger  material  dependence  would  emerge  in  the  more  matrx-sensitive  quasi¬ 
isotropic  laminate.  The  effect  of  notch  configuration  on  the  residual  strength  of  AS4/1808, 
(0,45,90,-45)*  specimens  during  high-load  fatigue  was  not  significant  except  for  the  higher 
middle-life  tensile  strength  in  the  DEN  specimens. 
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7.1  Model  Development 

7.1.1  Approach 

if  it  is  true  that  the  subdiscipline  of  'fatigue'  is  a  legacy  of  the  insight  of  Wohler,  then  it 
may  also  be  fair  to  claim  that  the  'classical'  approach  to  the  study  of  that  subject  has  been 
largely  phenomenological.  The  most  common  descriptions  of  'the  fatigue  effect'  are  'Wohler 
curves,'  or  'SN  curves'  which  are  simple  plots  of  the  number  of  cycles  of  life  verses  the  level 
of  loading.  These  descriptions  may  include  various  statistical  interpretations,  but  they  are 
primarily  phenomenological  correlations  of  observations  used  for  comparative  characteriza¬ 
tions  and  design  exercises  at  the  applied  level. 
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However,  it  is  becoming  increasingly  difficult  to  find  the  time  amd  resources  necessary  to 
test  and  evaluate  all  materials  of  interest  to  us,  Moreover,  the  advent  of  'engineered  mate¬ 
rials'  such  as  composite  materials  which  can  be  'designed'  to  have  certain  properties  and 
response  has  presented  us  with  the  need  to  anticipate  the  fatigue  behavior  of  materials  which 
may  not  be  available  for  testing,  which  we  cannot  fully  characterize,  or  which  we  have  not  yet 
'created'.  Phenomenological  descriptions  and  correlations  will  not  suffice  for  this  purpose. 

Mechanistic  models  must  be  developed  that  allow  us  to  project  the  long-term  behavior  of 
composite  materials  under  cyclic  loading,  and,  ultimately,  under  the  influence  of  elevated 
temperature  and  aggressive  environments  which  cause  reductions  in  the  properties  and  per¬ 
formance  of  composites  over  time  during  service  use.  However,  the  development  of 
mechanistic  models  is  very  difficult.  It  requires  that  the  mechanisms  of  stiffness,  strength,  and 
life  reduction  during  service  be  identified,  and  accurately  represented  with  mechanics  analy¬ 
sis  (including  constitutive  theory)  that  is  appropriate  for  material  states  and  stress  states 
which  are  changing  with  the  history  of  loading.  For  composite  materials,  this  is  a  considerable 
challenge.  The  complexity  of  stress  states,  damage  modes,  and  failure  modes  that  are  com¬ 
mon  to  this  class  of  materials  makes  it  very  difficult  to  determine  the  details  of  the  processes 
which  cause  the  degradation  of  such  materials. 

The  present  section  deals  with  the  use  of  damage  analysis,  especially  experimental  in¬ 
vestigative  methods,  to  form  a  basis  of  understanding  and  a  foundation  for  the  construction 
of  models  which  can  be  used  to  predict  the  remaining  strength  and  life  of  composite  laminates 
under  cyclic  loading.  Special  attention  will  be  given  to  the  requirements  imposed  by  modeling 
efforts  for  notched  materials  of  typical  engineering  interest,  and  to  the  results  of  one  such 
modeling  approach,  the  "critical  element  method'  developed  by  the  Materials  Response 
Group  at  Virginia  Tech.  The  results  of  the  modeling  effort  for  the  materials  and  circumstances 
associated  with  the  present  investigation  will  be  presented  in  two  subsections  which  discuss 
'Damage  Analysis  and  Stress  Redistribution,'  and  'Modeling  Features.' 
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7.1.2  Damage  Analysis  and  Stress  Redistribution 


The  previous  sections  have  presented  the  details  of  the  initiation  and  propagation  of 
damage  in  the  two  material  systems  investigated  extensively  in  this  program,  in  this  sub¬ 
section  we  will  only  highlight  the  features  which  are  of  particular  importance  to  the  develop¬ 
ment  of  the  critical  element  model.  These  features  are: 

•  The  redistribution  of  stress,  especially  in  the  region  of  notches,  caused  by  damage  de¬ 
velopment. 

•  The  geometric  distribution  of  damage  and  the  influence  of  that  damage  on  the  properties 
of  the  material  at  the  local  and  global  level. 

Appendix  A  contains  a  discussion  of  'Damage  Initiation  and  Growth  in  Notched  Laminates 
Under  Reversed  Cyclic  Loading'.  We  will  use  the  figures  and  discussion  in  that  paper  for  the 
present  discussion  of  stress  redistribution.  As  described  in  Appendix  A,  full  field  measure¬ 
ments  of  isochromatic  photoelastic  fringes  and  thermal  emission  contours  were  recorded 
during  cyclic  loading  of  many  of  the  speicmens  tested  in  this  program.  In  ail  cases  except  the 
virgin  specimens,  the  photoelastic  data  were  obtained  on  the  same  side  of  the  specimen  as 
the  thermographic  data  were  taken  from. 

Figure  6  in  Appendix  A  illustrates  the  isochromatic  fringe  patterns  in  three  quasi-isotropic 
specimens  with  sequential  states  of  damage.  The  corresponding  damage  states  are  shown 
in  Fig.  2  of  that  appendix.  As  the  damage  state  develops,  it  is  clear  that  two  general  effects 
occur.  The  'butterfly'  pattern  of  shear  stress  around  the  hole  is  sharply  disturbed;  the  'wings' 
flatten  towards  the  horizontal  centerline  of  the  patterns  and  diminish  in  size.  Second,  a  region 
of  intense  fringes  develops  along  the  horizontal  direction  through  the  center  of  the  hole,  cor¬ 
responding  to  the  growth  of  damage  along  that  transverse  direction  as  seen  in  Fig.  2  of  Ap- 
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pendix  A.  Figures  7a  and  8a  quantify  this  effect  along  sections  A-A'  and  C-C'  as  defined  in 
those  figures.  Along  section  A-A',  the  strain  contours  increase  more  slowly  with  distance  from 
the  center  hole  as  damage  develops,  and  the  stress  level  away  from  the  hole  increases,  i.e., 
the  stress  concentration  associated  with  the  hole  decreases  and  the  stress  in  the  remaining 
'ligament'  increases  with  damage  development.  Along  C-C',  the  late-life  growth  along  the 
horizontal  direction  causes  a  sharp  spike  in  the  stress. 

The  corresponding  data  for  the  orthotropic  laminates  is  shown  in  Figs.  7b  and  8b  of  Ap¬ 
pendix  A.  The  unsymmetry  of  the  corresponding  damage  pattern  (shown  in  Fig.  4  of  the  Ap¬ 
pendix)  causes  a  corresponding  asymmetry  of  the  strain  patterns.  Damage  growth  along  the 
vertical  lines  tangent  to  the  hole  (in  the  loading  direction)  creates  a  spike  in  the  stresses  along 
A-A'  as  shown  in  Fig.  7b.  Stresses  along  the  horizontal  axis  are  greatly  relaxed,  as  shown 
by  the  distributions  in  Fig.  8b  and  by  the  photoeiastic  patterns  for  that  laminate  shown  in  Fig. 
9  of  Appendix  A. 

Thermographic  measurements  of  strain  distributions,  as  described  elsewhere  in  this  re¬ 
port,  were  also  made  for  many  specimens.  As  seen  in  Figs.  10  and  11  of  Appendix  A,  the 
thermoelastic  patterns  agree  with  the  photoeiastic  patterns  in  general,  but  there  is  one  sig¬ 
nificant  difference.  There  is  a  region  around  the  hole  which  ceases  to  emitt  heat  energy  as 
damage  develops.  This  loss  of  'signal'  is  caused  by  the  development  of  delamination  which 
effectively  unloads  the  surface  ply  observed  by  the  heat  camera  in  those  regions.  This  was 
a  limit  on  the  utility  of  the  thermoelastic  method.  However,  loss  of  information  about  the 
stress  distribution  quite  near  the  hole  was  not  a  serious  matter  in  the  sense  that  the  critical 
regions  where  damage  was  occurring,  and  which  initiated  failure,  did  continue  to  produce  very 
bright  thermoelastic  images.  This  is  illustrated  in  Fig.  12  of  Appendix  A.  The  effect  is  most 
noticeable  in  the  lower-right  quadrant  of  Fig.  12b,  and  in  the  upper-left  qua^drant  of  Fig.  12c. 
It  is  in  these  two  quadrants  that  much  of  the  middle  and  late  life  fatigue  damage  growth  oc¬ 
curs.  For  both  laminate  types,  the  fracture  path  seen  in  residual  strength  tests  for  tensile 
loading  frequently  passed  through,  or  at  least  near,  these  hot  spots.  Moreover,  it  was  found 
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that  the  level  of  temperature  measured  In  these  hot  spots  scaled  to  the  corresponding  values 
of  residual  strength  measured  for  those  specimens. 

The  redistribution  of  stress  discussed  above  was,  of  course,  a  direct  consequence  of  the 
geometric  distribution  of  damage.  As  described  in  the  section  on  'Fatigue  Damage  Mech¬ 
anisms,'  the  geometric  distribution  of  damage  was  concentraded  in  two  regions,  one  along 
lines  tangent  to  the  hole  in  the  direction  of  loading,  and  the  other  along  lines  perpendicular 
to  the  load  axis.  We  will  call  these  the  'shear  region*  (S  region)  and  the  'damage  growth 
region’  (DG  region)  respectively.  The  details  of  damage  development  In  these  two  regions 
are  the  basis  of  the  major  components  of  the  model. 

The  effect  of  damage  development  in  the  S  region  is  to  'disconnect'  the  material  on  either 
side  of  the  notch  from  the  regions  above  and  below  the  hole.  This  has  the  result  of  reducing 
the  constraint  associated  with  the  hole,  and  consequently,  of  reducing  the  stress  concentration 
around  the  hole.  The  nature  of  this  damage  process  and  the  attendent  stress  relaxation  at  the 
local  level  is  very  complex.  It  is  not  feasible  to  attempt  to  represent  all  of  the  complexity  of 
the  formation,  growth,  and  interaction  of  individual  cracks  and  flaws  in  that  region.  For  the 
purposes  of  modeling,  it  is  sufficient  to  Find  a  way  to  represent  the  global  influence  of  the 
damage  process  on  the  laminate  strain  distribution.  A  method  of  doing  this  will  be  discussed 
below. 

By  contrast,  the  effect  of  damage  development  in  the  DG  region  reduces  strength  directly. 
As  we  established  earlier,  the  stress  concentration  associated  with  the  hole  may  be  reduced 
by  damage  in  the  S  region,  but  the  concentration  associated  with  damage  development  in  the 
DG  region  may  be  at  least  as  high  as  the  original  one  associated  with  geometric  constraint. 
The  influence  of  damage  in  this  region  appears  in  the  model  in  two  ways.  The  damage 
changes  stiffnesses,  at  the  local  level  which  causes  stress  redistribution.  And  second,  the 
remianing  properties  (especially  properties  like  ply  strength)  are  degraded  by  the  damage 
process.  Both  of  these  effects  tend  to  cause  a  strength  reduction. 
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Hence,  damage  growth  in  the  S  region  tends  to  increase  remaining  strength  (at  least 
tensile  strength),  and  growth  in  the  DG  regions  tends  to  reduce  remaining  strength.  The 
manner  in  which  these  changes  occur  must  form  the  basis  for  a  proper  model  of  strength 
variations  during  damage  development. 


7.1.3  Modeling  Features 


The  critical  element  concept  has  been  discussed  in  the  literature.  [110-112]  A  flow  diagram 
of  the  approach  is  shown  in  Figure  74.  The  approach  is  based  on  a  thorough  and  precise 
experimental  determination  of  the  nature  of  the  failure  mode  associated  with  the  strength  or 
life  reduction  to  be  calculated,  and  of  the  attendent  damage  development  process.  The  model 
is  created  for  each  such  failure  mode.  The  controling  reduction  mechanism  is  determined  by 
running  the  model  for  all  such  modes  thought  to  be  operable  in  a  given  situation,  and  com¬ 
paring  the  predicted  remaining  strength  and  life. 

Based  on  this  experimental  information,  a  'critical  element'  is  identified  as  the  material 
element  or  volume  whose  failure  defines  the  failure  event  for  the  global  laminate,  component, 
or  material  volume.  For  fiber  dominated  laminates,  for  example,  the  critical  element  may  be 
the  fibers  in  the  ply  which  has  an  orientation  most  nearly  aligned  with  a  principle  load  direc¬ 
tion.  For  compression  failure,  the  critical  element  may  be  the  undelaminated  ligament  which 
finally  buckles  or  crushes,  etc.  The  model  consists  of  a  continuous  evaluation  of  the  state  of 
stress  and  state  of  material  in  the  critical  element  for  a  given  failure  mode,  as  cyclic  loading, 
variations  in  temperature,  or  other  influences  are  applied  over  the  term  of  expected  life  of  the 
component  in  question. 

The  state  of  material  is  represented  by  updated  properties  (such  as  strength  and  stiffness), 
i.e.,  by  continuum  constitutive  relations  and  quantities.  The  state  of  stress  is  determined  by 
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Figure  74.  Flow  diagram  of  tha  critical  element  approach. 
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solving  the  appropriate  boundary  value  problem  for  the  critical  element  concerned,  using 
macro-  or  micro-mechanics.  The  state  of  stress  in  the  critical  element  is  a  function  of  loading 
history  since  the  development  of  damage  continuously  changes  the  local  geometry  and  the 
manner  in  which  the  load  is  distributed  among  the  material  elements  at  the  local  level. 

As  we  noted  above,  a  major  feature  of  the  stress  state  change  is  the  relaxation  of  the 
stress  concentration  around  the  notch  for  specimens  or  components  which  have  cutouts,  such 
as  the  center  hole  or  edge  notches  studied  in  this  program.  In  order  to  calculate  the  stress 
field  around  the  hole  as  damage  changes  the  constraint  in  that  region,  an  effective  geometry 
scheme  was  used.  Lekhnitskii's  solution  for  the  stresses  around  an  elliptical  hole  in  an 
anisotropic  plate  was  used  to  find  the  global  stresses  around  the  circular  hole  in  the  initial 
condition.  As  damage  developed,  the  geometry  of  the  hole  was  made  into  an  ellipse  with  the 
long  axis  in  the  load  direction,  to  approximate  the  relaxation  of  the  notch  constraint.  This 
approximate  computational  scheme  was  calibrated  using  the  photoelastic  and  thermoelastic 
measurements  of  the  actual  stress  states  as  damage  developed.  The  effective  geometry  of 
the  hole  was  made  elliptical  in  proportion  to  the  measured  change  in  the  stiffness  across  the 
hole  as  damage  developed.  The  stiffness  change  calculated  was  matched  to  the  measured 
value  to  determine  the  proper  elliptical  axis  ratio  for  a  given  amount  of  damage  development. 
Figure  75  shows  the  results  of  such  a  calculation  and  calibration  for  the  AS4/3501  material. 
It  is  interesting  to  note  that  the  reductions  are  not  dependent  on  the  stacking  sequence  of  the 
laminate.  When  the  proper  eilipticity  ratio  was  determined  in  this  way,  the  calculated  stress 
state  was  compared  with  those  observed  in  the  laboratory  for  the  corresponding  damaged 
condition.  Of  course,  the  approximate  method  does  not  reproduce  the  complex  stresses  as¬ 
sociated  with  the  details  of  the  damage  state,  but  the  general  features  of  the  relaxation  of  the 
stress  concentration  are  well  represented.  It  should  be  noted  that  the  consequence  of  this 
calculation  is  an  increase  in  the  predicted  remaining  strength  due  to  the  stress  concentration 
relaxation.  The  amount  of  this  calculated  increase  is  controlled  by  the  calibration  just  de¬ 
scribed,  i.e.,  once  the  calibration  is  made  the  calculated  strength  increase  is  fixed  and  cannot 
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NORMALIZED  STIFFNESS 


ELLIPTIC1TY  RATIO  (B/A) 


Figure  75.  Calibration  curves  for  the  eilipticlty  ratio  as  a  function  of  stiffness  reduction  across  the 
hole. 
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be  'adjusted'  in  any  way  to  'fit*  the  data.  We  will  see  that  the  agreement  with  data  is  gen¬ 
erally  good,  indicating  that  the  approximate  scheme  is  quite  acceptable  for  the  calculations 
required. 

Changes  in  the  stress  state  at  the  local  level  are  a  result  of  the  changes  in  the  stiffness 
of  the  off-axis  plies  that  undergo  matrix  cracking.  These  changes  are  also  determined  from 
experimental  measurement  when  such  data  are  available.  However,  these  changes  can  also 
be  estimated  by  laminate  analysis  by  'discounting'  the  stiffness  of  the  plies  that  fail  according 
to  an  appropriate  failure  theory  such  as  the  Tsai-Hill  criterion,  and  examining  the  global 
stiffness  change  associated  with  the  known  applied  load  level.  Figure  76  shows  an  example 
of  such  changes  for  fully  reversed  loading  of  the  materials  investigated  in  the  present  pro¬ 
gram,  at  a  load  level  of  about  75%  of  the  static  strength  in  compression.  This  curve  and  a 
corresponding  one  for  the  50%  load  level  were  used  to  reduce  the  modulus  transverse  to  the 
fibers  and  the  in-plane  shear  modulus  of  the  sub-critical  elements,  the  off-axis  plies  in  the 
examples  to  follow.  The  stress  in  the  critical  element,  the  zero  degree  plies  in  those  exam¬ 
ples,  increases  as  the  load  is  'shed'  by  the  off-axis  plies.  This  increase  increases  the  rate 
at  which  the  critical  elements  degrade  and  accelerates  the  reduction  of  strength. 

The  strength  of  the  critical  element  may  also  be  degraded.  Elevated  temperature  or  ag¬ 
gressive  environments  such  as  chemicals,  atomic  oxygen,  etc.  may  cause  'static  fatigue'  to 
occur  in  the  critical  elements.  This  change  must  be  measured  independently  in  the  laboratory 
and  a  phenomenological  representation  of  the  reduction  established.  The  model  constructed 
in  the  present  investigation  has  the  capability  to  include  such  relationships.  This  capability 
results  in  the  prediction  of  creep  rupture  lives,  for  example,  a  very  valuable  feature. 

Once  the  state  of  stress  and  state  of  strength  has  been  set  for  a  given  point  in  the  loading 
history,  as  described  above,  the  remaining  strength  is  calculated.  For  the  notched  geometry, 
this  calculation  is  made  using  the  average  stress  concept  of  Whitney,  et.  al.  Figure  77  illus¬ 
trates  the  geometry  used  for  that  calculation.  A  radial  direction  is  chosen  at  some  angle,  a. 


Modeling 


193 


STIFFNESS  CHANGE 


Figure  76.  Stiffness  reduction  of  off-axis  plies  for  two  loading  levels. 
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to  the  axis  transverse  to  the  loading  direction.  The  choice  of  this  direction  is  dictated  by  the 
failure  mode.  If  the  failure  event  occurs  along  a  direction  transverse  to  the  load  axis  (which 
is  typical  for  tensile  failure  under  primarily  tensile  cyclic  loading,  for  example),  then  a  choice 
of  a  —  0  is  appropriate.  If  a  shear  failure  passes  through  the  45  degree  direction,  then  a  value 
of  *  =  45  degrees  if  appropriate,  etc.  The  stresses  in  the  critical  element  (the  zero  degree 
ply  for  this  example)  are  calculated  along  the  chosen  line,  over  a  distance,  D,  and  the  average 
value  of  an  appropriate  failure  theory  over  the  distance  D  is  then  determined.  The  proper 
value  of  D  is  determined  by  comparing  the  average  value  of  the  failure  function  with  the 
quasi-static  strength  of  the  ply  (or  critical  element)  in  the  unnotched  condition,  when  the 
notched  member  is  loaded  with  the  known  (initial)  notched  strength  load  level.  This  value  of 
D  is  then  used  for  all  subsequent  calculations  of  the  failure  function  during  damage  develop¬ 
ment. 

Strength  reduction  is  actually  calculated  by  the  relationship  illustrated  in  Figure  78.  The 
failure  functions  indicated  are  the  average  values  of  the  failure  criteria  calculated  over  the 
distance  D  as  mentioned  above.  Their  values  change  as  a  function  of  the  number  of  cycles 
due  to  the  changes  in  stiffness  at  the  global  and  local  level,  and  the  changes  in  material 
strengths.  The  parameter,  i,  is  an  adjustable  quantity  which  has  been  held  constant  with  a 
value  of  1.2  since  the  model  was  introduced  in  1980.  The  code  associated  with  the  model 
calculates  the  remaining  strength  by  numerical  integration  of  the  integral  shown  in 
Figure  78.  Since  the  remaining  strength  is  calculated  from  an  integral,  variations  in  the  ap¬ 
plied  load  as  a  function  of  time  (spectrum  loading)  are  easily  handled. 

Figure  79  and  Figure  80  show  examples  of  predicted  and  observed  residual  strength  and 
life  curves  for  a  quasi-isotropic  and  (0,45,0,-45)s  laminate,  respectively.  The  short  life  (high 
load)  data  were  recovered  from  specimens  loaded  to  about  75%  of  their  static  compression 
strength  with  R  =  -1,  and  the  long  life  data  were  recovered  from  specimens  tested  at  about 
50%  of  the  static  compresion  strength.  Both  data  sets  were  normalized  by  the  total  life  in 
order  to  plot  them  on  a  common  abscissa. 


Modeling 


196 


Parameter  Generalized  Time 


Residual 

Strength 

Function 


Strength 

Function 


Strength  Element 
Function  Characterization 


Figure  78.  Summation  aquation  usad  for  tha  calculation  of  ramaining  strength. 

Several  features  of  the  predictions  from  the  model  are  significant.  First,  the  model  cor¬ 
rectly  predicts  an  increase  in  the  tensile  strength.  In  fact,  the  magnitudes  of  the  predicted 
increases  are  consistently  conservative  but  fall  within  the  data  scatter  bands  or  along  the 
lower  end  of  the  bands  in  all  but  one  case.  It  should  be  noted  that  these  levels  of  strength 
increase  are,  in  fact,  predictions;  they  cannot  be  'adjusted'  in  any  way  with  a  parameter. 
They  are  a  direct  result  of  the  model,  and  provide  evidence  of  the  validity  of  the  modeling 
approach. 

The  compressive  strength  predictions  are  monotonic  decreasing.  The  data  shown  in  Fig¬ 
ure  79  and  Figure  80  show  initial  increases  before  the  monotonic  decrease  occurs.  As  we 
noted  earlier  in  this  report,  this  particular  specimen  type  was  the  only  case  to  show  initial 
compressive  strength  increases.  The  model  does  not  predict  compressive  strength  increases, 
but  does  predict  the  correct  compressive  strength  decreases  as  damage  develops. 
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ESTIMATED  PERCENT  OF  LIFE 


Figure  79.  Predicted  and  observed  residual  strength  for  a  quasi-isotropic  laminate. 
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Figure  80.  Predicted  end  observed  residual  strength  (or  s  (0,45,0,-45)s  laminate. 
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Of  special  interest  is  the  comparison  of  tensile  strength  and  compressive  strength  behavior 
for  the  same  loading.  This  situation  amounts  to  a  comparison  of  remaining  tensile  and  com¬ 
pression  strength  for  the  same  specimen  during  fully  reversed  testing.  This  comparison  can 
identify,  for  example,  the  failure  mode.  If  the  compression  strength  drops  to  a  lower  level 
relative  to  the  initial  static  compressive  strength  than  does  the  tensile  strength  (  compared  to 
that  initial  value)  at  the  point  in  life  when  failure  occurs,  then  compressive  failure  is  predicted. 
This  situation  was  predicted  for  all  simulations  shown  here.  The  laboratory  observations 
support  these  predictions  without  exception;  all  fatigue  failures  were  in  compression. 

An  even  more  subtle  prediction  also  emerged.  The  model  predicted  that  the  residual 
tensile  strength  of  the  1808  material  system  would  be  reduced  to  lower  levels  than  those  of 
the  3501  material.  In  fact,  for  the  high  cyclic  load  levels,  the  model  predicted  that  one  might 
see  a  fracture  mode  transition  from  compression  to  tension  failure.  We  were  surprised  to  find 
that  tensile  strength  reductions  were,  in  fact,  greater  in  the  1808  system.  Although  no  fracture 
mode  transision  was  observed  in  the  present  program,  such  a  transition  to  tensile  failure  (for 
fully  reversed  loading)  was  observed  for  a  similar  'tough  resin'  composite  system  under  quite 
similar  conditions.  This  capability  to  predict  failure  modes  in  such  subtle  conditions  was  un¬ 
expected;  if  it  proves  to  be  a  general  capability,  it  will  be  of  great  value  to  the  applications 
community. 

Another  feature  highlighted  by  the  model  has  to  do  with  the  volume  of  material  involved 
in  the  failure  process.  The  general  size  of  that  volume  is  proportional  to  the  distance,  D,  that 
is  used  in  the  model,  over  which  stresses  are  averaged  in  the  critical  element.  The  value  of 
D  is  fixed  by  matching  the  applied  load  (in  tension  or  compression)  with  the  known  fraction 
of  quasi-static  notched  strength  measured  in  the  laboratory  and  predicted  by  the  model  before 
cyclic  loading  and  damage  development  begins.  Table  12  shows  some  of  these  values  for  the 
cases  investigated  in  this  program.  The  volumes  for  tensile  failure  are  noticeably  smaller  than 
those  that  control  compressive  failure,  suggesting  that  the  physics  of  the  two  failure  processes 
is  quite  different. 
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Case  Laminate  Type*  Tension/Compression 


Tabla  12.  Calibration  valuaa  for  critical  alamant  modal. 
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(0,45,90s,-45)s;  QO  =  (0,45,0,-45) 


VIII 

Conclusions 


8.1  Investigative  Methods 


The  complementary  data  provided  by  stiffness  monitoring  and  X-ray  radiography  were 
essential  to  estimate  the  fatigue  "age"  of  specimens  slated  for  destructive  testing  prior  to  fa¬ 
tigue  failure.  Counting  cycles  to  estimate  the  "age”  of  specimens  would  not  have  been  sat¬ 
isfactory,  given  the  large  amount  of  scatter  in  fatigue  lifetimes. 

The  inability  to  accurately  resolve  stress  or  strain  components  from  SPATE  measurements 
was  a  severe  handicap.  The  importance  of  knowing  such  components  in  materials  with 
anisotropic  strength  properties  cannot  be  understated.  A  means  of  directly  measuring  full- 
field  strains  in  the  0-deg.  fiber  direction  would  have  been  more  useful  in  understanding  the 
effects  of  stress  redistribution  on  residual  strength.  The  interrogation  of  surface  Q-deg.  plies 
for  stress  redistribution  data  had  limited  utility  since  the  interior  plies  apparently  controlled 
residual  tensile  and  compressive  strength.  Peak  temperature  change  measurements  in  highly 
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stressed  areas  of  the  laminate  needed  to  be  normalized  by  the  temperature  change  in  a  re¬ 
mote,  undamaged  portion  of  the  specimen  to  facilitate  comparisons  among  different  speci¬ 
mens. 


8.2  Fatigue  Response 


Relationships  between  the  fully-reversed,  cyclic  loading  history,  damage  development, 
stress  redistribution,  residual  tensile  and  compressive  strengths,  and  failure  modes  have 
been  identified  for  the  two  material  systems,  two  laminate  configurations,  two  load  levels,  and 
two  notch  configurations  included  in  the  present  test  program.  Conclusions  concerning  dam¬ 
age  development,  stress  redistribution,  and  residual  strength  are  presented  next. 


8.2.1  Damage  Development 


The  direction  and  form  of  damage  growth  in  notched  laminates  were  determined  princi¬ 
pally  by  the  lamination  arrangement  and  load  level.  Damage  growth  favored  the  transverse 
direction  in  the  laminate  with  a  higher  percentage  of  off-axis  plies  and  in  specimens  under 
high-amplitude  cyclic  load  histories.  The  transverse  mode  of  damage  growth  consisted  of 
relatively  more  0-deg.  ply  fracture  and  less  delamination  than  the  longitudinal  mode  of  dam¬ 
age  growth.  Low  load  specimens  and  quasi-isotropic  specimens  had  more  delaminations  and 
matrix  cracks  than  high-load  and  orthotropic  specimens.  Matrix  cracks  were  more  extensive 
in  AS4/3501-6  specimens  than  in  AS4/1808  specimens.  Delaminations,  however,  were  similar 
in  form  and  extent  in  both  material  systems,  despite  the  improved  toughness  of  the  1808  ma¬ 
trix. 
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Incremental  fractures  of  principal  load-bearing  plies  were  precipitated  by  matrix  cracks  in 
adjacent  plies.  The  interaction  of  these  damage  modes  was  therefore  highly  dependent  on  the 
stacking  sequence.  In  the  AS4/1808  material,  incremental  fractures  of  0-deg.  plies  were  al¬ 
ways  followed  by  delaminations  of  the  broken  0-deg.  plies.  However,  if  a  O-deg.  ply  delami¬ 
nated  first,  fiber  fractures  did  not  occur  in  the  delaminated  portion  of  the  ply,  perhaps  because 
the  delamination  buffered  the  0-deg.  ply  from  the  stress  concentration  caused  by  the  matrix 
crack.  Similarly,  delaminations  on  the  outermost  0/45  interfaces  prevented  fractures  of  the 
45-deg.  plies  along  the  0-deg.  matrix  cracks  tangent  to  the  notch  in  the  orthotropic  laminate. 
This  behavior  is  in  contrast  to  the  large  number  of  broken  0-deg.  fibers  scattered  within  de¬ 
laminated  areas  in  center-notched,  T300/5208,  (0,45,90, -45)^  laminates  in  Ref.  [76], 

Damage,  especially  delamination,  was  usually  more  extensive  closer  to  the  surface  of  the 
specimens,  causing  a  transfer  of  load  into  the  interior  plies.  This  surface  effect  was  less  ob¬ 
vious  in  specimens  under  high  load  levels. 


8.2.2  Stress  Redistribution 


During  fatigue,  zones  of  high  stress  concentration  observed  with  the  SPATE  apparatus 
were  always  located  in  areas  of  the  specimen  soon  to  be  invaded  by  matrix  and  fiber  damage. 
Depending  on  the  peculiar  mode  of  damage  growth,  highly  stressed  areas  shifted  either 
transversely  from  the  notch  (as  in  the  quasi-isotropic  specimens)  or  longitudinally  from  the 
notch  (as  in  the  orthotropic  specimens).  The  highly  stressed  areas  were  located  at  or  near 
the  locus  of  tensile  fracture  in  residual  strength  tests.  Comparing  specimens  at  various  points 
in  their  fatigue  lifetimes,  the  magnitude  of  the  highly  stressed  area  was  lower  in  specimens 
having  a  higher  residual  tensile  strength.  In  several  instances,  there  was  no  correlation  of  the 
residual  tensile  strength  and  the  stress  concentration  in  the  surface  ply.  In  some  of  those 
cases,  particularly  those  involving  late-life  specimens  with  extensive  surface  ply  damage, 


Conclusions 


204 


failure  was  assumed  to  be  initiated  by  the  failure  of  highly  stressed  fibers  in  some  location 
not  visible  to  the  SPATE  apparatus  {perhaps  in  the  interior  of  the  laminate).  In  other  cases, 
inordinately  high,  but  extremely  localized,  stress  concentrations  did  not  correspond  to  pro¬ 
portionally  lower  tensile  strengths,  perhaps  because  of  the  occurrence  of  additional  stress 
relaxation  mechanisms  during  the  course  of  the  residual  strength  test. 

The  tendency  for  delaminations  to  grow  unstably  under  compressive  loads  could  not  be 
ascertained  with  the  SPATE  technique.  Hence,  there  was  no  correlation  between  stress  pat¬ 
terns  and  residual  compressive  strengths  except  in  the  few  situations  where  there  were  no 
appreciable  delaminations.  In  the  absence  of  extensive  delaminations,  the  stress  concen¬ 
tration  near  the  notch  controlled  the  compressive  strength  of  the  specimens. 


8.2.3  Residual  Strength 


Matrix  cracks  and  delaminations  blunted  the  original  stress  concentration  near  the  notch, 
but  caused  new  stress  concentrations  to  appear  immediately  ahead  of  the  damage  zone.  Up 
to  and  including  the  last  strength  measurement  point  just  prior  to  fatigue  failure,  residual 
tensile  strengths  remained  greater  than  the  tensile  strengths  of  virgin  specimens  except  when 
extensive  0-deg.  ply  fractures  emanated  from  the  notch  in  several  plies  through  the  thickness. 
Compressive  strengths  decreased  in  the  presence  of  0-deg.  ply  fractures  or  delaminations 
transverse  to  the  notch.  Therefore,  residual  compressive  strengths  decreased  monotonically 
throughout  the  fatigue  lifetime  in  all  cases  except  those  involving  orthotropic  specimens  prior 
to  the  onset  of  0-deg.  ply  fractures  or  delaminations  immediately  adjacent  to  the  notch. 

Since  0-deg.  fibers  controlled  the  tensile  strength  of  the  laminates  used  in  the  present  in¬ 
vestigation,  specimens  with  a  larger  amount  of  0-deg.  ply  fractures  had  higher  stress  con¬ 
centrations  throughout  their  fatigue  lifetimes  and  failed  at  lower  tensile  loads  than  specimens 
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with  less  O-deg.  ply  fractures.  Hence,  tensile  strengths  were  lower  in  quasi-isotropic  speci¬ 
mens  and  in  high-load  fatigue  tests.  Residual  compressive  strengths  were  found  to  depend 
more  on  the  extent  and  location  of  damage  (particularly  delamination)  and  less  on  the  mag¬ 
nitude  of  stress  concentrations  than  did  residual  tensile  strengths. 


8.2.4  Modeling  of  Remaining  Strength 


The  manner  in  which  experimental  damage  analysis  was  used  to  construct  a  mechanistic 
model  that  predicts  remaining  strength  -  and  from  that  prediction,  predicts  remaining  life  -  has 
been  discussed.  It  was  seen  that  for  continuous  fiber  reinforced  notched  laminates,  two  dis¬ 
tinct  damaage  zones  were  identified  under  fully  reversed  cyclic  loading.  Back-reflection 
photoelastic  and  thermoelastic  stress  analyisis  techniques  established  that  damage  develop¬ 
ment  in  the  shear  zone  had  the  effect  of  reducing  the  stress  concentration  caused  by  the 
notch,  causing  increases  in  tensile  residual  strength.  Micro-analysis  of  the  damage  in  the 
damage  growth  zone  estalished  that  tensile  and  compressive  strength  reduction  was  caused 
by  that  damage  development. 

Careful  damage  analysis  identified  the  nature  of  matrix  cracking  and  delamination  in  the 
damage  zones.  These  details  were  used  to  identify  'critical  elements'  which  were  describerd 
by  constitutive  equations  to  define  the  'state  of  material,'  and  to  set  proper  local  boundary 
value  problems  to  solve  for  the  local  'state  of  stess'  in  those  critical  elements.  The  changes 
in  these  material  and  stress  states  as  a  function  of  loading  history  were  followed  by  recording 
global  stiffness  changes.  These  state  changes  were  represented  in  an  integral  equation  which 
summed  the  reducions  in  strength  to  provide  a  calculation  of  remaining  strength.  When  the 
remaining  strength  reached  the  level  of  applied  stress,  life  was  predicted. 
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These  modeling  concepts  have  been  combined  into  a  performance  simulation  code  which 
has  been  succesfuliy  applied  to  the  prediction  of  remaining  tensile  and  compressive  strength 
of  laminates  constructed  from  two  different  composite  material  systems.  Moreover,  the  model 
predicts  which  failure  mode  will  cause  specimen  failure,  and  predicts  the  threshold  of  a  frac¬ 
ture  mode  transition  from  compression  to  tensile  failure. 
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APPENDIX  A 


Damage  Initiation  and  Growth  in  Notched  Laminates 
Under  Reversed  Cyclic  Loading 

C.  E.  Bakis,  H.  R.  Yih,  W.  W.  Stinchcomb,  and  K.  L.  Reifsnider* 

ABSTRACT:  The  initiation  and  growth  of  fatigue  damage  in  notched  Cycom  AS4/1808 
graphite/epoxy  laminates  was  investigated  experimentally.  Two  layups,  (0/45/90/-45),*  and 
(0/45/0/-45)54,  provided  contrasting  responses  to  the  fully-reversed  fatigue  loads.  Full-field  strains 
surrounding  the  circular  notch  were  evaluated  at  several  stages  of  fatigue  life  with  the  photoelastic 
coating  and  isentropic  thermal  emission  measurement  techniques,  and  were  related  to  the  corre¬ 
sponding  damage  state  and  residual  properties. 

KEY  WORDS:  composite  material,  graphite/epoxy,  notched  laminate,  fatigue,  damage,  stiffness, 
strength,  strain  redistribution,  nondestructive  evaluation,  photoeiasticity,  thermography. 


With  the  expanded  use  of  fiber-reinforced  composite  materials  with  cutouts  as  primary  load- 
bearing  structural  components  under  long-term  cyclic  loading  comes  the  need  for  an  understanding 
of  fatigue  damage  development  within  stress  gradients  and  its  effect  on  the  residual  strength,  stiffness 
and  life  of  the  components.  Recent  experimental  and  analytical  advances  explicate  the  significant 
effects  of  localized  subcritical  damage  on  load  transfer  (or  stress  redistribution)  in  unnotched  lami¬ 
nates  which,  in  turn,  influences  the  global  fracture  event  [l,2\.  The  current  understanding  of  load 
redistribution  in  notched  laminates  is  not  as  complete  as  that  for  unnotched  laminates,  due  prima¬ 
rily  to  the  additional  complexity  of  in-plane  damage  and  stress  gradients.  Attempts  to  characterize 
strain  or  displacement  fields  near  a  notch  in  the  presence  of  damage  have  successfully  utilized 
photoeiasticity  and  moire  interferometry  (for  example,  Ref  3  for  monotonic  loads,  and  Ref  4  for 
tensile  cyclic  loads).  Recent  analytical  efforts  have  used  two-  or  quasi-three-dimensional  finite  ele¬ 
ment  models  to  predict  incremental  (element-wise)  damage  growth  near  notches  during  monotonic 
loads  (5,(51,  but  a  unified  treatment  of  the  problem  that  accurately  models  the  changes  in  stress  dis- 

1  Graduate  project  assistant,  graduate  research  assistant,  professor,  and  Reynolds  Metals  professor,  re¬ 
spectively,  Materials  Response  Group,  Engineering  Science  and  Mechanics,  Virginia  Polytechnic  institute 
and  State  University,  Blacksburg  VA,  24061-4899. 


tribution  and  corresponding  changes  in  residual  properties  during  fatigue  damage  development  is 
still  not  available.  The  present  paper  addresses  the  problem  through  an  experimental  investigation 
of  the  interaction  of  fatigue  damage,  the  global  state  of  deformation,  and  the  residual  strjngth, 
stiffness  and  life  in  two  contrasting  center-notched  graphite/epoxy  laminates  under  fully  reversed 
cyclic  loading.  Two  methods  are  employed  to  characterize  full-field,  in-plane  deformations  at  in¬ 
termittent  points  in  the  fatigue  lifetime.  The  first  method  involves  measurement  of  surface  strains 
with  a  photoelastic  coating  applied  to  the  specimen.  The  second  method  employs,  for  the  first  time 
in  a  laminated  composite  material,  the  measurement  of  the  dynamic,  isentropic  temperature  change 
during  cyclic  loading  of  the  specimen,  which  is  related  to  the  dilatation  of  the  microconstituents. 


Mechanical  Testing 

The  (0/45/90/-45)j4  and  (0/45/0/-45),4  graphite/epoxy  laminates  were  fabricated  in  an  autoclave 
with  Cycom  AS4/1808  prepreg  tape  as  per  the  manufacturer's  specifications.2  Fiber  volume  fraction 
was  nominally  60  percent  in  both  laminates.  Specimens  measuring  152  mm  long  and  38. 1  mm  wide 
were  cut  from  the  cured  panels  with  a  diamond-impregnated  wheel.3  Average  gross  (unnotched) 
cross-sectional  area  for  both  specimen  types  was  174  mm2.  A  9.52-mm-diameter  hole  was  drilled 
through  the  center  of  each  specimen  with  a  diamond-impregnated  core  drill. 

Mechanical  tests  were  performed  on  a  servo-hydraulic  test  frame  equipped  with  hydraulically- 
actuated  wedge  grips.  Using  the  test  method  for  reversed  cyclic  loads  described  in  Ref  [7],  the 
specimens  were  designed  with  63.5  mm  of  unsupported  length  between  the  grips  to  allow  damage 
to  develop  without  the  influence  of  anti-buckling  supports.  Quasi-static  strength  tests  were  per¬ 
formed  in  displacement  control  with  a  strain  rate  of  .0004  sec"1  measured  over  the  gage  length. 
Fully  reversed  (R  =  - 1)  cyclic  loading  was  carried  out  with  a  load-controlled  10  Hz  sinusoidal  form. 


2  Positive  ply  angles  are  measured  clockwise  from  the  longitudinal  loading  axis. 


1  All  original  measurements  were  recorded  in  U.S.  customary  units. 


Load  levels  for  the  two  laminates  were  chosen  such  that  the  specimens  failed  between  approxi¬ 
mately  5K  and  20K  cycles. 

An  effective  secant  stiffness  of  the  specimen  was  monitored  with  a  25.4-mm  extensometer  cen¬ 
tered  on  the  notch,  as  previously  described  in  Ref  [5].  During  the  fatigue  lifetime  of  several  speci¬ 
mens  cycled  at  a  given  load  level,  periodic  monitoring  of  stiffness  and  the  examination  of 
penetrant-enhanced  X-ray  radiographs  enables  the  identification  of  an  approximate  relationship 
between  stiffness  and  damage  state  (and,  thereby,  the  fraction  of  life  consumed),  both  of  which 
follow  generally  reproducible  patterns  [7,8\.  For  consistency,  radiographs  included  in  this  paper  are 
all  of  the  “front  side”  of  the  specimens,  as  per  the  ply-angle  notation  described  earlier.1 

The  approach  taken  to  document  the  influence  of  damage  on  the  strain  distribution  in  and 
residual  strength  of  notched  laminates  at  a  particular  load  level  is:  a)  cycle  four  specimens  to  failure, 
with  periodic  interruptions  for  stiffness  measurement  and  X-ray  radiography,  to  establish  typical 
stiffness  response  and  damage  accumulation  data  throughout  life;  b)  via  stiffness  measurement  and 
radiography,  choose  three  points  in  the  fatigue  lifetime  where  stress  redistribution  and  residual 
strength  data  are  desired  (these  points  turned  out  to  be  approximately  1 5,  70  and  90  percent  of  life 
for  the  quasi-isotropic  laminate,  and  10,  50  and  90  percent  of  life  for  the  orthotropic  laminate);  c) 
cycle  two  additional  specimens  to  each  selected  point  in  the  fatigue  lifetime,  based  on  stiffness 
change  and  radiographs;  d)  with  the  photoelastic  coating  and  isentropic  thermal  emission  tech¬ 
niques,  record  the  full-field  strain  measurements  for  each  specimen  described  in  step  c,  e)  measure 
residual  tensile  and  compressive  strength  at  each  selected  point  in  the  fatigue  lifetime. 


Full-Field  Strain  Measurement  Techniques 

Photoelastic  Coating 

The  photoelastic  coating  technique  is  well  known  for  its  capability  of  revealing  true  surface 
strains  of  metallic  components,  and  has  been  used  successfully  to  measure  the  static  and  dynamic 
response  of  notched  composite  structures  \3,9,I0\.  Detailed  principles  and  procedures  for  the 
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photoelastic  coating  technique  are  given  in  Refs  II  and  12.  Briefly,  photoelastic  coating  materials 
are  optically  homogeneous  when  unstressed,  and  optically  heterogeneous  when  stressed.  That  is, 
the  index  of  refraction  of  the  coating  is  a  function  of  the  strain  induced  by  the  external  load.  When 
polarized  light  enters  the  coating,  the  light  vector  splits  into  two  polarized  waves,  which  then  pro¬ 
ceed  in  the  directions  of  the  principal  strains  at  a  particular  point.  Since  the  index  of  refraction  is 
different  in  the  two  directions,  a  relative  retardation  is  formed,  which  forces  the  two  waves  to  be 
out  of  phase  when  they  emerge  from  the  coating.  Therefore,  all  points  having  the  same  amount 
of  principal  strain  difference  will  possess  an  equal  relative  retardation.  A  color  fringe  corresponding 
to  those  points  can  be  viewed  through  a  crossed  reflection-type  polariscope.  Corrections  on  the 
order  of  the  fringes  are  required  when  the  mechanical  reinforcement  from  the  coating  and  the 
Poisson's  ratio  mismatch  between  the  coating  and  the  specimen  are  not  negligible  [U,I2\. 

A  1-mm-thick  coating  material  with  a  reflective  backing  (PS-1,  Photolastic  Division,  Measure¬ 
ment  Group,  Inc.)  was  machined  to  match  the  specimen  width  and  hole  size.  To  prevent  interfer¬ 
ence  with  the  grips,  the  coating  length  of  51  mm  was  slightly  less  than  the  unsupported  length  of 
the  specimen.  The  coating  was  bonded  to  the  specimen  with  PC- 1  adhesive  after  the  introduction 
of  fatigue  damage. 

In  the  present  investigation,  no  corrections  to  the  fringe  order  were  attempted.  Instead,  fringes 
measured  in  specimens  with  damage  were  compared  to  fringes  in  a  virgin  specimen  under  the  same 
stress  (102  MPa  over  the  unnotched  area).  At  various  states  of  damage,  fringe  orders  measured 
along  sections  of  the  specimen  labeled  A~A'  and  C-C  in  Fig.  1  were  plotted  and  compared. 


Isentropic  Thermal  Emission 

Non-contact  measurement  of  the  isentropic  (adiabatic,  reversible)  thermoelastic  effect  in  materials 
as  a  means  of  determining  the  dynamic  state  of  stress  or  strain  during  cyclic  loading  has  recently 
been  made  feasible  with  the  commercial  availability  of  the  SPATE  8000  (Stress  Pattern  Analysis 
by  measurement  of  Thermal  Emission)  instrument  by  Ometron,  Inc.  Through  infrared  optics,  a 
computer-controlled  camera  measures  (with  a  resolution  of  .00  PC)  the  minute  change  in  surface 
temperature  occurring  at  the  same  frequency  as  the  applied  sinusoidal  load.  The  camera  scans  the 
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specimen  in  a  raster-like  manner,  with  each  measurement  point  representing  an  average  temperature 
change  in  a  circle  of  approximately  .5-mm -diameter.  The  only  specimen  preparation  required  is  a 
thin  coating  of  flat  black  paint  for  maximum  emissivity.  Provided  adiabatic  and  reversible  defor¬ 
mations  are  maintained,  the  measured  temperature  change  can  be  related  to  the  state  of  strain  in 
the  material. 


The  theory  linking  temperature  change  with  isentropic  deformations  of  elastic  matter  was  es¬ 
tablished  by  Thomson  in  1857  [/J].  Biot  later  expressed  the  relationship  for  homogeneous 
anisotropic  materials  as  (summation  implied  over  repeated  indices) 


t  -  r0  =  - 


akl  Cjjkl  Ejj 


where  T0  and  T  are  the  temperatures  of  the  material  before  and  after  deformation,  c,  is  the  specific 
heat  at  constant  strain,  au  are  components  of  the  thermal  expansion  tensor,  CljU  are  components 
of  the  isothermal  elastic  modulus  tensor,  and  £„  are  components  of  the  strain  tensor  \14\.  Thus,  a 
negative  temperature  change  occurs  during  positive  dilatation  of  an  orthotropic  material  with  pos¬ 
itive  thermal  expansion  coefficients.  A  simplified  relationship  between  the  plane-stress,  isentropic 
strains  in  a  heterogeneous,  orthotropic  material,  such  as  a  graphite/epoxy  lamina,  and  the  attendant 
temperature  change  measured  in  the  laboratory  is  obtained  through  consideration  of  the  nonho- 
mogeneous  strains  and  temperature  changes  of  the  microconstituents  (i.e.  fibers  and  matrix).  The 
result  can  be  represented  by  an  equation  of  the  form 


t  —  t  = 

*  ■  u 


Kx  c,  + 


-2  °2 


(1) 


where  T0  and  T  are  now  the  average,  effective  temperatures  of  the  material  before  and  after  defor¬ 
mation,  Kx  and  K2  are  material  constants  involving  the  initial  temperature,  thermomechanical 
properties,  and  volume  fraction  of  each  microconstituent,  and  e,  and  e,  are  the  in-plane  strain 
components  derived  from  the  theory  of  anisotropic  plates  [/5].  Since  a  typical  graphite/epoxy 
lamina  has  a  very  small  (or  slightly  negative)  thermal  expansion  coefficient  parallel  to  the  fibers 
(a„) ,  a  relatively  small  temperature  change  results  from  uniaxial  loads  in  the  fiber  direction.  On  the 
other  hand,  a  very  large  temperature  decrease  results  from  transverse  tension  in  the  lamina  due  to 
the  large,  positive  transverse  thermal  expansion  coefficient  (aa). 
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The  accuracy  of  strain  measurements  via  infrared  thermal  emission  measurements  has  been 
previously  verified  for  isotropic,  homogeneous  materials  [AS],  but  not  for  anisotropic,  laminated, 
composite  materials.  Therefore,  the  technique  and  related  analytical  tools  are  still  under  develop¬ 
ment.  The  advantage  of  the  technique  is  that  it  is  an  entirely  non-contact,  nondestructive  evaluation 
tool.  A  limitation  is  the  unknown  amount  of  dissipative  versus  isentropic  temperature  change. 
Furthermore,  it  is  difficult  to  isolate  the  separate  components  of  strain  from  a  single  measured 
temperature  change  when  the  local  deformations  are  influenced  by  changing  elastic  properties  and 
boundary  conditions.  These  factors  restrict  the  thermal  emission  data  to  qualitative  analyses  of 
strain  distributions,  at  present. 

In  the  series  of  thermal  emission  measurements,  all  specimens  of  similar  stacking  sequence  were 
cycled  at  the  same,  reduced  stress  limits,  which  were  selected  such  that  negligible  damage  develop¬ 
ment  occurs  during  the  scanning  process.  The  stress  limits  for  the  quasi-isotropic  and  orthotropic 
specimens  were  2.6  to  104.7  MPa  and  2.6  to  130.2  MPa,  respectively.  The  entire  gage  length  of  the 
specimen  was  scanned  on  both  the  front  and  back  sides.  Full-field  color  contour  maps  of  the  tem¬ 
perature  change  were  photographed  on  the  system  monitor  screen.  In  the  included  illustrations,  the 
color  scale  is  uncalibrated,  but  is  directly  proportional  (including  sign)  to  the  difference  T0  —  T, 
where  T0  and  T  are  the  instantaneous  surface  temperatures  at  the  minimum  and  maximum  loads, 
respectively. 


Results  and  Discussion 

Quasi-Static  Properties  and  Fatigue  Life 

Tensile  and  compressive  quasi-static  strengths  and  secant  (zero  to  maximum  cyclic  load  excur¬ 
sions)  stiffnesses  for  the  notched  specimens  are  given  in  Tables  1  and  2,  where  stress  has  been 
computed  over  the  gross  (unnotched)  cross-sectional  area,  and  strain  has  been  measured  across  the 
notch.  Both  laminates  are  stiffer  and  weaker  in  tension  than  in  compression. 
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To  achieve  fatigue  lives  on  the  order  of  5K  to  20K  cycles,  stress  levels  of  ±203  MPa  and 
±  305  MPa  were  chosen  for  the  quasi-isotropic  and  orthotropic  laminates,  respectively.  All  speci¬ 
mens  tested  at  these  load  levels  failed  in  a  compressive  mode  due  to  unstable  delamination  growth 
in  the  ligament  of  material  between  the  notch  and  straight  edge. 

Fatigue  Damage  Initiation  and  Growth 

Fatigue  damage  in  the  (0/45/90/-45)*  laminate  initiates  at  the  notch  with  matrix  cracking  in  all 
plies  by  the  first  or  second  load  cycle,  followed  shortly  by  delaminations  of  the  0/45,  45/90  and 
90/-45  interfaces  in  regions  of  dense  matrix  cracks  (Fig.  2a).  Delaminations  form  earliest  and  grow 
fastest  at  interfaces  closest  to  the  surface.  In  situations  where  delaminations  have  not  yet  formed 
between  the  surface  0-deg.  ply  and  the  underlying  +  45-deg.  ply  near  the  notch,  short  (up  to  2  mm 
long),  piecewise-linear  ply  fractures  in  the  0-deg.  ply  form  sequentially  in  a  stepwise  manner  along 
the  direction  of  an  underlying  +  45-deg.  matrix  crack  (Fig.  3a).  The  0-deg.  ply  fractures  serve  as  a 
catalyst  for  cracking  in  the  0-deg.  ply  and  for  delamination  of  the  associated  0/45  interface.  This 
mode  of  damage  is  primarily  a  surface  effect,  although  it  occasionally  develops  in  interior  plies  near 
the  end  of  life.  The  damage  growth  rate  is  slowest  between  the  tenth  and  ninetieth  percentiles  of 
life.  Figure  2b  illustrates  the  characteristic  X-shaped  pattern  of  damaged  material  at  an  estimated 
70  percent  of  fatigue  life.  The  damage  condition  in  Specimen  2-3  near  the  end  of  life  (Fig.  2c)  is 
atypical  in  that  it  closely  resembles  the  earlier  damage  state  in  Specimen  3-2.  More  frequently,  de¬ 
laminations  will  extend  across  the  entire  width  of  the  specimen  at  the  end  of  life.  In  Specimen  2-3, 
however,  local  fracture  of  the  surface  0-deg.  plies  near  the  notch,  as  in  Fig.  3a,  was  sufficient  to 
cause  the  precipitous  loss  of  compressive  stiffness  that  precedes  specimen  failure. 

Fatigue  damage  initiation  in  the  (0/45/0/-45V  laminate  is  dominated  by  0-deg.  matrix  cracks 
tangent  to  the  notch  (Fig.  4a).  The  cracks  initiate  symmetrically  in  all  four  quadrants,  but  grow 
fastest  in  the  upper-left  and  lower-right  quadrants.  This  behavior  is  attributed  to  an  interaction  of 
the  0-deg.  matrix  cracks  and  adjacent  paths  of  ply  fractures  in  the  +  45-deg.  plies  following  those 
cracks  only  in  the  upper-left  and  lower-right  quadrants  (Fig.  3b).  The  -453  ply  groups  do  not  display 
this  mode  of  damage.  Staircase-type  fractures  of  the  0-deg.  plies,  as  in  Fig.  3a,  always  grow  away 
from  the  notch  along  the  +  45-deg.  direction.  As  in  the  quasi-isotropic  laminate,  this  is  primarily 
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a  surface  effect,  although  large  O-deg.  ply  breaks  have  been  noted  to  pass  through  the  adjacent 
45-deg.  ply  and  into  the  next  O-deg.  ply.  Matrix  cracks  in  the  off-axis  plies  are  concentrated  along 
the  length  of  the  O-deg.  cracks  during  the  early  stages  of  damage  accumulation.  At  approximately 
half  of  fatigue  life,  delaminations  at  interfaces  involving  the  -452  ply  groups  have  grown  away  from 
the  notch  and  along  the  O-deg.  matrix  cracks  tangent  to  the  notch  (Fig.  4b).  Much  of  the  new 
damage  growth  after  this  point  in  fatigue  life  is  associated  with  the  tips  of  the  large  O-deg.  matrix 
cracks.  At  impending  laminate  failure,  delaminations  typically  extend  across  the  width  of  the 
specimen,  resulting  in  a  large  stiffness  loss  and  a  compressive  mode  of  failure  (Fig.  4c).  Much  of  the 
delaminated  area  visible  in  Fig.  4c  is  due  to  the  0/4S  interface  delaminations  associated  with  several 
fracture  paths  in  the  surface  plies. 

Residual  Stiffness  and  Strength 

Residual  properties  for  six  quasi-isotropic  specimens  at  various  stages  of  fatigue  life  are  given  in 
Table  3.  X-ray  radiographs  of  specimens  used  in  the  residual  tension  tests  were  seen  previously  in 
Fig.  2.  A  typical  plot  of  tensile  and  compressive  stiffnesses  during  the  fatigue  lifetime,  normalized 
to  their  respective  values  on  the  first  load  cycle,  is  given  in  Fig.  5a.  There  is  an  initial  loss  of  tensile 
and  compressive  stiffness  during  the  first  10  percent  of  life,  corresponding  to  a  rapid  increase  in  the 
tensile  strength  and  a  rapid  decrease  in  the  compressive  strength.  During  the  middle  80  percent  of 
fatigue  life,  the  rate  of  stiffness  change  slows  markedly.  Neither  tensile  nor  compressive  strength 
change  appreciably  during  this  period.  At  impending  laminate  failure,  tensile  and  compressive 
stiffnesses  decline  sharply,  as  do  both  components  of  strength.  Residual  tensile  strength  at  im¬ 
pending  failure  is  noted  to  be  below  the  average  tensile  strength  of  virgin  specimens.  As  evidenced 
by  the  residual  compressive  strength  data  and  post-failure  fractography,  fatigue  failure  of  the  speci¬ 
men  occurs  during  the  compressive  portion  of  the  load  cycle.  The  relatively  high  stiffness  values 
indicated  for  Specimen  2-2  reflect  the  nonsymmetrical  distribution  of  damage  through  the  thickness. 
In  this  case,  the  side  of  specimen  where  the  extensometer  was  attached  experienced  much  less  strain 
than  the  opposite  side,  due  to  out-of-plane  deflection  in  the  gage  length.  Although  in  Table  3  the 
stiffness  degradation  in  tension  generally  exceeds  that  in  compression,  results  from  other  fatigue 
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tests  at  the  same  load  level  indicate  that  this  is  not  always  true.  The  rates  of  change  of  stiffness  and 
strength  were  noted  to  correlate  with  the  damage  growth  rate. 

Residual  properties  for  orthotropic  specimens  at  three  stages  of  fatigue  life  are  given  in  Table 
4,  and  a  typical  normalized  stiffness  response  during  the  fatigue  lifetime  is  shown  graphically  in  Fig. 
5b.  X-ray  radiographs  of  residual  tension  test  specimens  were  seen  previously  in  Fig.  3.  Stiffness 
response  of  this  laminate  differs  from  that  of  the  quasi-isotropic  laminate  in  that  there  is  a  more 
uniform  degradation  throughout  fatigue  life,  and  a  slightly  greater  cumulative  change  at  failure. 
Tensile  stiffness  change  generally  exceeds  compressive  stiffness  change  throughout  fatigue  life.  Up 
to  approximately  50  percent  of  life,  tensile  strength  is  noted  to  increase  mote  than  in  the  quasi¬ 
isotropic  laminate,  while  compressive  strength  remains  nearly  equal  to  virgin  specimen  values. 
During  the  last  10  percent  of  fatigue  life,  when  surface  0-deg.  ply  fractures  and  delaminations  are 
the  primary  modes  of  damage  growth,  both  components  of  strength  decrease  until  the  compressive 
strength  reaches  the  applied  cyclic  load  amplitude.  The  residual  tensile  strength  near  the  end  of  life 
is  still  greater  than  that  of  virgin  specimens.  With  increasing  amounts  of  fatigue  damage,  the  tensile 
fracture  path  frequently  was  offset  from  the  transverse  centerline  through  the  hole. 

Strain  Redistribution 

Full  field  measurements  of  isochromatic  fringes  and  thermal  emission  in  all  of  the  specimens 
of  Tables  3  and  4  were  recorded,  in  many  cases  on  both  front  and  back  surfaces.  For  brevity,  only 
three  images  will  be  included  here:  a  virgin  specimen;  a  middle-life  specimen;  and  a  late-life  speci¬ 
men.  In  all  cases  except  the  virgin  specimens,  the  photoelastic  data  were  obtained  on  the  same  side 
of  the  specimen  as  the  thermographic  data.  Hence,  the  sensitivity  of  the  two  techniques  to  damage 
can  be  evaluated  directly. 

Isochromatic  Fringe  Measurements 

Figure  6  illustrates  the  isochromatic  fringe  patterns  in  three  quasi-isotropic  specimens  with  se¬ 
quential  states  of  fatigue  damage.  The  middle-  and  late-life  radiographs  were  seen  previously  in 
Fig.  2.  Due  to  increased  compliance  in  the  region  of  intense  matrix  cracks  and  delamination  adja- 
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cent  to  the  notch,  higher  fringe  orders  appear  on  the  photoelastic  coating  directly  over  the  damage 
zone.  The  existence  of  increased  fringe  orders  in  the  region  surrounding  the  damage  zone  indicates 
that  a  larger  proportion  of  the  load  is  being  carried  by  the  undamaged  material.  As  damage  grows 
away  from  the  notch  in  the  transverse  direction,  reports  of  high  fringe  order  move  toward  the 
straight  edges  of  the  specimen.  This  phenomenon  is  most  prominent  at  the  tips  of  the  0-deg  matrix 
cracks  bounding  the  near- surface  0/45  delamination.  Figures  7a  and  8a  quantify  this  effect  along 
sections  A-A'  and  C-C  of  the  specimen,  respectively.  Along  section  A- A',  the  increase  in  remote 
strain  near  the  straight  edges  is  most  evident  in  the  late-life  specimen.  Fringe  orders  along  section 
A-A'  are  affected  by  the  growing  areas  of  lightly  loaded  material  directly  above  and  below  the  notch. 
The  slight  asymmetry  in  Fig.  6c  is  the  result  of  a  short  fracture  path  in  the  back-surface  0-deg.  ply 
directly  under  the  coating,  on  the  left  side  of  the  illustration. 

In  the  orthotropic  laminate,  the  fringe  patterns  become  antisymmetric  about  the  load  axis  after 
the  appearance  of  damage  (Fig.  9).  This  response  is  attributed  to  the  antisymmetric  distribution  of 
damage  seen  previously  in  the  X-ray  radiographs  of  Fig.  3.  High  fringe  orders  are  induced  across 
the  0-deg.  matrix  cracks  extending  tangentially  from  the  notch  in  the  upper-left  and  lower-right 
quadrants  due  to  high  shear  deformation  across  the  crack.  A  more  uniform  distribution  of  fringes 
evolves  in  the  load-bearing  ligaments  of  material  isolated  by  the  0-deg.  cracks.  The  regions  of  uni¬ 
form  fringe  distribution  directly  above  and  below  the  notch  have  a  larger  area  than  the  corre¬ 
sponding  regions  in  the  quasi-isotropic  laminate.  Plotting  fringe  orders  along  section  A-A'  reveals 
the  quantitative  strain  distribution  (Fig.  7b).  In  the  mid-life  specimen,  a  short  line  of  0-deg.  ply 
fracture  to  the  left  of  the  notch  causes  a  strong,  local  concentration  of  strain  in  the  coating  (Fig. 
9b).  At  the  late  state  of  damage,  fringes  along  section  C-C  are  relatively  uniform  due  to  the  absence 
of  0-deg.  ply  fracture  on  the  front  surface  (Fig.  8b).  A  delamination  between  the  surface  0-deg.  ply 
and  the  underlying  45-deg.  ply  caused  by  0-deg.  ply  fracture  in  the  lower-right  quadrant  near 'the 
end  of  life  results  in  greatly  reduced  fringe  order  in  the  unloaded  area  (Fig.  9c). 

Thermal  Emission  Measurements 

Thermographs  of  (0/45/90/-45)*  specimens  with  sequential  states  of  damage  development  are 
shown  in  Fig.  10.  The  outstanding  feature  of  the  series  is  the  growth  of  a  region  of  near-zero  ther- 


mal  emission  around  the  notch.  Considering  the  thermoelastic  relation  of  Eq  1,  the  decreased 
temperature  change  can  be  caused  by  strain  or  stress  relaxation  in  the  surface  ply  via  0-deg.  ply 
fracture  and  delamination,  as  in  Fig.  3a.  In  the  corresponding  radiographs  of  Fig.  2,  it  is  apparent 
that  the  low  thermal  emission  region  encompasses  the  delaminated  area  under  the  surface  ply.  As 
surface  ply  delaminations  grow  in  the  transverse  direction,  the  “hot  spots”  originally  located  adja¬ 
cent  to  the  notch  shift  immediately  ahead  of  the  delaminations  (Fig.  1  la),  reflecting  the  redistrib¬ 
ution  of  strain  around  the  damage  zones.  The  highest  magnitude  of  temperature  change  in  each 
thermograph,  normalized  to  the  remote  value,  varied  from  2.8  in  the  undamaged  specimen  to  2.1 
and  2.5  in  the  middle-  and  late-life  specimens,  respectively.  In  an  inverse  manner,  the  trend  in 
maximum  temperature  change  agrees  with  the  trend  of  increasing  then  decreasing  residual  tensile 
strength  during  fatigue  life.  Furthermore,  the  specimens  shown  in  Figs.  2  and  10  failed  in  tension 
along  the  transverse  section  of  the  laminate  that  includes  the  notch  and  the  hot  spots.  Hence,  the 
region  of  high  temperature  change  coincides  with  the  region  that  is  involved  in  the  tensile  fracture 
event,  and  the  magnitude  of  the  temperature  change  in  those  regions  correlates  well  with  the  frac¬ 
ture  load.  In  conjunction  with  radiographs,  thermographs  provide  an  understanding  of  the  effects 
of  damage  on  the  stress  distribution  that  was  heretofore  unavailable  with  radiographs  alone.  For 
example,  0-dcg.  ply  fractures  near  the  notch  on  the  back  side  of  specimen  2-3  are  visible  to  the 
discerning  eye  in  Fig.  2c,  but,  given  the  overall  similarity  of  Figs.  2b  and  2c,  it  is  not  obvious  that 
there  would  be  a  significant  difference  in  residual  strength.  However,  one  may  suspect  such  a 
strength  change  by  noticing  the  differences  in  the  corresponding  thermographs  of  Figs.  10b  and  10c. 

Due  to  the  high  Poisson's  ratio  of  the  (0/45/0/-45)*t  laminate,  the  far-field  temperature  change 
is  very  close  to  zero.  Thermographs  of  virgin,  middle-life,  and  late-life  orthotropic  specimens  in¬ 
dicate  the  severity  of  stress  redistribution  in  the  gage  length  (Fig.  12).  In  this  laminate,  the  hot  spots 
initially  adjacent  to  the  notch  generally  shift  in  the  load  direction,  close  behind  the  tips  of  the  0-deg. 
matrix  cracks  tangent  to  the  notch.  Figure  1  lb  illustrates  the  movement  of  the  hot  spot  away  from 
the  notch  along  profile  C-C.  The  effect  is  most  noticeable  in  the  lower-right  quadrant  of  Fig.  12b, 
and  in  the  upper-left  quadrant  of  Fig.  12c.  It  is  in  these  two  quadrants  that  much  of  the  middle 
and  late  life  fatigue  damage  growth  occurs.  As  in  the  quasi-isotropic  laminate,  the  fracture  path  seen 
in  residual  tension  tests  frequently  passes  through,  or  at  least  near,  these  hot  spots.  The  maximum, 
unsealed  temperature  changes  seen  in  the  virgin,  middle-life,  and  late-life  specimens  of  Fig.  12  were 
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500,  430,  and  475,  respectively,  which  correlate  in  an  inverse  manner  to  the  corresponding  values 
of  residual  tensile  strength. 


Summary  and  Conclusions 

Damage 

In  both  laminates,  there  exist  matrix  cracks  parallel  to  the  fibers  in  all  plies,  delamination  be¬ 
tween  plies  of  differing  orientation,  and  macroscopic  concentrations  of  fiber  fracture  extending 
through  the  thickness  of  a  lamina  (local  ply  fracture).  Damage  in  both  cases  initiates  along  the  hole 
boundary  in  the  form  of  matrix  cracking,  followed  by  delamination.  Short,  0-deg.  ply  fractures 
served  as  sites  for  delamination  initiation  away  from  the  hole  boundary.  The  different  patterns  of 
matrix  cracking  and  delamination  in  the  two  laminates  can  be  attributed  to  the  directional  nature 
of  damage  growth  caused  by  the  interaction  of  damage  in  adjacent  plies.  For  example,  the  lack  of 
90-deg.  plies  and  the  abundance  of  0-deg.  plies  in  the  orthotropic  laminate  resulted  in  a  routing  of 
damage  longitudinally  along  paths  tangent  to  the  notch,  rather  than  along  the  transverse  centerline, 
as  in  the  quasi-isotropic  laminate. 


Residual  Stiffness  and  Strength 

Tensile  and  compressive  stiffness  degradation  rates  in  the  orthotropic  material  were  more  uni¬ 
form  over  the  fatigue  lifetime  than  in  the  quasi-isotropic  material,  where  the  rates  were  highest  at 
the  beginning  and  end  of  life.  Tensile  stiffness  degraded  faster  than  compressive  stiffness  in  the 
orthotropic  laminate.  Residual  compressive  strength  of  the  quasi-isotropic  laminate  degraded 
quickly  early  in  life,  and  again  at  the  end  of  life,  causing  a  compressive  mode  of  failure  under  the 
reversed  cyclic  loads.  The  orthotropic  laminate  also  failed  in  compression,  but  the  compressive 
residual  strength  did  not  degrade  significantly  until  near  the  end  of  life.  Until  late  in  the  fatigue 
lifetime  of  both  laminates,  residual  tensile  strengths  increased  to  values  above  those  for  virgin 
specimens.  At  impending  failure,  residual  tensile  strength  degraded  in  both  laminates,  but  not  suf¬ 
ficiently  to  induce  a  tensile  failure  mode. 


Photoelastic  Coating 


The  isochroma  tic  fringe  patterns  measured  with  the  photoelastic  coating  technique  at  various 
points  in  the  fatigue  lifetime  provide  an  understanding  of  strain  redistribution  in  the  presence  of 
damage.  In  the  quasi-isotropic  laminate,  damage  zones  near  the  notch  were  indicated  by  extremely 
high  fringe  orders.  Zones  of  high  hinge  order  in  the  undamaged  material  shifted  toward  the  straight 
edge  of  the  specimen  as  delaminations  grew  away  from  the  notch,  reflecting  the  damage-induced 
redistribution  of  load.  In  the  orthotropic  laminate,  the  long  0-deg.  matrix  cracks  tangent  to  the  hole 
resulted  in  a  line  of  concentrated  fringes  along  the  cracks  and  a  more  uniform  strain  field  in  un¬ 
damaged  ligaments  of  material  adjacent  to  the  notch.  This  result  is  attributable  to  the  lack  of  shear 
load  transfer  capability  across  the  0-deg.  matrix  cracks  tangent  to  the  hole.  In  situations  where 
fractures  in  the  surface  ply  grew  transversely  to  the  notch  (accompanied  by  delamination  of  the 
surface  ply),  high  fringe  orders  resulted  over  the  fracture  path,  and  low  fringe  orders  resulted  over 
the  unloaded  lamina.  In  both  laminates,  fringe  orders  increased  in  the  remaining  load-bearing 
material  after  the  formation  of  fatigue  damage  near  the  notch.  Fringe  orders  decreased  in  the  regions 
above  and  below  the  notch,  reflecting  the  relaxation  of  strain  there.  Overall,  more  strain  redistrib¬ 
ution  was  seen  in  the  orthotropic  laminate  than  in  the  quasi-isotropic  laminate  due  to  the  more 
complete  reduction  of  the  notch  effect  by  the  damage.  The  greater  increase  in  residual  tensile 
strength  of  the  orthotropic  laminate  supports  this  observation. 


Thermal  Emission 

Full-field  strain  distribution  data  near  the  notch  measured  with  the  isentropic  thermal  emission 
technique  provides  valuable  insight  into  the  nature  of  load  redistribution  in  the  presence  of  damage, 
especially  when  used  in  conjunction  with  X-ray  radiography.  The  damage  mechanisms  that  cause 
increased  strains  and,  hence,  increased  thermal  emission  in  some  region  of  the  laminate  are  likely 
to  cause  that  same  region  to  be  involved  in  damage  growth,  and,  eventually,  the  tensile  fracture 
process.  Measurements  indicated  that  regions  of  high  thermal  emission  shifted  to  remain  in  front 
of  growing  damage  zones.  In  the  quasi-isotropic  laminate,  the  critical  zones  of  high  thermal  emis¬ 
sion  shifted  away  from  the  notch  along  a  transverse  direction,  just  ahead  of  the  0/45-interface  de- 
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laminations  under  the  surface  ply.  In  the  orthotropic  laminate,  the  critical  zones  shifted  along  the 
0-deg.  matrix  cracks  tangent  to  the  hole.  The  increase  and  decrease  of  temperature  change  measured 
in  the  critical  zones  corresponded  well  with  the  increase  and  decrease  of  residual  tensile  strength  of 
the  specimens.  Regions  of  high  thermal  emission  were  frequently  part  of  the  tensile  fracture  surface. 
In  both  laminates,  there  is  no  correlation  between  the  amplitude  of  thermal  emission  and  the  resi¬ 
dual  compressive  strength,  which  can  be  attributed  to  a  dependence  of  residual  compressive  strength 
on  the  size  and  distribution  of  delaminations,  and  their  effect  on  the  stability  of  the  notched  lami¬ 
nates,  rather  than  on  the  notch  effect  itself.  The  thermographs,  however,  do  indicate  delamination 
growth,  and  therefore  can  be  used  to  indicate  a  potential  loss  of  compressive  strength.  In  contrast 
with  the  photoelastic  data,  the  thermographic  measurements  indicated  little  deformation  near  frac¬ 
ture  paths  in  the  surface  plies.  This  is  due  to  the  sensitivity  of  thermal  emission  to  actual  surface 
material  deformation,  rather  than  to  a  coating  deformation. 

General 

Significant  relations  between  fatigue  damage  and  the  concomitant  changes  in  residual  stiffness, 
residual  strength  and  strain  distribution  in  two  notched  laminates  have  been  presented.  In  partic¬ 
ular,  the  associations  existing  between  the  residual  tensile  strength  and  the  distribution  and  magni¬ 
tude  of  strains  measured  with  the  photoelastic  coating  and  isentropic  thermography  techniques  were 
quite  encouraging,  and  should  be  investigated  further. 
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Table  1  —  Effective  secant  stiffness  of  virgin  center-notched  AS4/1808  laminates  measured 
during  the  first  fatigue  cycle. 


Stacking 

Tensile  Stiffness,  GPa 

Compressive  Stiffness,  GPa 

Sequence 

qty. 

min. 

max. 

mean 

qty. 

min. 

max. 

mean 

(0/45/90/ -45)  *4 

9 

30.4 

32.3 

31.0 

9 

27.1 

29.9 

28.4 

(0/45/0/-45)*4 

12 

41.3 

44.8 

42.8 

12 

36.1 

39.1 

37.6 

Table  2  —  Strength  of  virgin  center-notched  AS4/1808  laminates. 

Stacking 

Tensile  Strength,  MPa 

Compressive  Strength,  MPa 

Sequence 

qty. 

min. 

max. 

mean 

qty. 

min. 

max. 

meap 

(0/45/90/-45)s4 

3 

265 

275 

272 

3 

-304 

-318 

-312 

(0/45/0/-45)j4 

3 

354 

392 

373 

3 

-373 

-394 

-381 

Table  3  —  Center-notched  (0/45/90/-4S)—  AS4/1808  laminate  residual  properties 
under  fully-reversed  fatigue  at  203  MPa. 


Specimen 

1.0. 

Approx. 

%  of  Life 

No. 

Cycles 

Stiffness* 

Strength* 

E, 

Ec 

s. 

3-12 

15 

1305 

.93 

.96 

1.11 

2-1 

15 

904 

.94 

.92 

— 

.839 

3-2 

70 

9240 

.85 

.92 

1.19 

_ 

3-14 

70 

9400 

.85 

.89 

— 

.896 

2-3 

90 

11024 

.67 

.73 

.883 

2-2 

90 

8800 

.82 

1.14 

— 1 — 

.628 

*  Normalized  to  values  for  virgin  specimens. 


Table  4  —  Center-notched  (0/45/0/ -45)M  AS4/1808  laminate  residual  properties 
under  fully-reversed  fatigue  at  305  MPa. 


Specimen 

I.D. 

Approx. 

%  of  Life 

No. 

Cycles 

Stiffness* 

Strength* 

Ef 

Ee 

i»Mgf 

Sc 

3-3 

10 

250 

.94 

.92 

1.16 

3-5 

10 

350 

.94 

.94 

— 

1.04 

3-7 

50 

3708 

.79 

.77 

1.42 

— 

3-9 

50 

6570 

.79 

.87 

— 

1.02 

2-18 

90 

10460 

.67 

.76 

1.10 

4-7 

90 

5760 

.66 

.73 

.884 

*  Normalized  to  values  for  virgin  specimens. 
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Composite  laminates  are  prone  to  delamination  at  free  edges, 
straight  edges  or  at  holes,  due  to  the  mismatch  at  interfaces  where  two 
adjacent  plies  have  different  fiber  orientations  and/or  different 
material  properties.  The  linear  analysis  of  the  mismatch  at  the  edge 
results  in  a  mathematical  singularity.  That  phenomenon  occurs  in  a 
boundary  layer  and  has  to  be  treated  mathematically  and  physically  as 
such.  In  the  literature  it  is  called  the  "Boundary  Layer  Effect"  or 
simply  the  "Edge  Effect".  It  is  of  great  importance  to  recognize  and  be 
able  to  predict  delamination  locations  at  edges  prone  to  such  events. 
The  goal  of  this  research  was  to  create  a  model  capable  of  providing 
such  a  prediction.  In  an  effort  to  generalize  the  model,  the  more 
complicated  case  of  a  free  edge  at  holes  in  the  composite  laminate  was 
chosen  rather  then  the  case  of  a  straight  free  edge. 

A  sequel  of  three  major  efforts  was  completed:  1)  Development  of  the 
analysis  of  the  free-edge  effect  at  a  hole  in  a  composite  laminate,  2) 
Performance  of  an  extensive  experimental  program  to  provide  data  for  the 
creation  of  the  prediction  model,  and  3)  On  the  basis  of  the  analysis, 


establishment  of  the  model,  and  comparison  with  the  experimental 
results. 

The  prediction  model  consists  of  two  major  products  of  the  analysis, 
the  order  of  the  singularity  and  the  strain  energy  release  rate.  Both 
are  useful  in  locating  the  interface  most  prone  to  delaminate  and  the 
point  along  the  hole  circumference  where  it  initiates. 

Two  material  systems  (AS4/3501-6  and  AS4/1808)  and  two  stacking 
sequences  [  (0/45/0/-45)>)4]  and  [  (0/45/90/-45M4  ,  quasi -ortho  tropic 
and  quasi -isotropic  respectively,  were  quasi-statically  tested  under 
tension  and  compression.  The  specimens  were  X-rayed  after  each  loading 
stage  in  order  to  locate  the  initiation  of  de laminations.  The  fact  that 
both  materials  consisted  of  the  same  type  of  fibers,  was  an  excellent 
opportunity  to  examine  the  performance  of  the  matrix  and  its  influence 
on  the  process  of  delaml nation.  Matrix  dependent  behavior  was 
successfully  examined  and  studied  through  the  experiments  and  the 
prediction  model.  Results  showed  good  correlation  and  high  sensitivity 
to  the  type  of  matrix  material  involved. 
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Chapter  1 

INTRODUCTION  I 


It  is  known  that  a  wide  range  of  properties  and  performance  can  be 
achieved  through  the  utilization  of  composite  laminates  in  structures, 
since  it  is  possible  to  adjust  the  ply  orientations,  stacking  sequence, 
and  thickness.  At  the  edge  of  the  laminate,  however,  high  values  of 
stresses  are  often  obtained  due  to  ply  deformation  mismatching,  which 
may  lead  to  delamination.  That  delamination  can  be  controlled  by 
artificial  means  such  as  stitching,  tufting,  or  constraining  the  edge  by 
caps. 

A  more  natural  procedure  is  available  through  optimization  of  fiber 
orientation,  weaving,  and  layer  sequencing  in  the  vicinity  of  the  edge 
in  order  to  reduce  edge  effects,  or  even  by  reversing  the  situation  by 
changing  tension  conditions  to  compression.  In  order  to  utilize  the 
above  mentioned  improvements,  a  tool  is  needed  to  provide  the  means  to 
locate  and  qualify  locations  prone  to  delaminate,  so  that  we  can  make 
the  necessary  changes.  This  tool  should  consist  of  a  prediction  model 
and  the  supporting  analysis. 

In  the  search  for  such  a  criterion,  some  parameters  involved  in  the 
analysis  are  investigated  as  major  factors  which  control  the  phenomenon. 
These  parameters  are  the  order  of  stress  singularity,  the  free  edge 
stress  intensity  factors,  and  energy  considerations  associated  with  the 
energy  release  rate. 

Even  though  a  singularity  is  the  result  of  a  mathematical  procedure 
within  a  boundary  layer,  and  not  a  physical  parameter,  its  order 

1 


I 


I 


9 


I 


I 


C 


| 


I 


reflects  a  local  trend  and  rate.  Thus,  comparing  the  order  of  the 
singularity  at  different  locations  results  in  the  method  of  rating  the 
vulnerability  to  delamination  in  those  positions. 

There  are  three  major  steps  in  the  investigation  of  the  problem  of 
delaminations  at  free  edges.  First,  a  proper  way  to  analyze  the 
phenomenon  of  the  edge  effect  at  holes  should  be  developed.  Than,  a 
prediction  model  should  be  built  upon  that  analysis.  Finally,  it  is 
essential  to  compare  the  analysis-based  model  with  the  result  of 
appropriate  experiments.  The  next  few  sections  will  examine  the  present 
situation  in  conjunction  with  the  above-mentioned  steps,  and  then 
preview  the  scope  of  the  current  investigation. 

1.  1  Survey  of  the  state  of  the  art 

As  mentioned  above,  two  major  aspects  of  the  current  research  are 
surveyed  in  the  literature.  (1)  the  analysis  of  edge  effects  at 
composite  laminates  at  free  edges  and  at  holes,  and  (2)  the  development 
and  utilization  of  a  prediction  model  for  the  onset  of  delamination. 

1.1.1  The  edge  effect  in  composite  laminates 

The  behavior  of  the  stress  field  at  edges  of  composite  laminates  due 
to  the  deformation  mismatching  has  been  the  subject  of  extensive 
investigation  during  the  last  two  decades.  Pipes  and  Pagano  (1970)  used 
a  finite  difference  method  to  solve  the  relevant  elasticity  equations, 
whereas  Wang  and  Crossman  (1977)  employed  a  finite  element  approach  to 
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investigate  this  phenomenon.  Recently,  an  approximate  method  was 
presented  by  Lagace  (1987)  using  the  force  balance  method  in  conjunction 
with  minimization  of  energy.  Due  to  the  approximate  nature  of  the 
approaches  involved  in  the  previous  studies,  it  was  net  possible  to 
determine  the  order  of  singularity  of  the  stresses  at  the  free  edges. 
Wang  and  Choi  (1982)  derived  an  analytical  solution,  following  a 
Lekhnitskii  (1963)  formulation,  and  obtained  the  exact  order  of 
singularity  at  the  edge  of  the  laminate.  Their  derivation  involves  a 
special  form  of  Lekhnistkii’s  stress  potentials  which  explicitly 
Includes  a  parameter  identified  as  the  order  of  the  singularity. 
However,  their  solution  for  the  stresses  is  approximate,  and  due  to 
mathematical  difficulties  the  method  was  only  applied  to  the  analysis  of 
special  types  of  laminates  at  the  straight  free  edge,  as  was  done  by  the 
previously  mentioned  researchers. 


1.1.2  Models  for  delamlnatlon  prediction 

The  significance  of  the  ability  to  predict  the  onset  of 
del ami nations  in  composites,  as  discussed  above,  drove  many 
investigators  to  postulate  methods  and  models  to  provide  such  a  tool. 

The  simple  idea  of  looking  at  high  values  of  stresses  or  strains  at 
the  region  of  influence  of  the  phenomenon  was  applied  by  various 
investigators.  Klang  and  Hyer  (1985)  used  the  finite  element  method  to 
calculate  the  distribution  of  strains  looking  for  the  maximum  as  a 
criterion  for  initiation  of  delamination.  Kim  and  Soni  (1984)  looked  at 


the  distribution  of  the  out-of-plane  interlaminar  stress,  then  averaged 
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that  stress  along  a  fixed  distance  called  the  critical  length  taken  as 
one  ply  thickness,  assuming  failure  to  occur  when  the  average  value 
reached  some  interlaminar  tensile  strength.  That  critical  stress  is  very 
difficult  to  determine  and  so  was  taken  as  the  transverse  strength  of 
the  composite  material. 

Pagano  and  Pipes  (1972)  searched  for  a  fast  and  simple  way  to  look 
for  initiation,  provides  an  engineering  tool,  easy  apply.  In  doing  so, 
they  looked  at  the  transverse  planner  stresses  resulting  from  classical 
lamination  theory,  and  the  moments  these  stresses  apply  on  the 
interfaces.  Then  stresses  were  calculated  utilizing  these  moments,  and 
the  most  vulnerable  interface  was  predicted  simply  by  comparison  of 
those  stresses. 

O’Brien  (1982)  looked  at  the  energy  release  rate  at  the  interfaces 
at  free  edges  of  the  laminate.  The  calculation  of  the  energy  release 
rate  was  based  on  the  stiffness  loss  due  to  delamination,  calculated  by 
means  of  classical  lamination  theory.  The  expression  for  the  energy 
release  rate  is  as  follows, 


e2t  * 

G  =  (E  -  E  ) 

2  lam 


where,  e  is  the  nominal  axial  strain  at  the  undelaminatea  laminate,  t  is 
the  laminate  thickness,  E  is  the  axial  laminate  stiffness  calculated 

lam 

• 

from  classical  lamination  theory.  E  is  axial  stiffness  of  the  laminate 
when  completely  delaminated  along  one  or  more  interfaces,  calculated  by 
the  stiffnesses  of  the  separated,  delaminated  parts  weighted  by  the 


number  of  plies  in  each  sublaminate. 
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1.2  Scope  of  Investigation 

The  overall  process  of  the  current  research  is  presented  in  fig.  1 
which  shows  the  logical  flow-chart  to  be  followed.  The  two  main 
branches,  as  reflected  in  the  flow-chart,  Eire  the  analytical  path  and 
the  experimental  one.  The  following  is  a  brief  discussion  of  the 
intentions  and  methods  employed  in  both. 

As  previously  described,  none  of  the  analyses  of  the  free  edge 
effect  except  the  one  done  by  Wang  and  Choi  (1982)  included  the 
mathematical  singularity  as  it  appears  at  the  free  edge.  Indeed, 
comparison  of  the  results  of  the  different  approaches  shows 
discrepancies,  sometimes  resulting  in  an  opposite  stress  sign  indicating 
tension  instead  of  compression  as  it  should  be.  None  of  the  analyses 
deals  with  the  problem  of  the  free  edge  at  a  hole.  In  the  present  work, 
the  approach  of  Wang  and  Choi  (1982)  is  followed  for  the  analysis  of  a 
laminated  plate  with  an  elliptical  hole.  The  proposed  method  is  general 
and  can  be  applied  to  any  type  of  composite  laminate  with  an  elliptical 
hole.  For  the  special  case  when  the  effect  of  the  hole  is  disregarded, 
the  general  method  is  applicable  to  the  special  types  of  laminates 
treated  by  Wang  and  Choi  (1982).  The  analysis  leads  to  an 
over-determined  system  of  equations  which  shows  ill-conditioned 
behavior.  This  mathematical  obstacle  is  overcome  by  adopting  the 
Singular  Value  Decomposition  Method,  Stewart  (1973),  to  determine  the 
real  rank  of  the  matrix  when  it  is  less  than  full  rank. 

Since  the  mathematical  singularity  plays  an  important  role  in  the 
analysis,  it  has  to  find  its  way  to  the  prediction  model,  too.  That  is, 
in  the  formulation  of  the  strain  energy  release  rate,  and  the  order  of 
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the  singularity  as  a  stand-alone  parameter  as  well.  The  importance  of 
the  order  of  singularity  as  a  physical  parameter  rather  then  merely  as  a 
mathematical  one  will  be  discussed  and  explained  within  the  context  of 
the  boundary  layer  effect. 

Finally,  a  series  of  experiments  is  to  be  presented,  analyzed,  and 
examined  in  conjunction  with  the  prediction  model.  In  order  to  meet  as 
many  objectives  as  possible,  the  testing  program  consists  of  various 
types  of  materials  with  different  matrix  systems  and  different  stacking 
sequences,  as  well  as  different  loading  (tension  and  compression). 


ANALYSIS  OF  THE  EDGE  EFFECT  AT  ELLIPTICAL  HOLES  IN  COMPOSITE  PLATE 


The  development  of  a  solution  for  the  free  edge  effect  at  holes  in  a 
composite  plate  is  described  in  this  chapter.  The  governing  equations 
consist  of  differential  equations  and  therefore  are  decomposed  into 
homogeneous  and  particular  parts.  The  derivation  of  the  homogeneous 
solution  is  identical  to  the  method  of  Wang  and  Choi  (1982).  The 
particular  solution  satisfies  the  governing  equations,  free  edge 
conditions,  the  Interfacial  continuity  relations,  and  the  upper  and 
lower  traction-free  surface  requirements  and  represents  the  influence  of 
the  hole.  The  effect  of  an  elliptical  hole  is  incorporated  by  adopting 
Lekhnitskii’s  solution  for  anisotropic  plates  containing  an  elliptical 
cavity.  By  conversion  of  the  composite  laminate  into  an  anisotropic 
plate  via  classical  lamination  theory  (Jones  (1975)),  the  strains  were 
evaluated  from  Lekhnitskii’s  solution.  The  corresponding  stresses  in  the 
different  plies  can  thus  be  determined.  As  the  analysis  is  based  on  a 
set  of  eigenvalues  and  includes  some  numerical  integration,  the  accuracy 
of  the  results  was  assessed  and  demonstrated  by  selecting  various 
numbers  of  eigenvalues  and  points  of  integration.  Results  are  given 
which  exhibit  the  effect  of  the  hole’s  edge  on  the  behavior  of  stresses 
within  the  boundary  layer  and,  for  special  cases,  throughout  the 


laminate. 
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2. 1  Basic  formulation 

2.1.1  Solution  methodology 

Consider  a  composite  laminate  containing  an  elliptical  cutout  as 
shown  in  fig.  2.  A  system  of  Cartesian  coordinates  is  Introduced  whose 
origin  is  located  at  the  bore  edge  at  the  examined  interface  and  its 
orientation  follows  the  scanning  azimuth  in  a  way  that  x^  axis  is  always 
radially  oriented  away  from  the  center  of  the  hole.  Every  lamina  is 
assumed  to  be  elastic  and  anisotropic,  obeying  the  generalized  Hooke’s 
law: 


{e>  =  [  S  H  <r> 


(1) 


in  which  {e>  are  the  strain  components  of  the  mth  ply, 


{c>  =  [e  ,c  ,e  ,2e  ,2e  ,2c  ]T 

11  22’  33’  23’  13  12 


The  solution  methodology  follows  Lekhnitskii’s  (1963)  approach  for 
anisotropic  plates  as  used  by  Wang  and  Choi  (1982).  The  problem  is 
treated  as  a  boundary  layer  problem.  It  is  somewhat  similar  to  the 
aerodynamic  problem  of  viscous  flow  around  an  airfoil.  In  the 
aerodynamic  problem,  we  consider  a  streaming  flow  past  a  slender  body. 
The  fluid  viscosity  is  taken  to  be  relatively  small  and  the  shearing 
stresses  developed  are  very  small.  It  is  known  that  except  for  a  thin 
layer  adjacent  to  the  solid  body,  the  transverse  velocity  gradients  sire 
negligibly  small  throughout  the  flow  field.  However,  within  that  thin 
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boundary  layer,  large  shearing  velocities  are  produced  resulting  in 
large  shear  stresses.  The  importance  of  this  concept  is  that  it  allows 
us  to  apply  the  more  complicated  equations  related  to  the  boundary  only 
within  that  thin  layer,  and  some  appreciable  simplifying  assumptions  can 
reasonably  be  made.  In  the  aerodynamics  case,  these  are  the  viscous 
motion  equations.  In  our  case,  the  boundary  layer  is  a  relatively  thin 
region  at  the  vicinity  of  the  edge.  At  the  free  edge  the  stress  field  is 
singular  and  thus  its  values  are  infinite.  Within  the  boundary  layer 
stresses  change  rapidly  from  the  edge  to  the  other  side  of  the  region 
where  they  agree  with  results  from  classical  lamination  theory,  Jones 
(1975),  and  anisotropic  plates,  Lekhnitskii  (1963).  Within  the  boundary 
layer,  changes  with  respect  to  xt  and  xg  are  considered  to  be  larger 
than  changes  with  respect  to  x  .  Thus,  within  that  region  we  may 

d 

simplify  the  problem  and  neglect  variations  with  respect  to  x  requiring 
compatibility  with  the  above  mentioned  solutions  which  take  changes  with 
respect  to  xg  into  account  such  as  the  solution  of  an  anisotropic  plate 
with  cavity,  Lekhnitskii  (1963).  Several  assumptions  should  be  noted: 

1.  The  composite  laminate  is  of  finite  width. 

2.  The  laminate  is  long  enough  such  that  end  effects  can  be  neglected. 

3.  Due  to  the  neglect  of  variations  with  respect  to  X3  we  may  assume 
a  state  of  generalized  plane  deformation  within  the  boundary 
layer. 

The  equilibrium  equations,  in  the  absence  of  body  forces,  are  given  by 


i.J  -  1,2,3 


(2) 
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Due  to  assumption  3,  derivatives  with  respect  to  are  omitted, 

reducing  (2)  to 


<r  +  <r  =0 

11,1  12,2 


(a) 


cr  +  <r  =  0 

21,1  22,2 


(b)  (3) 


<r  ^  <r  =  0 

31,1  +  32,2 


(c) 


The  small  strain  tensor  is  given  in  terms  of  the  displacements  u^  by 


e  =  -(u  +  u  ) 

!j  2  i ,  j  j,l 


(4) 


Using  (4)  in  (1)  and  integrating  provides 


1  2 

u  =  -  -  A  S  x  -  Axx  +  U(x,x)+wx-wx  +  u  (a) 

1  21333  423  112  23  32  10 


u  =  -iASx2  +  Axx  +  U(x,x)+ux  -  u  x  +  u  (b)  (5) 

2  22333  413  2  12  31  13  20 


u  =  ( A  x  +  Ax  +  A  )S  x  +  U(x,x)+wx  -  «  x  +  u  (c) 

3  11  22  3333  3  12  12  21  30 


where  ujQ  and  w^are  rigid-body  translations  and  rotations,  respectively. 
The  stress  in  the  longitudinal  direction,  <r  is  given  by, 


<r  =  Ax  +  Ax  +  A  - 

33  1  1  2  2  3 


S  or 
3J  1 

S 

33 


(6) 
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where  J=l,2,4,5,6  using  the  contracted  Greek  notation  for  stresses. 

The  derivatives  of  functions  U  (x  ,x  ),U  (x  ,x  ),U  (x  ,x  )  are 

112  212  312 

expressed  in  the  form 


U  =§<r  +  S  (Ax  +  A  x  +  A  ) 

1.1  1J  J  13  1  1  22  3 


U  =S<r+S(Ax+Ax+A) 

2,2  2Jj  2311  2  2  3 


U  =  S  <r  +  S  (Ax  +  Ax  +  A  )  +  A  x 

3,1  SJ  J  S3  1  1  2  2  3  4  2 


U  =S  «r  +  S  (Ax  +  A  x  +  A  )  -  Ax 

3,2  4J  J  43  1  1  2  2  3  4  1 


U  +  U  =  S  <r  +  S  (Ax  +  Ax  +  A  ) 

1,2  2,2  6J  J  63  1  1  2  2  3 


where  S  is  the  reduced  form  of  S  given  by: 


S  S 

S  =  S  -  -11^- 
U  ‘J  S _ 


i , j=l , 2, 4,5,6 


Following  Wang  (1982),  we  adopt  Lekhnitskii’s  stress  potentials  F,^ 


defined  by 


or  -  <r  =  F,  ;  <r=<r  =  F,  ;  <r=<r  =  —  'tf,  ; 

l  11  22  2  22  11  4  23  1 


<r  =  cr  =  't,  ;  <r  =  <r  =-F, 

S  13  2  6  12  12 


Equation  (9)  satisfies  (3)  and  when  used  in  conjunction  with  (5)  &  (7) 
it  creates  a  system  of  governing  equations  that  can  be  expressed  in 
terms  of  partial  differential  operators  which  have  the  form: 


L  F  +  L  t  =  -  2A  +  A  S  -AS 

3  2  4  1  34  2  35 


L  F  +  L  ♦  =  0 

4  3 


(10) 


where 


L  =  S  — - S  - 

2  442  45 

Sx 


-  S 


dx  dx 

l  2 


55.2 

dx 

2 


(a) 


a3  a3 

L  =  -  S  +  (S  +  S  )  — — 

3  24  -  3  25  46  -2 


dx 


dx  dx 
1  2 


+  (S  +  S  ) 

14  56 


S' 


dx  dx2 
1  2 


+  s 


15-3 
dx 

2 


(b) 


(11) 


L  =  S 


22-4 

Sx 

1 


2S 


26  Sx3Sx 
1  2 


+  (2S  +  S  )— - 

12  66  2  „  2 
dx  dx 
1  2 


-  2S 


16 


Sx  Sx 
1  2 


+  s  - 

3  11 


Sx 


(c) 


2.1.2  Boundary  conditions 

We  consider  three  types  of  boundary  conditions,  as  follows  in  the 


next  sections. 
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2. 1.2. 1  Traction-free  edge  boundary  conditions 

Assuming  that  the  edges  of  the  laminate  and  the  hole  are 
traction-free,  it  follows  that 

<r  =  <r  =  <r  =  0  x=0,  x=0,  x=0  (12) 

11  13  12  123 


2. 1.2.2  End  conditions 

We  require  static  equilibrium  with  the  remote  loading  by  forming  the 
following  integrals  over  the  cross-sectional  area  B  as  shown  if  fig.  2 
(Lekhnitskil,  1963) 


Jjc r  dx  dx  =0 

„  13  l  2 

B 


Jj<r  dx  dx  =0 

23  1  2 

B 


J )cr  dx  dx  =  P 
33  1  2  33 

B 


JJ  <r  x  dx  dx  =  M 

33  2  1  2  11 

B 


J  J  <r  x  dx  dx  =  M 

33  1  1  2  22 

B 


JT(<r  x  -<r  x  )dx  dx  =  M 


(a) 


(b) 


(c)  (13) 


(d) 


(e) 


(f) 
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For  cases  where  analysis  Is  done  at  an  azimuthal  angle  a  different  than 

0°,  the  coordinate  system  is  rotated  such  that  the  x  axis  Is  tangent  to 

3 

the  hole  surface  and  creates  an  angle  a  with  respect  to  the  longitudinal 
axis  of  the  plate.  The  domain  in  which  integration  is  carried  out  is 
cross-sectional  area  B/cos(a). 


2. 1.2.3  The  cavity  boundary  conditions 

Special  treatment  is  required  in  the  vicinity  of  the  hole.  This  is 

achieved  by  conversion  of  the  laminate  plate  cross  section  into  an 

anisotropic  plate  via  its  effective  elastic  constants  (E  ,E  ,G  ,v  ) 

x  y  xy  xy 

calculated  by  classical  lamination  theory,  Jones  (1975).  Analysis  of 
such  a  plate  with  cavity  subjected  to  various  loads,  is  done  following 
Lekhnitskll  (1963).  The  resulting  strains,  when  multiplied  by  the 
stiffness  components  of  the  relevant  ply,  provide  the  planar  stress 
distribution  in  that  ply.  These  stress  distributions  are  applicable  away 
from  the  hole  where  the  edge  effects  are  negligible. 


2.1.3  Interfacial  continuity 

Continuity  of  tractions  must  be  satisfied  at  the  interface  between 
the  m  and  m+1  plies: 


(a) 

r 

21 


=  <r 


( a+ 1  ) 


21 


X 


2 


=  0 


i  =  1,2,3; 


(14) 
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and  the  displacements  must  be  continuous: 

u(.)  =  u<  — l  =  1>2  3.  x2  =  0  (15) 


2.2  Solution  of  the  governing  equations 

The  solution  consists  of  two  parts,  homogeneous  and  particular 
solutions.  The  homogeneous  part  can  be  exactly  derived  and  provides  the 
stress  singularities  at  the  edges.  On  the  other  hand,  the  particular 
solution  can  not  be  exactly  obtained,  and  an  approximate  method  is 
applied. 

2.2.1  The  homogeneous  solution 

Following  Lekhnitskil  (1963),  the  general  forms  of  his  stress 
potential  are  taken  in  the  form 

e 

FUj.x  )  =  l  F  (Z  )  (a) 

k=l 

(16) 

e 

*(x  ,x  )  *  £  T)  F  (Z  )  (b) 

12  k  k  k 

k  =  l 

where  Zfc  =  xt  +  Mk>«2»  Pk  are  the  roots  of  the  characteristic  equation  as 

shown  below,  are  ratios  of  components  of  the  characteristic  equation, 

» 

and  F  (Z  )  is  the  derivative  w. r.t.  the  argument  Z  . 

k  k  k 

Regarding  the  homogeneous  form  of  Eqn.  (10),  we  consider  the 
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potentials  F  and  $  to  consist  of  two  parts  denoted  by  indices  1  and  0 
designating  the  homogeneous  and  the  particular  solutions,  respectively. 
The  characteristic  equation  of  the  homogeneous  solution  is  defined  by 
the  LHS  of  (10).  Eliminating  one  of  the  functions,  say  4^,  we  obtain  a 
6th  order  equation  for  the  remaining  F  , 


(L4L2  '  S)Fi  "  0 


(a) 


which  can  be  decomposed  into 


(17) 


WWW*  = 0 


(b) 


where 


n  a  a 

Dk  =  3x  4k  dx 

2  1 


Consequently,  new  sets  of  operators  are  obtained  from  (11): 


1  *  S  n  -  2S  n  +  § 

2  55^  45^  44 


(a) 


1  =  §  n  -  (S  +  S  )M  +  (S  +  S  )  -  S 

3  IS  14  58  ^  25  48  24 


(b)  (18) 


1  =  S  fi4  -  2S  fi3  +  (2S  +  S  )n2  -  2S  n  +  S  (c) 

4  lr  18^  12  86  ^  26^  22 
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The  resulting  characteristic  equation  is 

l4(#i)l2(M>-l  3%)  =  0  (a) 

also  (19) 


w  =  __w 
w  w 


(b) 


It  has  been  shown  by  Lekhnitskii  (1963)  that  the  p are  complex 
conjugates  where  the  real  part  vanishes  for  orthotropic  materials. 

Solving  the  polynomial  (19),  and  substituting  for  the  stresses  and 
displacements  (9)  and  (7),  respectively,  yields  the  following  results 
designated  by  (h)  for  the  homogeneous  part  of  the  solution,  J 


C  - 

k  =  1 


k  =  l 


(h) 

r23 

(h) 


=  (zk) 


k=  1 


<r =  E  V  M  F  (Z  ) 

13  u  ’krk  k 


k  =  1 


(h) 


e 


1 2  —^kF  (Zk> 
k  =  1 


(a) 

(b) 


(c) 


(d)  (20) 


(e) 


20 


u"'1  -  £pkF'(Z.) 

k»l 


U2M  *^/(Zk) 
k  =  1 


u;h)  *  e  t  f* (z  i 

k  =  l 


where 


p  *  §  p  +  §  -§7j+§7jp-§/x 

Kk  11  K  12  14  k  IS  'k  K  16  k 


§  §7} 

a  22  24  k  p;  a 

a  =  S  ix  + - -  +  S  Tj  -  S _ 

Mk  12^ k  IX  IX  2Sk  26 

k  k 


§  S  TJ 

t  =  §  p  +  -ii  -  +  §  7J  -  s 

k  14  k  H  H  45  'k  46 


k  k 


Following  the  idea  of  Wang  and  Choi  (1982),  the  functions  are 

expressed  in  the  form 


W  -  ck-T5Ti: 


By  choosing  this  particular  expression,  it  can  be  readily  shown  (by 
performing  second-order  derivatives)  that  the  general  form  of  the 
stresses  can  be  represented  in  the  form 


<r  =  Kr 
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It  is  obvious  that,  by  solving  for  5,  we  obtain  the  exact  order  of 
the  singularity  as  r  approaches  zero.  Equation  (22)  followed  by  (23) 
have  to  satisfy  all  boundary  conditions  and  governing  equations  for  the 
homogeneous  and  particular  parts  of  the  solution.  Substituting  (22)  into 
(20)  provides  the  following: 


C  =  £  *  S.A2?1 


k  =  l 


(a) 


(h)  r<  r  ^  .  =6, 

<r  =  v  cZ  +  c  2] 

22  u  k  k  k+3  k 
k  =  l 


(b) 


<r(h  31  -  £  [c  tj  Z5  +  c  2^] 
23  u  k  'k  k  k+3  'k  k 

k  =  l 


(C) 


<r(h  =  V(cT}fiZ5  +  c  tjjxZ] 
13  u  k  k*k  k  k+3  k'k  k 
k  =  l 


(d)  (24) 


(h)  nr  -8  ~  =6. 

<r  =  -  He  (i  Z  +  c  u  Z  ] 

12  u  k  *  k  k+3^k  k 

k= 1 


(e) 


•  z  i\>A"  * * u 

k=l 


(f) 


u(h)  =  £  (c  q  z5+l  +  c  q  S?*l]/(8  +  1) 

2  u  kMk  k  k+3Mk  k 

k  =  l 


(g) 


u(h)  =  V  [c  t  Z5+:  +  c  t  Z6*1)/^  +  1) 

3  u  k  k  k  k+3  k  k 

k- 1 


(h) 
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It  should  be  noted  that  the  present  contribution  (23)  from  the 
homogeneous  solution  involves  the  parameter  5.  This  parameter  depends  on 
the  specific  geometry  in  the  close  vicinity  of  the  edge  as  well  as  on 
the  elastic  constants  of  the  two  adjacent  plies.  Thus,  (23)  is  valid  at 
the  hole  as  well  as  at  the  plate  edge,  and  refers  to  the  relevant  ply 
pair  in  which  $  was  calculated. 

Substituting  (22)  into  the  free  edge  boundary  conditions  (12), 
yields  three  equations  for  each  of  the  two  adjacent  plies,  resulting  in 
a  total  of  six  equations.  Similarly,  substitution  into  the  interfacial 
conditions,  (15),  contributes  an  additional  six  equations.  There  are  six 
unknown  coefficients  c^,  k  *  1-6,  for  each  layer  and  the  additional 
unknown  power  5.  This  system  of  12  algebraic  equations  cam  be  presented 
in  a  matrix  form: 


(AKC>  =  0  (25) 

where  [A]  is  a  12x12  matrix  whose  elements  involve  6  as  a  power.  In 
addition, 

(c>  *  [c‘*\  c‘*M,]T  k  =  1,2, 3, 4, 5, 6 

This  system  establishes  a  nonlinear  eigenvalue  problem  for  which  {C>  are 
the  eigenvectors  and  5^  ame  the  corresponding  eigenvalues  determined 
from  the  requirement  that  [A]  must  varnish  for  a  non-trivial  solution: 


I 


det[A]  =  0 


(26) 


The  solution  of  Eqn.  (26)  is  performed  by  a  deflation  technique  as 
presented  by  Muller  (1956).  Since  (26)  is  a  transcendental  equation,  an 
infinite  set  of  solutions  for  5  is  obtained.  The  algebraically  smallest 
eigenvalue  is  a  real  number  in  [-1,0]  and  is  the  order  of  the 
singularity  as  explained  by  Wang  and  Choi  (1982).  For  the  case  of  an 
angle-ply  laminate,  the  higher  eigenvalues  are  either  integers  or  pairs 
of  conjugate  complex  numbers.  The  properly  truncated  set  of  eigenvalues 
is  used  in  the  particular  solution  to  ensure  convergence.  Once  (25)  is 
solved,  the  stresses  and  displacements  are  obtained  from  (24)  using  the 
expressions: 


<rlh)  =  £  d(h,f  (x  ,x  ;5  ) 
a  u  n  an  l  2*  n 
n 


„  (h)  «  .(h)  ,  *  , 

“p  =Ed„  egn'VVV 

n 


a  -  1,2, 4, 5, 6  (a) 


0  -  1,2,3 


(h) 


S  <r(h) 
3J  J 

S 

33 


(b)  (27) 


(c) 


where  f  and  g_  are  the  eigenfunctions  which  coincide  with  the 
an  p  n 

right-hand  side  of  Eqn.  (24)  and  include  the  infinite  set  of  S  .  The 
infinite  set  of  coefficients  {d(h)>  is  to  be  determined  in  conjunction 

n 

with  the  particular  solution.  A  computer  program,  called  "SINGULAR",  w as 
developed  on  a  personal  computer  to  provide  the  list  of  eigenvalues  and 
the  order  of  singularity.  See  Appendix  B  for  a  description  and 


explanations  of  that  code. 
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2.2.2  The  particular  solution 

A  particular  solution  (denoted  by  superscript  p)  to  Eqn.  (10)  is 
expressed  in  the  form  : 


,(p)  3  2.  2  3  2  2 

•  a  a  x  +  a_x  x  +  a  x  x  +  ax  +  a  x  +  axx  +  ax 

11  212  312  42  51  612  72 


r(p)  2  2 

It  *  a  x  +  a  x  x  +  a  x  +  a  x  +  a  x 
81  s  1  2  10  2  11  1  12  2 


(28) 


Substitution  of  Eqn.  (28)  into  Eqn.  (9)  yields 


r(p) 

li 


2a  x  +  6a  x  +  2a 
3  1  4  2  7 


r(p>  a 
22 


6a  x  +  2a  x  +  2a„ 
11  2  2  s 


r(p)  a 
23 


-  2a  x  -  ax  -  a 
81  92  11 


r(p)  a 
13 


ax  +  2a  x  +  a 
91  10  2  12 


<r(p)  =  -  2a  x  -  2a  x  -  a 
12  2  1  3  2  8 


(a) 


(b) 


(c)  (29) 


(d) 


(e) 


and 


«r(p)  =  (A  x  - 
33  11 


A  x 
2  2 


V  - 


S  <r(p) 
3J  J 

S 

33 


(30) 
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The  expression  of  the  particular  part  of  the  displacements,  u|p>, 
follows  exactly  the  form  of  Eqns.  (5a-c),  in  which 


U(p)  =  -  G  x2  +  G  xx  +  G  x  +  -  (G  -  G  )x2  +  -  G  x  (a) 

1  2  11  1  12  1  2  13  1  2  82  21  2  2  83  2 


U 


(P) 


G  xx  +  -G  x2  +  G  x  +  -  (G  -  G  )x2  +  -  G  x  (b)  (31) 

12  1  2  2  22  2  23  2  2  81  12  1  2  83  1 


U 


<P> 


-  G  x2  +  (G  +A)xx  +  G  x  +  -G  x2  +  G  x  (c) 

2  SI  1  S2  4  12  S3  1  2  42  2  43  2 


and 


G  =  2S  a  +  6S  a  -  2§  a  ♦  §  a  -  S  a  +  S  A  (a) 

J1  J1  3  J2  1  J4  8  JS  9  JB  2  ]3  1 


GJ2  -  6S„N  *  2§j2S  -  s,.%  *  2S)5*,o  -  2§WS  *  v=  (b)  <32) 


G  =  2S  a  +  2S  a  -  §  a  +Sa  -Sa+SA 

J3  Jl  7  J2  S  J4  11  JS  12  J6  8  J3  3 


(c) 

J  =  1,2, 4, 5, 6 


The  coefficients  in  Eqn.  (28)  are  determined  by  satisfaction  of  the 
governing  equations  (10),  the  traction-free  boundary  conditions  Eqn. 
(12),  and  the  interfacial  conditions  (14, ’5).  To  this  end,  a  system  of 
34  linear  algebraic  equations  is  obtained  for  the  44  unknown 
coefficients  in  Eqns.  (29)— (32) .  Equation  (10)  yields: 
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-6§>  a  +  2(§  +  S  )a  -  2(§  +  S  )a  +  6S  a  +  S  a 

24  1  25  46  2  14  56  3  15  4  44  8 


2S  a  +  2S  a  = 

45  9  55  10 


-2A+AS  -AS 

4  1  34  2  35 


(a) 


(33) 


(■),(a+l)  = 
1 


i  =  3,4,6,7,10,12 


(b) 


and  the  following  quantities  sire  identical  for  the  m  and  the  m+1  plies: 


V  J  ■  1.2.5.8.11;  AjS33,  i 


1,2,3;  A^; 


G  ;  G  ; 

11  13 


G  -G  ; 
61  12 


iG  +  u  ; 

2  63  3 


G  ;  G;  (c)  -  (m) 

51  53 


u  .  1  =  1,2,3;  u  ,  k  =  1,2; 

10  k 


Using  Eqn.  (33  b,c),  we  can  rewrite  (33a)  in  the  form 


(§'k)  +  S<k))a  +  S(k>a  +  2A 

25  16  2  44  8  4 


=  0 


k  =  m,  m+1 


(34) 


Slmilou.'  elimination  will  provide 


G  —  6S  a  +  S  a  +  S  A 

11  12  1  IS  9  13  1 


(a) 


G  =  2S>  a  +  S  A 

13  12  5  13  3 


(b) 


G  =  -  2S  a  -  2S  a 
81  84  8  66  2 


(C) 


G  =  2S  a  +  S  A 

12  12  2  13  2 


G  =  -  S  a 

83  64  11 


G  =  6S  a  +  S  a 

51  52  1  55  9 


G  =  2S  a 

S3  52  5 


The  use  of  Eqn.  (35)  in  (33  d-k)  assuming  no  rigid  body  translations 
and  rotations,  results  in 


a  [6(SU)  -  §<B+1))]  ♦  a  [S(B)]  -  a*  [S<“^1> } 
1  12  12  9  IS  9  IS 


+  A  [S(B)  -  s,~1,s(B,/s(B+1)]  =  0 

1  13  13  33  33 


a  [2(§'B’  -  ♦  A  [S1-'  -  ') 

5  12  12  3  13  13  33  33 


a  [2(§1"'  -  S1-1’)]  +  a  [2(S1"'  +  S(B'  -  §IB*lf  -  §W11)] 

8  64  64  2  66  12  66  12 


+  A  [S<-)  -  Slm*liSlmi/Slm¥l}]  =  0 

2  13  13  33  33 


a  [s(->  -  s(B+l)]  =  0 

11  64  64 


a  [6(§<b)  -  S<n+1))]  +  a  [S<B>]  -  a’[S(B+1)]  =  0 
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* 

At  this  stage,  we  are  left  with  11  unknowns:  a,  a,  a,  a,  a,  a, 

1  2  s  8  a  a 

•  ^  h  H 

aii*  ^2’  ^3*  \  w^ere  a9  a9  are  f°r  m  and  ®  +  1  plies 

respectively,  and  the  rest  of  the  coefficients  are  identical  for  both 
layers.  These  unknowns  appear  in  the  8  equations;  (34),  (36)— (41 ) .  In 
order  to  impose  the  far-end  conditions  (13),  the  full  expressions  for 
the  stresses  (i.e.,  the  sum  of  the  homogeneous  and  particular  parts)  are 
needed.  This  adds  the  infinite  number  of  unknowns  d(h)  (Eqn.  (27)).  It 

n 

should  be  noted  that  although  in  practical  computation  this  set  of 
unknowns,  d(h),  is  truncated,  the  system  of  equations  is  still  over 

n 

determined  since  some  of  the  unknowns  were  eliminated  by  the  additional 

equations.  Next,  the  double  integrals  in  (13)  are  exactly  evaluated.  The 

results  are  in  App.  A.  Equations  (A1  -  A6)  together  with  (34) , ( 36 ) — ( 4 1 ) , 

form  a  system  of  14  equations  in  the  above  11  unknowns  and  the 

additional  unknowns  {d  >. 

n 

In  order  to  incorporate  the  effect  of  the  hole,  the  approach 

mentioned  in  (3. 1.2.3)  is  applied.  It  should  be  noted  that  the 

calculated  stresses  using  Lekhnltskii’s  theory  for  anisotropic  plate 

with  elliptical  cavity  are  <r(,)  and  <r(B>  .  Thus, 

1 3c  a  1  33cal 


(a),  . 

or  (x  ,  X  )  = 
33  12 


(a)  ,  . 

<r  (x  , x  ) 

33c  a  I  l’  2 


m  =  1,2,.... no.  of  plies  (42) 


(a),  -v  (a)  ,  . 

<r  (x  ,  x  )  =  <r  (x, ,  x  ) 

13  1  2  13cal  1  2 


The  traction-free  boundary  conditions  at  the  upper  and  lower  surfaces  of 
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the  laminate  are: 


o^Cxx) 
22  1  2 


<r(k)(x  ,x  ) 

23  12 


At  the  exterior  free  edge 


<r(k)  (x  ,x  ) 
11  1  2 


'»(lVV 


k  =  1,2;  xg  *  b,  -c,  respectively 


k  =  1,2;  xi  =  a 


For  the  symmetric  laminate,  the  following  relations  are  required  at  the 
plane  of  symmetry 


U1,2(VV  * 0 


u  (x  ,x  )  =  0 

2,1  1  2 


U  =  o 

3,2  1  2 


The  above  conditions  ( 42 ) — ( 45 ) ,  are  satisfied  by  minimization  of  the 


error  of  the  residuals  in  the  sense  of  a  weighting  function  technique. 
The  stresses  and  the  relevant  derivatives  of  the  displacements  (as 
required  in  Eqn.  (45)}  have  the  general  form 

R  *  £  D  4>  -  f  (46) 

n  n 


where  D 

are 

the 

coefficients  a  , 

A,, 

■  (h)  , 

d  ,  and  0 

are 

the 

trial 

n 

i 

J 

k  n 

functions 

to 

be 

identified 

with 

the 

eigenfunctions 

of 

the 

exact 

solution. 

The 

function  f  is 

either 

zero 

or  consists  of 

the 

solutions 

obtained  from  the  hole  effect,  Eqn. (42).  Orthogonal izat ion  of  R  with  the 
trial  functions,  such  that  the  inner  product  vanishes,  is  performed  in 
the  form 

Vi  “  f])  a  0  J  *  1.2 . n  (47) 

J  i=i 

The  inner  product  yields  n  equations  where  n  is  the  number  of  all 
unknowns  taken  into  account.  Thus 

n 

£D /(*  *  )dS  =  I(df)dS  j  =  1,2 . n  (48) 

1=1  lD  i  1  D  i 

where  0  is  the  domain  in  which  the  problem  is  treated  and  therefore  it 
is  where  integration  is  performed.  In  our  case,  this  domain  is  changed 
according  to  the  line  where  the  boundary  condition  takes  place  and  that 
is  where  integration  is  carried  out.  The  explicit  form  of  Eqn.  (48)  is 


given  by 


31 


D  [J‘(F<1)F<1)  +  f(1>f(1>  +  F(l)F(1))dS 

1  21  2J  41  4J  61  6J 


V  b 


+  J'(F(1)F<1)  +  F<nF(1>  +  F(1)F(1>)dS 
11  1J  SI  SJ  61  6J 


x  =  a 
2 


+  J(F<2>FlZ>  ♦  f(2,F12)  +  F<2)F<2>)dS 

11  1J  51  SJ  81  8J 

—  c 


x  =  a 

l 


+  X(FU,F(1>  +  F(1)FU))dS 

31  3J  51  SJ 


v° 


+  J'(F(2)F(2)  +  f(2>F(2>  )  dS 

31  3J  si  sj 


x  =  0 
2 


♦  J'(L(2,L(2)  ♦  L(2,L(2)  ♦  L(2,L(2,)dS 
^  11  1J  21  2J  31  3J 


X  =  CL 
2 


a-t 

J(<rVi'  F 

3cal  3 J 


m  p(i)  +  iu  F( 

Seal  5J 


11  ♦  <r<2)  F(2)  ♦  «r<2)  F(Z,)dS 
ij  3cal  3J  Seal  5J 


X  =  0 
2 


(49) 


in  which  J=l,2,...  (no.  of  unknowns)  and  t  is  the  laminate  thickness.  In 

Eqn.  (49),  Fai(m)  is  defined  by  the  homogeneous  and  particular  parts  of 

the  solution,  Eqns.  (27)  and  (29)  respectively. 

The  index  a  =  1,2, 3, 4, 5, 6  denotes  the  contracted  Greek  notation  for 

the  stresses.  The  functions  L„  (m)  (|3  =  1,2,3)  are  defined  by  the 

pi 

derivatives  (45).  The  integrals  in  (49)  are  performed  numerically  using 
Simpson’s  method.  The  number  of  points  of  integration  is  of  great 
Importance  when  convergence  of  the  solution  is  considered.  Equations 
(34), (36)-(41), (49)  provide  a  set  of  linear  algebraic  equations 
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AD  *  B  (50) 

in  which  A  is  the  coefficients  matrix  with  order  (qxn),  q>n;  q  is  the 
number  of  unknowns  associated  with  the  14  equations  from  the  elasticity 
solution  (34), ( 36 ) — ( 4 1 > » (49),  (A1)-(A6),  and  n  is  the  total  number  of 
unknowns.  In  Eqn.  (49)  D  is  a  vector  (nxl)  of  the  unknowns. 

The  over  determined  system  may  be  solved  in  the  least  square  sense 
as 


A* AD  -  AfB  (51) 

in  which  At  is  the  conjugate  transpose  of  A.  Eqn.  (51)  turns  out  to  be 
solvable  since  AfA  is  of  the  order  (nxn)  and  A  Bfls  (nxl),  but  due  to 

the  nature  of  the  general  solution  it  appears  that  some  rows  and/or 

columns  might  be  zero  or  show  dependency  which  causes  A*  A  to  be 

singular.  Even  if  a  mathematical  singularity  does  not  occur,  due  to  the 

use  of  a  computer,  the  solution  of  such  a  system  might  be  strongly 
ill-conditioned,  depending  upon  the  properties  of  the  plies  which  enter 
the  equations.  This  ill-conditioned  behavior  may  be  treated  by  adopting 
the  method  of  singular- value  decomposition,  Stewart  (1973).  According  to 
this  method,  every  matrix  A  (qxn),  q>n,  may  be  expressed  as  the 
multiplication  of  three  matrices  as  follows 

A  =  UZVT  (52) 


where  U  and  V  are  (qxq)  and  (nxn)  unitary  matrices  whose  columns  are  the 
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orthonormal ized  eigenvectors  of  AAT  and  ATA,  respectively.  The  matrix  Z 
is  diaigto’,  0)  which  is  am  (qxn)  matrix  with  <r  being  the  square  roots  of 
the  non-zero  eigenvalues  of  ATA.  Let  U  be  denoted  by 


(53) 


in  which  I-1  aure  the  reciprocals  of  the  non-zero  components  of  Z  in  a 

r 

descending  order  on  the  diagonal.  Let  us  also  define  w  by 


w  *  UTB  (54) 

and 

w 

v  *  —  i  *  1,2 . n  (55) 

I  or 

1 

The  desired  solution  is  determined  from 


(D}  *  [V](v> 


(56) 


Having  obtained  <D>,  the  displacements  and  stresses  are  computed  from 
Eqns.  (27), (29)  and  (30).  A  description  of  the  program  "EDGSTR"  is  given 
in  appendix  C.  This  program  follows  the  above  analysis  and  calculates 
the  stresses  amd  displacements. 
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2.3.  Convergence  of  the  solution  and  examples 


Consider  the  case  of  a  [±45]g  laminate  which  was  considered  by  Wang 
and  Choi  (1982),  Wang  and  Crossman  (1977),  Pipes  and  Pagano  (1970),  and 
Lagace  and  Kassapoglou  (1987).  The  properties  of  the  unidirectional 
single  ply  as  given  by  the  above  mentioned  authors,  for  the 
graphite-epoxy  system  are: 

E  *  20e6  psi,  E  =  E  =  2.  Ie6  psi,  G  =  G  =  G  =  0.85e6  psi, 

1  2  3  12  13  23 

and  v  =  v  =  v 

12  23  13 

As  a  case  study,  a  circular  hole  is  centrally  located,  and  the  laminate 

is  subjected  to  a  unit  stress  in  the  x3  direction  as  shown  in  fig.  4a. 

Results  were  obtained  in  three  locations:  in  the  vicinity  of  the 

hole  and  at  the  free  edge  of  the  laminate  sis  well  as  far  from  these  two 

locations  where  classical  lamination  theory  or  results  of  anisotropic 

plate  analysis  with  a  center  hole  are  valid.  Convergence  of  the  obtained 

stresses  was  studied  by  examining  the  effect  of  the  number  of 

eigenvalues  and  the  number  of  integration  points  on  the  results.  The 

study  of  the  effect  of  the  number  of  eigenvalues  was  limited  to  the 

ability  of  the  computer  to  provide  accurate  solutions  when  using  the 

Muller  (1956)  deflation  method  since  this  method  involves  calculations 

of  differences  between  numbers  that  converge  to  the  point  that 

multiplication  by  that  difference  results  in  computer  underflow. 

Convergence  was  studied  on  all  stresses.  Predicted  results  for  the 

normal  stress  or  are  exhibited  for  three  different  numbers  of 
22 

eigenvalues  and  200  integration  points  as  shown  in  fig.  3.  Observing 
curves  1-5  in  Fig.  3,  we  conclude  that  convergence  is  achieved  using  25 


eigenvalues  with  slight  changes  between  the  cases  of  50,  100,  and  200 


Y° 


Figure  No.  3:  Examine  convergence  of  ff  through  various 

22 

numbers  of  eigenvalues  and  points  of  integration 


curve  #:  1  2  3  4  5 

eigenvalues:  25  25  25  15  7 

integration  pnts:  200  100  50  100  100 


36 


integration  points.  Curves  4  and  5  show  results  in  which  low  number  of 
eigenvalues  are  used  and  therefore  result  in  wrong  stress  distribution. 
Curves  1-3  present  close  results  in  which  the  same  number  of  25 
eigenvalues  are  used  and  show  convergence.  The  results  of  curves  1-3  at 
xi/a  *  1,  match  the  results  presented  by  Wang  and  Choi  (1982)  for  the 
similar  case  of  a  straight  free  edge.  In  order  to  investigate  the  effect 
of  the  hole  on  the  stress  distribution  at  various  locations  along  its 
circumference,  we  present  in  fig.  4b  all  stress  distributions  along  a 
cut  made  perpendicular  to  the  laminate  straight  free  edge,  and  in  fig. 
4c,  the  variation  of  the  normal  stress  <r ^  along  the  cross  sections 
which  are  radial  to  the  hole  at  a  *  0°,  10°, 30°, 60°,  and  80°.  This 
figure  exhibits  well  the  fiber  orientation  dependence  which  provide 
various  orders  of  singularities.  The  values  of  the  orders  of  singularity 
are  given  by 

S ■  -.025575658  for  a  =  0° 

«  =  -.026100409  for  a  =  10° 

5  *  -.030274706  for  a  =  30° 

l 

5  =  -.030274706  for  a  =  60° 

l 

=  -.026100409  for  a  =  80° 


Stress  distribution  at  a  -  0  ,25  e.v.,  200  int.  pnts. 
Comparison  of  normal  stress  <J  at  various  cuts 
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where  for  the  cases  of  a  -  10°, 30°, 60°  and  80°  is  calculated  for  the 
direction  tangential  to  the  hole  edge  which  provides  an  interface 
between  [35/-551,  [1S/-75],  [-15,75]  and  [-35/55]  orientations, 
respectively.  The  latter  analysis  is  done  using  a  coordinate  system 
transformed  to  natch  the  direction  tangential  to  the  hole  and  to  the 
radial  cross  section  in  order  to  satisfy  the  basic  assumptions 
introduced  In  2.1  and  the  traction-free  boundary  conditions  at  the  hole 
edge  as  explained  in  2. 1.2.2.  The  validity  of  the  results  for  the 
transformed  configuration  are  limited  to  the  vicinity  of  the  hole  within 
the  region  in  which  the  stresses  are  controlled  by  the  mathematical 
singularity. 


Chapter  3 

PREDICTION  MODEL  FOR  THE  ONSET  OF  DELAMINATION 
BASED  ON  THE  BOUNDARY  LAYER  EFFECT 

The  prediction  model  is  established  in  this  chapter,  based  on  the 
following  understandings  of  the  phenomenon  of  edge  delamination. 

1.  Delaminations  are  controlled  by  strain  energy  and  its  rate  of  change 
during  the  delamination  process  which  is  the  strain  energy  release 
rate.  The  latter  is  a  well-defined  mathematically  quantity  and  is 
also  experimentally  measurable. 

2.  There  Is  a  region  of  influence  of  the  edge  effect  within  which  strain 
energy  should  be  examined. 

3.  Since  the  stress  field  changes  its  nature  drastically  in  close 
vicinity  to  the  edge,  the  phenomenon  is  localized  and  therefore  one 
should  consider  the  rate  of  changes  in  that  region  which  is  of  the 
order  of  one  laminate  thickness. 

Near  the  laminate  edge  (straight  or  at  the  hole),  the  stress  field 
is  completely  governed  by  the  singular  term  I^x51  as  it  appears  in  Eqn. 
(23).  This  expression  consists  of  the  coefficient  ^  which  is  called  in 
the  literature  "the  near-field  parameter"  or  "free-edge  stress  Intensity 
factor",  and  by  the  singularity  which  appears  in  the  exponent.  To 
compare  the  stresses  at  two  locations  (any  of  the  six  components  of  the 
stress  tensor)  while  taking  the  limit  as  the  distance  r  goes  to  zero,  we 
obtain  the  following: 
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(1)  „(i>  si11 

<r _  _  k  r 

(2)  „<2>  fii2) 

<r  it  r 


(57) 


which  is  also 


<r(1)  K(1>  ai“-  «i2) 

(2)  *  „(2)  r 
<T  K 


(58) 


in  which  the  indices  1,2  designate  two  examined  and  compared  interfaces. 

We  can  not  actually  compare  stresses  at  the  edges  because  they 
result  in  infinite  values,  so  we  chose  to  compare  the  parameters  which 
are  a  combination  of  the  stress  terms.  There  are  three  cases  to  be 
examined  through  Eqn.  (58).  The  first  occurs  when  the  power  5*1-  5*Z,ls 
positive,  the  second  when  it  is  negative,  and  the  third  when  it 
vanishes.  Note  that  the  value  of  S  is  always  negative  and  within  the 
region  [-1,0],  and  both  K(  1 1  and  KlZ)should  be  positive  (negative  sign 
indicates  compression  which  Implies  no  delamination  problem).  Thus, 
mathematic  manipulation  of  Eqn.  (58)  offers  the  following  criterion: 


6(1)<  5<2) 
1  1 


* 


11m 
r  -»  o 


(i ) , 
<r  < 


(2) 


(a) 


3(1)>  3(2) 

l  l 


11m 
r  -»  o 


00 


(1 )  s 

<r  < 


(2) 


(b)  (59) 


5(1) 


(l) 


cr 


(2) 


<r 


k,2) 


(c) 


Let  us  examine  once  again  the  expression  for  the  stress  fields  as 


4 


reflected  through  Eqns.  (24)  and  (29).  We  recognize  the  singular  nature 
at  the  edge  of  the  laminate.  The  asymptotic  stress  field  is  generally 
expressed  by  the  combination  of  the  above-mentioned  equations  as, 

or  -  T.  C  Z^1  +  C  Z^1  +  o(higher  order,  nonsingular  terms) 

a  u  L  ak  it  a(k+3)  k  J  ®  c 

(a  =  1,2, 3, 4, 5, 6)  (60) 


in  which  the  coefficients  are  related  to  the  homogeneous  solution 
as  presented  by  Eqn.  (27)  associated  with  the  first  eigenvalue, 


C 

Ok 


d  f 

1  OCkl 


(61) 


the  functions  f  are  the  coefficients  of  the  coordinate  Z  as  they 
appear  in  Eqn.  (24)  and  the  coefficient  d^  is  the  relevant  component  of 
the  vector  D  in  Eqn.  (48),  associated  with  the  order  of  the  singularity. 

The  near-field  parameters,  K  ,  play  the  role  of  amplitudes  in  the 
singular  edge  stresses.  These  parameters  are  introduced  by 


K 

l 


=  lim  x  5V  (x  , 0; 5  ) 
x-»o  l  1  1  1 


i  =  1,2, 3, 4, 5, 6 


(62) 


The  coordinate  xg  is  zero  since  the  coordinate  system  is  located  at. the 
Intersection  of  the  interface  and  the  hole  edge.  Eqn.  (62)  is  the 
reciprocal  form  of  Eqn.  (61).  The  coordinate  Z^,  as  explained  in  Eqn. 


Z  : 

k 


(16),  is 
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but  since  x  is  taken  to  be  zero, 
2 


Z 

k 


*  z 

k 


*  X 


1 


Following  Eqns.  (60)  &  (61),  we  conclude 


St*! 


(c  )iZ  +  c  p2]l 
k  k  k*3*k  J 


(a) 


K  =  d  [  £  [c  +  c  ]1 

2  1  I  ^  k  k+3  I 

tk  =  i  J 


(b) 


K  =  -  d  f  V  [  c  T)  +  c  T)  ]  1 
4  1  I  u  k  'k  k*3  'k 

tk  =  i  J 


(c) 


K  =  d  [  J  (c  T)  fi 
5  1  I  ^  k  'k^k 


+  C  V  u  ] 
k*3  krk  J 


(d) 


K  = 

B 


»  -  d  f  r  c  u  +  c  u  ]1 

1  u  k*k  k+3rk 
tk  =  l  J 


(e) 


and 


K  = 


S  K 
3J  J 


3  S 


j  =  1,2,4, 5, 6 
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(f) 


(63) 


In  order  to  solve  for  the  energy  release  rate  quantity,  the  ideas  of 
fracture  mechanics  are  used.  The  solution  for  the  problem  of 
delamination  crack  is  similar  to  the  analysis  presented  in  chapter  2. 
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The  calculation  of  the  stress  singularity  is  done  with  the  same  tool, 
taking  the  angles  of  the  edge  faces  0,  as  shown  in  fig.  2,  as  180°  and 
-180°,  respectively.  Again,  the  singularity  is  the  number  within  the 
series  of  eigenvalues  which  is  in  the  domain  [-1,0].  The  similarity  to 
fracture  mechanics  enables  us  to  denote  the  near-field  parameters  as 
"free-edge  stress  intensity  factors"  in  equivalent  terminology  to  the 
crack  tip  stress  intensity  factors  as  it  appears  in  linear  elastic 
fracture  mechanics,  Broek  (1982).  For  the  complete  analogy  to  the  field 
of  fracture  mechanics,  we  may  present  the  three  modes  of  stress 
intensities,  Kjt  K  ,  and  as  presented  by  Erdogan  (1965)  and  Rice 
(1965)  for  the  case  of  cracks  in  dissimilar  media.  Here  we  refer  to  the 
interlaminar  stresses  <r  ,  or  ,  and  er  , 

2  4  e 


K  =  lim  V  V2n  x  n  <r  (x,0;  Sn) 

X  +  2n 

x  0  n=l 


K  =  lim  T  V2n  x  5n  <r  (x,0;  5n) 

IX  ♦  4n 

x  0  n=l 


(64) 


K  =  lim  T  V2it  x  <r  (x,0;  5n) 

III  +  Bn 

\X  ^  0  n=l 


As  noted  by  Erdogsui  (1965),  the  stress  intensities  in  Eqn.  (60)  are 
different  than  the  ones  in  a  homogeneous  solid,  and  therefore  its 
physical  interpretation  is  different  as  well. 

Following  the  concept  of  virtual  crack  extension,  Irwin  (1957),  and 
adapting  that  into  the  problem  of  delamination  cracking,  Christensen 
(1979),  we  may  write  the  expression  for  the  energy  release  rate,  based 


! 
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on  the  displacements  v,  u,  and  w,  and  the  length  of  the  virtual  crack 
extension,  £0,  as  follows, 


G 

total 


+  G 
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♦  G 


III 


=  lim 
50  -»  0 


sp 


!  {■ 


<rz(r,0) 


[vt-)(50-r,ir)  -  vCb+1  ’  (50-r, -ir)] 


+  <re(r,0)  [ul“)(50-r,it)  -  u<-*1  ’  (50-r, -it)] 


♦  o^(r,0)  [wl">(50-r,x) 


w(-+1 1  (50-r,  -it)]  j- 


(65) 


Observing  Eqns.  ( 63 ) — ( 65 ) ,  we  conclude  that  all  the  expressions 
presented  are  proportional,  respectively.  Therefore,  for  the  purpose  of 
comparisons,  we  may  chose  the  most  convenient  term  out  of  these  three 
and,  rather  than  using  the  physical  expression  of  the  strain  energy 
release  rate,  we  may  use  the  relatively  simple  to  calculate  term  of  the 
near-field  parameters. 

To  summarize  the  procedure  of  applying  the  prediction  model,  we 
first  start  with  the  analysis  for  the  stress  singularities  at  all  the 
interfaces  at  different  azimuthal  angles.  Next,  we  calculate  the 
near-field  parameters  by  the  completion  of  the  particular  solution.  The 
sign  of  the  parameters  determines  the  behavior,  minus  is  compression  and 
plus  is  tension.  We  may  filter  out  the  cases  of  negative  values  of  the 
near-field  parameters  since  obviously  it  Indicates  no  delamination.  For 
the  case  in  which  two  similar  interfaces  are  compared,  we  obtain  similar 
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orders  of  singularity.  Thus,  a  decision  is  made  based  upon  comparison  of 
energy  release  rate  or  the  magnitude  of  the  edge  intensity. 


Chapter  4 


EXPERIMENTAL  PROCEDURE 


Experimental  work  is  essential  for  the  validation  of  any  theory. 
Postulations  and  means  of  investigation  may  be  examined  and  refined  by 
the  results  of  reality.  With  these  facts  in  mind,  a  testing  program  was 
setup  in  an  attempt  to  bring  as  much  reality  as  possible  into  the 
theoretically  based  prediction  model.  The  testing  program  with  all  its 
aspects  is  presented  in  this  chapter. 

The  objective  of  the  tests  was  to  detect  and  locate  the  onset  of 
delamination  at  the  edge  of  a  hole  in  a  composite  laminate.  Two  major 
factors  were  taken  into  consideration,  the  materials  and  loads.  When  one 
considers  materials  in  conjunction  with  composites,  there  are  two  major 
elements,  the  combination  of  f lbers/matrix,  and  the  fiber  direction  as 
reflected  In  stacking  sequence.  The  second  factor,  loading  condition, 
covers  the  other  major  aspect  of  performance  of  a  tested  specimen. 
Therefore,  both  tension  and  compression  were  applied.  The  following 
sections  give  details  about  these  as  well  as  other  points  of  Interest, 
including  the  description  of  observations  and  results. 

4. 1  Specimens  -  materials  and  geometry 

Two  types  of  unidirectional  systems  were  chosen.  They  differ  in  the 
type  of  matrix  material  but  both  have  used  the  same  fiber.  They  are  the 
AS4/3501-6  ,  herein  designated  by  "Z",  and  the  AS4/1808  material 
designated  by  "Y".  This  choice  of  matrix  systems  provided  an  excellent 
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opportunity  to  examine  the  dependency  of  behavior  upon  matrix  type  and 
its  performance  sensitivity. 

The  stacking  sequences  chosen  were  [  (0/45/90/-45M^  which  is  a 
quasi-isotropic,  and  [ (0/45/0/-45)^]4  -  an  orthotropic  layup.  The  first 
is  designated  by  "A"  and  the  other  by  MB". 

The  geometry  of  the  specimens  corresponded  to  the  basis  for  the 
analysis  and  may  be  viewed  in  table  3  also  referring  to  fig.  2.  All 
specimens,  three  each  of  the  Z-A,  Z-B,  Y-A,  and  Y-B  types  (which  are  the 
combinations  of  the  two  matrix  systems  and  the  two  types  of  stacking 
sequences)  for  a  total  of  twelve,  were  center-notched,  finite-width 
coupons  6  inches  long. 


4.1.1  How  specimens  were  made 

All  specimens  were  cut  from  large  plates.  The  plates  were 
Ultra  Sonlcally  scanned  in  order  to  detect  possible  voids  and  to 
eliminate  extraneous  and  Irrelevant  disturbances.  A  diagram,  describing 
the  cutting  process,  was  made.  Each  specimen  was  coded  by  its  location 
within  the  parent  plate.  The  coding  system  resulted  in  the  addition  of 
two  digits  to  the  two  letters  from  the  combination  Z,  Y,  A,  and  B,  and 
completed  the  "name"  of  each  specimen.  All  these  procedures  were  used  to 
assist  in  isolating  peculiar  behavior  due  to  irrelevant  factors,  and  to 


assist  in  isolating  the  interpretation  of  damage. 
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4.1.2  Notched  and  unnotched  properties 

Properties  of  the  unidirectional  plates  are  given  in  table  1.  Table 
2  provides  unnotched  laminate  properties  for  all  four  combinations  of 
Z-A,  Z-B,  Y-A,  and  Y-B,  as  calculated  by  means  of  classical  lamination 
theory,  Jones  (1975). 

Geometrical  properties  of  all  specimens  may  be  viewed  in  table  3. 
These  properties  were  measured  by  a  digital  caliper  and  averaged  over 
few  measurements  for  each  of  the  dimensions.  Table  3  also  provides  the 
strength  information  for  critical  tensile  and  compressive  stresses  of 
the  notched  specimens  as  obtained  by  testing  three  specimens  of  each 
type.  The  ungrlpped  length  of  the  specimens  was  2.5".  For  both,  tension 
and  compression  loadings,  a  failure  in  which  critical  load  was 
determined,  was  defined  when  the  specimen  could  not  sustain  any  more 
load.  For  the  tension  case,  such  failure  occurred  as  the  specimen  was 
broken  into  two  pieces.  For  the  compression  case,  failure  occurred  when 
plies  started  to  buckle. 
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Table  NO.  3:  Test  specimens  -  dimensions  &  strength 


r---  -■ 


< 


note:  refer  to  fig.  2  for  dimensions  designation 
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4.2  Testing  procedure 

To  achieve  the  objectives  of  the  testing  program,  the  procedure 
consisted  of  quasi -static  loading  in  both  tension  and  compression.  Eight 
specimens  were  tested  in  tension,  and  the  remaining  four  specimens  were 
tested  in  compression.  A  list  of  the  specimens  by  their  codes,  divided 
into  the  two  types  of  loads,  follows: 

Tension: 

Y-B  3-4,  Y-B  3-6,  Y-A  6-9,  Y-A  6-11,  Z-B  7-1,  Z-B  7-2,  Z-A  7-6,  Z-A  7-7 
Compression: 

Y-B  3-8,  Y-A  6-13,  Z-B  7-3,  Z-A  7-8 

The  first  load  condition  was  chosen  as  60%  of  the  given  critical 
load,  as  found  in  an  early  experimental  study,  for  the  relevant  case.  At 
the  critical  load  level,  failure  of  the  specimens  was  observed-  Then, 
the  load  was  raised  in  steps  of  5%  at  a  time.  After  each  loading  step, 
the  specimen  was  taken  out  of  the  testing  machine  and  X-rayed,  then  put 
back  to  the  machine  to  be  reloaded.  In  the  following  few  sections  the 
details  of  that  procedure  are  described. 

4.2.1  Testing  machines 

For  the  tension  test,  an  INSTRON  screw-driven  test  machine  was 
chosen.  That  machine  is  very  convenient  due  to  its  simplicity  of 
operation  and  calibration.  The  load  rate  was  controlled. 

For  the  compression  test,  the  more  complicated  MTS  servo-hydraulic 
machine  was  chosen.  This  machine  is  capable  of  carrying  out  a  reliable 
compression  test  without  risking  the  loss  of  specimens  in  possible 
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buckling.  The  test  may  be  either  strain,  load,  or  stroke  controlled  as 
required  to  ensure  a  successful  completion  of  the  experiment. 


4.2.2  Loading  fixture  and  measurements  during  the  test 
The  only  measurements  taken  during  the  test  were  of  the  load  level 
to  ensure  accuracy  of  the  current  load  magnitude.  In  the  tension  test, 
two  types  of  load  cells  were  used.  A  10-kip  load  cell  was  used  for  load 
levels  under  10  kips.  A  20-kip  load  cell  was  used  for  load  levels  above 
10  kips.  A  Digital  Volt  Meter  was  used  to  measure  the  load  level.  For 
the  10-kip  load  cell,  1  volt  Indicated  1  kip  loading,  while  for  the 
20-kip  load  cell  1  volt  corresponded  2  kips.  On  the  MTS  machine,  the 
range  of  20  kips  was  used  to  provide  the  range  of  1  volt  for  2  kips. 


4.2.3  X-ray  detection  technique 

As  mentioned,  the  specimens  were  taken  out  of  the  testing  machine 
after  each  loading  step  and  inspected  for  de  1  sun i nations  by  the  X-ray 
radiographic  technique.  The  following  is  a  full  description  of  the 
procedure  as  carried  out. 

Before  the  removal  of  the  specimen  from  the  testing  machine,  the 
specimen  was  held  under  50X  of  the  testing  load  and  a  penetrant  material 
was  applied  to  the  edges  of  the  hole  and  the  free  edges  of  the  specimen 
as  well  as  all  over  the  upper  and  lower  surfaces.  The  type  of  penetrant 
used  was  Zinc  Iodine  which  penetrates  delamination  areas  and  cracks  of 
all  kinds.  When  the  specimens  were  X-rayed,  the  Zinc  Iodine  blocked  the 
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X-ray  beam  and,  by  doing  so,  it  created  white  spots  in  the  shape  of  the 
defects  on  the  film,  which  become  black  spots  on  the  positive  after 
being  developed.  That  is  the  way  we  detected  cracks  and  del ami nations  on 
the  resulting  pictures. 

Once  the  Zinc  Iodine  was  applied  to  the  specimen,  it  was  left  for  a 
couple  of  hours  in  order  to  penetrate  as  much  as  possible.  Then,  the 
outer  surfaces  of  the  specimen  were  cleaned  very  carefully  with  Acetone 
to  prevent  any  direct  contact  of  Zinc  Iodine  with  the  film  (to  prevent 
the  film  destruction). 

The  next  stage  was  the  actual  X-ray  process.  There  were  two  types  of 
radiographs  taken  for  each  specimen.  The  so-called  0°,  in  which  the 
specimen  was  X-rayed  through  its  surface  while  lying  on  the  film,  and 
the  90°  in  which  the  specimen  was  put  on  its  edge  resulting  in  a  picture 
of  a  longitudinal  section.  The  film  used  was  a  Kodak  SR-5  single-sided 
X-ray  film.  For  the  0°,  the  specimen  was  exposed  for  3  minutes  at  an 
intensity  of  43  mv.  For  the  90°,  the  exposure  time  was  4  minutes  at  an 
intensity  of  80  mv.  Next,  the  specimen  was  removed,  and  the  film  was 
soaked  In  a  developer  solution  for  4  minutes,  then  rinsed  for  less  than 
a  minute  In  pure  water  and  soaked  in  a  fixer  for  another  4  minutes,  then 
rinsed  again  and  put  aside  to  dry.  That  process  was  carried  out  eight 
times  for  the  tension  test  and  six  time  for  the  compression  test,  a 
total  of  88  times  ! 


4. 3  Observations  and  results 

After  being  X-rayed,  the  results  were 


I 

carefully  observed  In  a 
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microfiche  machine  under  36X  magnification.  The  purpose,  of  course,  was 
to  inspect  for  delaminations.  Results  of  selective  stages  for  each 
specimen  are  presented  in  figs.  5  -  20.  The  first  figure  of  each 
specimen  shows  a  scheme  of  the  situation  throughout  the  selected  stages. 
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Figure  No.  6:  X-Ray  of  Y-B  3-4,  90%  critical  tensile  load 

specimen  top  view  and  cut  shows  hole  surface 
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Figure  No.  20:  X-Ray  of  Y-A  6-13,  80%  critical  compres.  load 
specimen  top  view  and  cut  shows  hole  surface 
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The  results  as  reflected  In  figs.  5-20  give  rise  to  the  following 
conclusions  about  the  two  types  of  materials  and  systems  and  their 
performance  under  tension  as  well  as  compression: 

1.  The  1808  matrix  based  laminate  tended  to  delaminate  more 
extensively  under  both  tension  and  compression  than  did  the  3501-6 
matrix  based  laminate. 

2.  In  compression,  the  1808  matrix  based  laminate  was  more 
vulnerable  to  matrix  cracking  than  the  3501-6,  while  in  tension,  the 
opposite  was  true. 

3.  All  the  cases  in  the  above  investigation  show  that  delaminations 
occur  always  within  the  external  "sub  laminate",  which  is  the  basic 
repeating  sequence,  and  are  more  likely  to  occur  at  one,  or  a 
combination  of  the  first  three  interfaces. 

4.  Matrix  cracks  occur  at  low  load  levels  in  some  cases,  (60%  and  less) 
but  they  do  not  necessarily  control  delamination. 

5.  Azimuthal  location  of  delaminations  was  similar  for  the  cases 
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examined. 
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Chapter  5 

ANALYSIS  OF  TEST  SPECIMENS 

Following  the  investigation  described  in  chapter  2,  all  test 
specimens  were  analyzed.  Stages  of  analysis  are  correlated  with  the 
parameters  needed  for  the  prediction  model.  That  consists  of  the 
calculation  of  the  order  of  singularity  through  the  homogeneous 
solution,  and  the  calculation  of  the  stress  fields  completing  the 
solution  with  its  particular  part.  In  the  following  sections  it  will 
be  shown  how  these  analyses  were  done  and  provide  results. 


5. 1  Order  of  singularity  around  the  hole  at  all  Interfaces 
The  analysis  of  the  order  of  singularity  was  performed  with  the 
computer  program  "SINGULAR".  Description  of  the  program  and  instructions 
are  provided  in  App.  B.  Since  the  order  of  singularity  depends  on  the 
two  adjacent  plies  at  the  examined  interface  and  is  independent  of  the 
loads  or  the  global  geometry,  there  are  several  types  of  interfaces 
which  represent  all  the  cases  of  the  two  types  of  layer  sequences.  These 
interfaces  are  [0/45],  [45/90],  [90/-45],  and  [0/-45].  The  hole  was 

scanned  for  all  cases  at  0°,  20°,  40°,  60°,  80°,  and  90°  w.  r.t.  the 
longitudinal  axis  2.  When  scanning  the  hole  circumferencially,  the 
coordinate  system  was  reoriented  as  explained  earlier.  Therefore  the 
fiber  orientations  of  plies  on  both  sides  of  the  relevant  interface, 
were  calculated.  Figs.  21  -  24  show  the  fiber  direction  and  orientation 
of  the  sections  around  the  hole  for  all  the  cases.  Each  cut  provides  a 


.  22 


.  23 


90*  (-80/55) 


Interface  (0/-45),  scan  at  20,40,60,80,90  deg 
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certain  fiber  orientation  at  the  relevant  interface.  Table  4  summarizes 
all  these  rotated  interfaces  which  are  the  subject  of  the  analysis  of 
the  order  of  the  singularity.  The  cases  in  Table  4  represent  all  the 
possibilities  of  fiber  direction  relations  at  all  interfaces  around  the 
hole.  With  a  proper  input  procedure,  "SINGULAR"  provided  a  series  of 
eigenvalues  for  each  case,  and  the  order  of  the  singularity  was 
recognized  by  the  demand  that  its  real  part  has  to  be  in  the  region 
[-1,0].  This  requirement  arises  due  to  the  fact  that  finiteness  of 
displacement  components  at  the  origin  is  ensured  only  when  Re[S]  >  -  1, 
positive  definiteness  of  strain  energy  of  an  elastic  body,  dictates  the 
upper  zero  bound,  Wang  and  Choi  (1982).  For  an  angle-ply  system,  the 
series  of  eigenvalues  provide  one  number  in  that  range  and  its  Imaginary 
part  is  always  zero.  For  the  other  cases  rather  than  an  angle-ply,  there 
might  be  more  than  one  order  of  singularity  and  its  imaginary  part  does 
not  vanish.  As  mentioned  above,  for  cases  of  non-angle-ply  interfaces, 
there  is  more  than  one  order  of  singularity,  i.e.,  more  than  one 
eigenvalue  within  the  region  [-1,0].  For  the  case  of  several  orders  of 
singularities,  Eqn.  (60)  is  modified  respectively.  For  example,  for  the 
case  of  two  orders  of  singularities, 

or  =  V  K  ZSl  +  K  Z52  +  o( higher  order,  nonsingular  terms) 
a  "  L  aik  k  oc2k  k  J 

k=1  (a  =  1,2, 3, 4, 5, 6)  (66) 

Results  of  analysis  of  all  cases  are  summarized  in  Table  5.  The 
largest,  (algebraically  smallest)  dominant,  order  of  singularity  of  each 
case  is  plotted  in  Figs.  25  -  28,  as  a  function  of  the  scanning  angle 
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around  the  hole.  These  figures  exhibit  the  distributions  of  the  orders 
of  singularity  around  the  hole  and  assist  to  decide  upon  the  location  of 
the  onset  of  delaaination. 


rotated  interfaces  within  the  four  types  of 


Table  No.  5:  Dominant  singularities,  -Re&],  at  examined 

interfaces  for  both  materials  Z  &  Y 
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I-40/-85)  0.01537073,  0  05944  0  005,0.01,0  04,0.14,0  423,0  05 

1-60/751  0.02409697  0.012,0.023,0.2  7  1,0  4  3026 

(-80/551  0.00  19  114,  0  0180756.  0.23627  0.0095.  0.0104,  0.029,  O  597  I 


— -  [0/45]  ,  [45/0]  [0/ -4  5] 

Figure  No.  26:  Dominant  singularities  at  interfaces  around 
the  hole  for  |(0/45/0/-45)sl4  -  AS4/3501-6 


Dominant  order  ol  singularity 


- [0/451  +  [45/901  *  [90/  451 

Figure  No.  27:  Dominant  singularities  at  interfaces  around 
the  hole  for  |(0/45/90/-45)sl4  -  AS4/1808 
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5. 2  Stress  fields  and  free  edge  intensities 

Following  the  Ideas  drawn  in  chapter  3,  we  combine  the  two  major 
parameters  which  the  prediction  model  consists  of.  First,  we  use  the 
analysis  for  the  order  of  singularity  to  determine  the  interface  and 
locations  of  interest,  and  than  make  final  decisions  upon  the 
calculation  of  the  energy  release  rate  related  parameters,  i.e.,  the 
near-field  parameters  K  .  This  process  shortens  the  overall  analysis  and 
saves  computer  time  as  well.  Figs.  25-28  show  clearly  the  variety  of 
locations  in  which  the  second  choice  has  to  be  made,  by  the  peaks  of  the 
curves  which  mean  largest  values  of  the  plotted  orders  of  singularity 
along  the  hole  circumference.  Analysis  of  the  near-field  parameters  is 
made  for  both  tension  and  compression.  The  analyzed  locations  are  shown 
in  table  6.  The  analysis  is  made  using  computer  program  "EDGSTR"  which 
is  described  in  App.  C.  The  results  are  given  in  table  7.  The  analysis 
was  done  with  positive  remote  loads  which  means  that  positive  values 
indicate  tension  for  the  tension  case  and  compression  for  the 
compression  case,  while  negative  values  indicate  tension  for  the  case  of 
compression  loading,  and  compression  for  the  case  of  tension  remote 
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5. 3  Application  of  the  analytical  results  to  the  prediction  model 
Since  the  locations  for  the  analyses  were  chosen  according  to  the 
values  of  the  order  of  the  singularities,  final  decision  upon  the 
location  of  the  onset  of  delamlnation  was  made  based  on  the  results  of 
the  analysis  for  the  near-fleld  parameters  as  shown  In  table  7.  The 
process  Is  very  simple.  First,  we  omit  the  negative  magnitudes  as  they 
stand  for  compression  which  prevents  the  occurrence  of  de lamination. 
Then,  we  look  for  the  largest  values  which  correspond  to  highest  strain 
energy  release  rates.  A  physically  related  decision  has  to  be  made  on 
the  subject  of  which  component  dominates  the  phenomenon.  Obviously,  the 
out -of -plane  component  Is  a  good  candidate  ,  though,  a  combination  of 
all  components  Is  an  option  as  well.  Since  there  are  solid  arguments  for 
both,  final  decision  Is  accepted  by  observation  of  the  experiments  in 
relation  with  the  analysis.  Application  of  the  analytical  results  to  the 
prediction  model  will  be  examined  visually  In  conjunction  with  the 
comparison  of  the  analytical  and  the  experimental  results  In  the  next 
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Chapter  6 


COMPARISON  OF  ANALYTICAL  AND  EXPERIMENTAL  RESULTS 

As  mentioned  In  a  previous  section,  the  prediction  process  Is 
carried  out  In  two  stages.  The  first  stage  Is  to  locate  vulnerable  spots 
by  high  singularities,  and  then  the  second  stage  consists  of  the 
decision  based  on  the  values  of  the-near  field  parameters  which  are 
energy-related  coefficients.  Once  the  most  vulnerable  locations  are 
chosen  by  values  of  orders  of  singularity,  final  decision  Is  made 
following  the  results  In  table  7.  The  predicted  locations  are  chosen  by 
the  largest  values  of  K^,  yet  a  further  study  might  be  performed  In 
order  to  find  a  more  realistic  Influence  by  a  combination  of  modes 
Involving  shear  components,  l.e. ,  K  ,K  ,  and  K  .  These  locations  are 

4  5  0 

compared  to  the  experimental  results  as  shown  In  Fig.  29.  It  seems  that 
good  agreement  Is  achieved  by  utilizing  the  largest  values  of  the 
out-of-plane  component  of  the  near-fleld  parameters.  In  none  of  the 
cases  was  there  a  disagreement  about  the  Interface.  The  center  of  the 
delaminated  area  as  obtained  by  the  experiments,  does  not  match  exactly 
the  analytically  based  results  In  every  case.  In  the  case  of  Y-B  in 
tension  the  location  is  off  by  40°.  Nevertheless,  it  seems  that  the 
agreement  Is  generally  good,  and  applicable  as  a  tool  upon  which 
engineering  decisions  can  be  made,  such  as  making  necessary  changes  to 
ensure  safety  of  laminate  element  in  Its  conditions  to  the  examined 
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locations  of  the  onset  of  delamination 
analysis  vs.  experimental  results 
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Chapter  7 

SUMMARY  AND  CONCLUSIONS 

The  goal  of  this  study  was  to  investigate  the  behavior  of  the  onset 
of  delamination  in  a  composite  plate,  focusing  on  the  case  of  a  hole  in 
a  coupon.  The  investigation  was  carried  out  in  two  parts,  analytical  and 
experimental,  both  combined  to  create  a  prediction  model  for  the  studied 
phenomenon. 

The  mission  of  establishing  a  prediction  model  and  validating  it  by 
experiments  is  extremely  difficult  in  this  case.  This  is  not  a  process 
of  matching  entities  in  the  sense  of  curve  fitting;  here  the  task  is  to 
match  the  occurrence  of  a  phenomenon  at  a  point,  which  means  that  it  is 
either  valid  or  not. 

As  explained  above,  the  analytically  based  prediction  model  consists 
of  two  major  components.  (1)  The  order  of  singularity  of  the  stress 
field  at  the  edge  of  the  laminate,  and  (2)  the  near-field  parameters 
which  are  the  major  components  in  the  expression  of  the  energy  release 
rate  which  is  linearly  dependent  upon  them.  Observation  of  the 
analytical  results  in  conjunction  with  the  experimental  results,  it 
seems  that  the  nature  of  the  singularity  of  the  solution  plays  a  major 
role  in  the  mechanism  of  the  delamination.  Since  that  singularity  is  a 
result  of  a  mathematical  process,  it  is  easy  to  ignore  its  physical 
importance.  Indeed,  we  know  that  the  mathematical  singularity  leads  to 
infinite  values  of  stresses  which  are  not  real,  of  course.  The  correct 
interpretation,  however,  rather  than  looking  at  the  point  stress  values 
at  the  edge,  is  to  consider  the  region  of  Influence  of  the  singular 
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stress  field  at  a  certain  distance  from  the  edge.  The  order  of  the 
mathematical  singularity  indicates  the  rate  of  change  of  stresses,  or  in 
its  more  physical  interpretation,  the  energy  release  rate  if 
delamination  occurs.  As  in  plasticity  effects,  the  stress  distribution 
is  prone  to  a  cutoff  as  dictated  by  the  material  performance,  but  the 
vicinity  of  that  cutoff  behaves  in  a  certain  way  upon  which 
qualification  of  the  phenomenon  is  available. 

The  question  of  which  of  the  components  of  the  energy  plays  the 
major  part  in  the  delamination  process,  or  is  It  the  total  quantity  that 
should  be  considered,  is  partially  answered  here.  It  seems  that  relying 
on  the  out-of-plane  component  is  enough  to  consider  for  the  prediction 
process,  yet  this  is  a  possible  issue  for  further  investigation  in  which 
a  massive  testing  program  should  be  done,  probably  resulting  in 
statistically  based  conclusions. 

Throughout  the  experiments,  it  was  found  that  the  type  of  matrix  is 
a  major  issue  in  the  subject  of  de lamination,  as  was  reflected  through 
the  analytical  results  as  well.  In  fact,  the  analysis  is  capable  of 
emphasizing  that  point  since  we  obtain  results  all  around  the  hole  and 
as  such  we  are  able  to  compare  and  qualify  such  differences.  In  our 
case,  we  had  two  types  of  materials  examined  through  two  types  of 
stacking  sequences  under  two  types  of  loads  -  tension  and  compression. 
The  two  types  of  materials  consisted  of  the  same  fiber  and  differed  by 
the  matrix  only.  That  isolated  the  matrix  as  an  individually 
Investigated  parameter.  The  findings,  as  reflected  throughout  different 
tables  and  figures  in  previous  chapters,  show  clearly  that  a  system 
which  consists  of  a  matrix  of  the  type  1808  is  more  sensitive  and 
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vulnerable  to  delamination  than  the  type  3501. 

The  analysis  which  provides  the  singularities  and  the  near  field 
parameters  as  well  as  stresses  and  displacements  distribution  is 
utilized  through  the  programs  “SINGULAR”  and  "EDGSTR" .  The  first 
provides  the  series  of  eigenvalues  which  are  used  later  by  the  second 
program  to  utilize  the  near-field  parameters.  It  is  very  Important  to 
ensure  convergence  of  the  solution.  Therefore,  a  series  of  runs  should 
be  performed,  using  different  numbers  of  eigenvalues,  choosing  different 
numbers  of  integration  points,  and  observing  the  results  until 
convergence  is  achieved.  The  calculation  process  for  the  eigenvalues 
involves  a  deflation  method  which  may  result  in  division  by  relatively 
small  numbers.  That  may  lead  to  computationally  ill  conditions  due  to 
the  limitations  of  the  computers.  Therefore,  a  suitable  hardware  should 
be  selected  to  carry  out  the  process.  The  best  compiler  for  the  task  is 
the  Turbo-Pascal  used  on  PC’s.  That  compiler  allows  real  numbers  ranging 

.5000  5000 

from  -10  to  10  .  That  satisfied  the  needs  of  the  analysis  in 
cases  where  the  IBM  main-frame  failed  to  do.  The  above  dictates  the 
usage  of  micro-computers  which  are  relatively  slow.  Therefore,  the 
recommended  hardware  is  the  new  IBM  PS/2  model  80  or  a  similar  machine 
with  a  CPU  that  uses  the  new  and  revolutionary  processor  80386  by  INTEL. 
The  architecture  of  that  processor  also  enables  it  to  carry  out 
multi-tasking  jobs,  a  process  which  saves  significant  time. 
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coefficients  matrix 
constants  of  integration 

coefficients  of  polynomials  in  the  particular  solution 
distance  from  hole  to  laminate  edge 

cross  sectional  area  at  cut  perpendicular  to  load  direction 
free  edge  surface 
interface  plane 

results  vector  of  set  of  linear  equations 
out-of-plane  coordinate  of  upper  surface  of  laminate 
coefficients  vector,  final  description 
coefficients  vector  of  homogeneous  solution 
out-of-plane  coordinate  of  lower  surface  of  laminate 
vector  of  unknowns  in  the  complete  formulation 
domain  of  integration 

elliptical  hole  axes  in  x  and  x  directions  respectively 
coefficients  vector  of  the  homogeneous  solution 
infinitesimal  length 
unidirectional  material  properties 
laminate  properties 
distance  from  hole  to  laminate  edge 
Lekhnitskii’ s  stress  potentials 

Stress  function  used  for  the  homogeneous  solution 
stress  eigenfunctions  of  the  homogeneous  solution 
strain  energy  release  rates,  mode  I, II,  and  III 
functions  of  the  compliance  and  coeff.  of  part,  solution 
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(  )<h) 


K  ,  K  ,  K 

i  ii’  III 


i 
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M 


1J 


(  ) 
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S 

U 

S 

1J 

S.  V.D 
(  )(T) 
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t 

k 

U 


U 

1 

u 
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displacements  eigenfunctions  of  the  homogeneous  solution 
magnitude  related  to  the  homogeneous  solution 
stress  intensity  factors,  mode  I, II,  and  III 
near-field  parameters 

magnitude  related  to  the  characteristic  equation 
differential  operator 
differential  operator 

remote  loading  -  moment  w. r. t.  the  indices 
magnitude  related  to  the  mth  ply 

no.  of  unknowns  ■  no.  of  columns  in  the  coefficients  matrix 

function  related  to  the  homogeneous  solution 

magnitude  related  to  the  particular  solution 

function  related  to  the  homogeneous  solution 

uniaxial  remote  load  in  the  x  direction 

3 

order  of  matrix  -  no.  of  rows 
residual  when  utilizing  a  weighting  technique 
polar  coordinate  starts  at  the  origin  of  the  Cartesian  sys 
tensorial  compliance  matrix 
reduced  tensorial  compliance  matrix 
the  method  of  singular  value  decomposition 
transpose 
laminate  thickness 

function  related  to  the  homogeneous  solution 

matrix  of  orthonormal i zed  eigenvectors 

function  related  to  the  process  of  governing  equations 


displacements  vector 
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rigid  body  displacements 

matrix  of  ort ho norma 1 i zed  eigenvectors 

vector  related  to  the  singular  value  decomposition  method 
vector  related  to  the  singular  value  decomposition  method 
directions 

planner  transverse  direction  of  laminate 
out-of-plane  direction  of  laminate 
longitudinal  direction  of  laminate 
argument  of  Lekhnitskii’s  stress  functions 
scanning  azimuth  at  the  hole 
Greek  notation:  1-6 
series  of  eigenvalues 
series  of  eigenvalues  at  interface  m 
virtual  delamination  length 
nominal  strain 
strain  tensor 

coefficients  related  to  the  characteristic  equation 
Lekhnltskii ’ s  stress  potential 

trial  function  related  to  the  weighting  technique 
roots  of  the  characteristic  equation 
poisson’s  ratio 
fiber  direction  at  mth  ply 

polar  coordinate  starts  from  the  examined  interface 
diagonal  matrix  of  eigenvalues,  related  to  the  S.  V.D 
stresses  in  Greek  notation 


stress  tensor 
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stress  tensor  computed  for  the  anisotropic  plate  with  hole 
angle  measured  from  the  interface  to 
rigid  body  rotations 
conjugate  of  complex  number 
)“  first  and  second  differentiation 
partial  differentiation 
transpose  of  the  conjugates 
determinant 
vector 
matrix 
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Appendix  A 

INTEGRATION  OF  THE  FAR  END  CONDITIONS  EQUATIONS 
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Appendix  B 
PROGRAM  "SINGULAR" 

Program  "SINGULAR"  was  developed  on  a  PC  using  a  Turbo  Pascal 

compiler,  Ver.  4.0.  This  compiler  enables  to  use  the  large  range  of  real 

[-4951  49321 

1.9x10  ,1.1x10  J.  This  extraordinary  range  enables  the 

application  of  the  deflation  method,  Muller  (1956),  when  solving  for  the 
eigenvalues  of  the  transcendental  form  matrix. 

B1  Interactive  input  process 

The  following  figures  are  the  sequence  of  screens  as  appear  in  the 
process  of  input  data  into  "SINGULAR".  The  program  is  self  explanatory, 
and  menu  driven.  Fig.  B1  is  the  opening  logo.  Fig.  B2  provides  the  user 
the  choice  of  using  a  pre-defined  input  file  or  using  the  interactive 
on-screen  input  process.  If  the  choice  is  a  pre-defined  file,  then  fig. 
B3  is  the  next  screen  to  appear,  asking  for  the  input  file  name  and 
verifying  its  existence.  Also,  this  screen  gives  the  exact  data  needed 
to  be  include  in  the  pre-defined  file.  For  the  other  choice  of  on-screen 
input  process,  fig.  B4  views  the  relevant  screen.  This  screen  is 
self-explanatory  and  guides  the  user  with  a  definition  of  each  field 
shown  on  a  line  which  is  the  lower  side  of  the  frame.  This  instruction 
line  changes  respectively  with  the  cursor  movements  from  one  field  to 


another. 
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Figure  No.  B1:  program  "SINGULAR"  -  opening  logo 
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Figure  No.  B2:  Chose  input  form 
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I 


Figure  No.  B3:  Chose  input/output  file  names 


Figure  No.  B4:  On-screen  input  process 
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B2  The  output 

Program  "SINGULAR"  results  in  one  output  file  which  contains  a  list 
which  is  the  series  of  eigenvalues.  The  orders  of  singularity,  following 


the  above-described  requirements,  are  marked  for  convenience. 


Appendix  C 
PROGRAM  “EDGSTR1 


Program  "EDGSTR"  was  developed  on  the  Virginia  Tech  main-frame  which 
is  am  IBM  machine,  using  its  vectorized  option.  The  compiler  used  was  a 
F0RTRAN77  2nd  generation  called  F0RTVS2.  This  program  uses  the  results 
of  the  analysis  done  by  "SINGULAR",  in  terms  of  the  series  of 
eigenvalues,  all  the  necessary  materials  and  geometrical  properties,  and 
certain  coefficients  in  a  matrix  form  as  obtained  by  "SINGULAR". 

Cl.  Input  file 

The  following  is  the  structure  of  the  input  file  for  program 
"EDGSTR".  Most  of  the  input  file  is  obtained  automatically  as  am  output 
file  of  the  main-frame  version  of  "SINGULAR".  Few  additions  are 
required.  The  following  is  the  complete  structure. 


NDEL  INTEG 


NDEL  -  Number  of  eigenvalues  to  be  used 
INTEG  -  Number  of  integration  points 


EE1  EE2  GG12  NNI12 


EE1  -  effective  modulus  of  the  equivalent  amisotropic  laminate,  dir.  1 
EE2  -  effective  modulus  of  the  equivalent  amisotropic  laminate,  dir.  2 
GG12  -  effective  modulus  of  the  equivalent  anisotropic  laminate,  dir.  12 
NNI12  -effective  poisson  of  the  equivalent  amisotropic  laminate,  dir.  12 
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SZ  SX  SXZ  MZ  MX  MT 


SZ  -  external  load  in  the  longitudinal  direction 

SX  -  external  load  in  the  transverse  direction 

SXZ  -  external  shear  load 

MZ  -  external  longitudinal  moment 

MX  -  external  transverse  moment 

MT  -  external  torsional  moment 


XI 

X2 

Y1 

Y2 

D 

ALFA 

XINIT 

note:  refer  to  fig.  2  ! 

XI  -  coordinate  of  -(e+2A) 

X2  -  coordinate  of  a 
Y1  -  Coordinate  of  b 
Y2  -  Coordinate  of  -c 
D  -  hole  diameter  =  2A 

ALFA  -  angle  shows  location  around  the  hole  w. r.t.  the  Z  axis 

XINIT  -  the  distance  from  the  edge  were  first  value  is  to  be  calculated 

The  rest  of  the  input  is  provided  automatically  as  an  output  of 
"SINGULAR" . 


El  E2  E3  G12  G13  G23  NI12  NI13  NI23  FI  THETA 


El,  E2,  E3,  G12,  G13,  G23,  NI12, NI 13,  NI23 


elastic  properties  of  the 


unidirectional  material  of  ply  m 


FI  -  fiber  direction  of  ply  m 
THETA  -  angle  of  the  free  edge 


S(i.J) 

stiffness  matrix  of  ply  m 


SBAR(i.J) 


i 


reduced  stiffness  matrix  of  ply  m 


MIU(l) 

roots  of  the  characteristic  equation  of  ply  m 


ETA(l) 

the  ratios  related  to  MIU(l)  OF  PLY  M 


H( 1 , J) 

coefficients  resulting  from  the  analysis  -  refer  to  chapter  2 


OMG(i) 

coefficients  resulting  from  the  analysis  -  refer  to  chapter  2 


the  above  curled  parentheses  are  for  ply  m  »  1,2 


AKS( 1, J) 

transformation  matrix  which  turns  the  problem  from  order  of  12  to  order 
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|  27  100 

. 296359D+7  .296359D+7  .532918D+7  .743289 

I  100.  DO  0.  DO  0. 

DO  0.  DO  0.  DO  0 

•  DO 

I 

f  ,  -10.5  9.5  -.015  .005  1.  0.00 

l.D-8 

2. 0000E+07 

2. 1000E+06 

2.  100E+06 

8. 5000E+05 

8 . 5000E+05 

8 . 500E+05 

2. 1000E-01 

2. 1000E-01 

2. 100E-01 

7. 8563E-01 

1 . 5707E+00 

I  0. 8408E+01 

-0. 1105E+01 

-0. 3356E+01 

0. OOOOE+OO 

0. 4261E+01 

0.  OOOOE+OO 

1  -0. 1105E+01 

0. 9523E+01 

-0. 1105E+01 

0. OOOOE+OO 

-0. 1790E+01 

0. OOOOE+OO 

-0. 3356E+01 

-0. 1105E+01 

0. 8408E+01 

0. OOOOE+OO 

0. 4261E+01 

0.  OOOOE+OO 

0. OOOOE+OO 

0. OOOOE+OO 

0. OOOOE+OO 

0. 2352E+02 

0. OOOOE+OO 

-0.  4441E-15 

0. 4261E+01 

-0. 1790E+01 

0. 4261E+01 

0.  OOOOE+OO 

0. 1094E+02 

0.  OOOOE+OO 

0. 0000E+00 

0. OOOOE+OO 

0.  OOOOE+OO 

-0. 4441E-15 

0. OOOOE+OO 

0.  2352E+02 

1  0. 7068E+01 

-0. 1544E+01 

0. OOOOE+OO 

0. OOOOE+OO 

0.  5963E+01 

0.  OOOOE+OO 

-0. 1546E+01 

0. 9378E+01 

0. OOOOE+OO 

0. OOOOE+OO 

-0.  1229E+01 

0.  OOOOE+OO 

0. 0000E+00 

0. OOOOE+OO 

0.  OOOOE+OO 

0. OOOOE+OO 

0.  OOOOE+OO 

0.  OOOOE+OO 

0. 0000E+00 

0. OOOOE+OO 

0. OOOOE+OO 

0. 2352E+02 

0. OOOOE+OO 

-0.  4440E-15 

0. 5963E+01 

-0. 1229E+01 

0. OOOOE+OO 

0. OOOOE+OO 

0. 8783E+01 

0.  OOOOE+OO 

0. 0000E+00 

0.  OOOOE+OO 

0. OOOOE+OO 

-0. 4440E-15 

0. OOOOE+OO 

0.  2352E+02 

I  0. 0000E+00 

0. 3444E+01 

0. OOOOE+OO 

0. 1035E+01 

0. 0000E+00 

0. 8097E+00 

0. OOOOE+OO 

-0. 3444E+01 

0. OOOOE+OO 

-0. 1035E+01 

0. OOOOE+OO 

-0. 8090E+00 

I  0. OOOOE+OO 

-0.  3072E+01 

0. OOOOE+OO 

0 . 5584E+00 

0. OOOOE+OO 

0. 2335E+00 

0. OOOOE+OO 

0. 3072E+01 

0. OOOOE+OO 

-0 . 5584E+00 

0. OOOOE+OO 

-0.2335E+00 

1  -0. 1186E+02 

0. 1201E-14 

-0. 1058E+02 

0. 5358E-15 

0. 2243E-14 

0 . 3444E+0 1 

-0. 1071E+01 

0.  3610E-15 

0. 5780E+00 

-0. 9738E-16 

0. 3612E-15 

0.  1035E+01 

-0 . 6545E+00 

0.  2821E-15 

0. 1881E+00 

-0. 4073E-16 

0. 2885E-15 

0 . 8090E+00 

-0. 1 186E+02 

-0. 120 IE- 14 

-0. 1058E+02 

-0. 5358E-15 

0. 2243E-14 

-0.  3444E+01 

-0. 1071E+01 

-0. 3610E-15 

0. 5780E+00 

0. 9738E-16 

0. 3612E-15 

-0. 1035E+01 

-0 . 6545E+00 

-0.282 IE- 15 

0. 1889E+00 

0. 4074E-16 

0. 2885E-15 

-0 . 8090E+00 

1  0. 1743E-15 

0. 3444E+01 

0. 1743E-15 

0. 1035E+01 

0. 1743E-15 

0. 8090E+00 

0. 1743E-15 

-0. 3444E+01 

0. 1743E-15 

-0. 1035E+01 

0. 1743E-15 

-0 . 8090E+00 

2. 0000E+07 

2. 1000E+06 

2. 1000E+06 

8. 5000E+05 

8. 5000E+05 

8. 5000E+05 

2. 1000E-01 

2. 1000E-01 

2. 1000E-01 

-7. 8539E-01 

- 1 . 5707E+00 

I 

0. 8408E+01 

-0. 1105E+01 

-0. 3356E+01 

0. OOOOE+OO 

-0. 4261E+01 

0. OOOOE+OO 

:  -0. 1105E+01 

0. 9523E+01 

-0. 1105E+01 

0. OOOOE+OO 

0. 1790E+01 

0. OOOOE+OO  J 

-0. 3356E+01 

-0. 1105E+01 

0 . 8408E+0 1 

0. OOOOE+OO 

-0. 4261E+01 

0.  OOOOE+OO  1 

0. OOOOE+OO 

0. OOOOE+OO 

0. OOOOE+OO 

0 . 2352E+02 

0. OOOOE+OO 

0.  4440E-15 

1 
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-0. 4261E+01 

0. 1790E+01 

-0. 4261E+01 

0.  OOOOE+OO 

0. 1094E+02 

0. OOOOE+OO 

0 . 0000E+00 

0. 0000E+00 

0. OOOOE+OO 

0.  4440E-15 

0. OOOOE+OO 

0 . 2352E+02 

0. 7068E+01 

-0. 1546E+01 

0. OOOOE+OO 

0. OOOOE+OO 

-0. 5963E+01 

0.  OOOOE+OO 

-0. 1546E+01 

0. 9378E+01 

0. OOOOE+OO 

0. OOOOE+OO 

0.  1229E+01 

0.  OOOOE+OO 

0 . 0000E+00 

0.  OOOOE+OO 

0. OOOOE+OO 

0. OOOOE+OO 

0.  OOOOE+OO 

0.  OOOOE+OO 

0 . 0000E+00 

0.  OOOOE+OO 

0. OOOOE+OO 

0. 2352E+02 

0.  OOOOE+OO 

0. 4440E-15 

-0. 5963E+01 

0. 1229E+01 

0. OOOOE+OO 

0. OOOOE+OO 

0.  8783E+01 

0. OOOOE+OO 

0. 0000E+00 

0.  OOOOE+OO 

0. OOOOE+OO 

0.  4440E-15 

0.  OOOOE+OO 

0 . 2352E+02 

0. 0000E+00 

0. 3444E+01 

0. 0000E+00 

0.  1035E+01 

0 . 0000E+00 

0.  8090E+00 

0. 0000E+00 

-0.3444E+01 

0. 0000E+00 

-0. 1035E+01 

0 . 0000E+00 

-0.8090E+00 

0 . 0000E+00 

0. 3072E+01 

0. 0000E+00 

-0. 5584E+00 

0 . 0000E+00 

-0 . 2335E+00 

0. 0000E+00 

-0.  3072E+01 

0. OOOOE+OO 

0.  5584E+00 

0 . 0000E+00 

0 . 2335E+00 

-0. 1186E+02 

-0. 120 IE- 14 

-0. 1058E+02 

-0. 5358E-15 

-0.  2243E-14 

0. 3444E+01 

-0: 1071E+01 

-0. 3610E-15 

0. 5780E+00 

0. 9738E-16 

-0.  3612E-15 

0. 1035E+01 

-0.6545E+00 

-0. 2821E-15 

0. 1889E+00 

0. 4073E-16 

-0. 2885E-15 

0 . 8090E+00 

-0. 1186E+02 

0. 1201E-14 

-0. 1058E+02 

0. 5358E-15 

-0. 2243E-14 

-0. 3444E+01 

-0. 1071E+01 

0. 3610E-15 

0. 5780E+00 

-0. 9738E-16 

-0. 3612E-15 

-0. 1035E+01 

-0 . 6545E+00 

0. 2821E-15 

0. 1889E+00 

-0. 4073E-16 

-0. 2885E-15 

-0. 8090E+00 

0. 1743E-15 

-0. 3444E+01 

0. 1743E-15 

-0. 1035E+01 

0. 1743E-1S 

-0. 8090E+00 

0. 1743E-15 

0. 3444E+01 

0. 1743E-15 

0. 1035E+01 

0. 1743E-15 

0 . 8090E+00 

0. 5840E-01 

0. OOOOE+OO 

0 . 3702E+00 

0. OOOOE+OO 

0.  1881E+00 

0. OOOOE+OO 

0. 2220E-15 

0.  OOOOE+OO 

0. 1991E+00 

0. OOOOE+OO 

0.  1165E+00 

0. OOOOE+OO 

0. 5800E+01 

0. OOOOE+OO 

-0. 6210E+00 

0.  OOOOE+OO 

-0 . 7720E+00 

0. OOOOE+OO 

-0. 3119E+01 

0.  OOOOE+OO 

-0. 1221E-14 

0.  OOOOE+OO 

-0.  9468E-01 

0. OOOOE+OO 

-0. 4S71E+01 

0.  OOOOE+OO 

0. 1198E+01 

0.  OOOOE+OO 

0.  1562E+01 

0. OOOOE+OO 

0. 2832E+01 

0. OOOOE+OO 

-0. 1468E+00 

0.  OOOOE+OO 

0. 5689E-15 

0.  OOOOE+OO 

0. 3330E-15 

0.  OOOOE+OO 

0. 1991E+00 

0. OOOOE+OO 

0. 1165E+00 

0.  OOOOE+OO 

0. 5840E-01 

0.  OOOOE+OO 

0. 3702E+00 

0. OOOOE+OO 

0.  1881E+00 

0.  OOOOE+OO 

-0.  31 1.9E+01 

0.  OOOOE+OO 

-0. 1249E-14 

0. OOOOE+OO 

-0.  9468E-01 

0. OOOOE+OO 

0 . 5800E+0 1 

0.  OOOOE+OO 

-0. 6210E+00 

0. OOOOE+OO 

-0 . 7720E+00 

0. OOOOE+OO 

0. 2832E+01 

0.  OOOOE+OO 

-0. 1468E+00 

0. OOOOE+OO 

0. 1054E-14 

0. OOOOE+OO 

-0. 4571E+01 

0. OOOOE+OO 

0. 1198E+01 

0. OOOOE+OO 

0. 1562E+01 

0. OOOOE+OO 

-0.02557566 

0.00000000 

0.00000000 

0.00000000 

0.88147184 

-0.23400497 

0.88147184 

0.23400497 

1.00000000 

0.00000000 

1.51152634 

-0.79281732 

1.51152634 

0.79281732 

2.00000000 

0.00000000 

2.33894332 
2.33894332 
3.00000000 
3.09135317 
3.09135317 
3.  95200232 
3.95200232 
4. 00000000 
4.74409286 
4. 74409286 
5.00000000 
5.60214568 
5.60214568 
6.00000000 
6.39626347 
6.39626347 
7.00000000 
7.25651744 
7.25651744 
8.00000000 
8.04972367 
8.04972367 
8.91205666 
8.91205666 
9.00000000 
9.73970143 
9. 73970143 
10.00000000 
10.56741699 
10.56741699 
11.00000000 
11.35762857 
11.35762857 
12.00000000 
12.22198471 
12.22198471 
13.00000000 
13.01073907 
13.01073907 
14.00000000 
15.00000000 
16.00000000 
16.31465057 
16.31465057 
17.00000000 
17.96561409 
17.96561409 
18.00000000 
19.00000000 
20.00000000 
21.00000000 
22.00000000 


-1. 11584015 
1. 11584015 
0.00000000 
1.73604639 
-1.73604639 
-2.02871459 
2.02871459 
0.00000000 
-2.56838712 
2.56838712 
0.00000000 
-2.85885102 
2. 85885102 
0.00000000 
-3.36527066 
3.36527066 
0.00000000 
-3.65759372 
3.65759372 
0.00000000 
-4. 14799835 
4. 14799835 
-4. 44076090 
4.44076090 
0.00000000 
4. 82743595 
-4.82743595 
0.00000000 
5.21487347 
-5.21487347 
0. 00000000 
-5.69087082 
5.69087082 
0.00000000 
5. 98346243 
-5.98346243 
0.00000000 
-6.45620072 
6.45620072 
0.00000000 
0.00000000 
0.00000000 
-7.98135589 
7.98135589 
0.00000000 
-8.74253387 
8.74253387 
0.00000000 
0.00000000 
-0.00000039 
0.00000001 
0.00000000 
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23.00000000 
24.00000000 
25.00000000 
26.00000000 
27.00000000 
28.00000000 
30.00001594 
31.00011385 
31.99647973 
33.00003421 
33.99869664 
35.01203137 
35.45796921 
35. 51097827 
35. 89506577 


0.00000000 
0.00000000 
0.00000000 
0.00000000 
0.00000000 
0.00000000 
-0.00000364 
-0.00028805 
0.00133420 
-0.00268296 
-0.09253746 
-0.01801228 
1. 11312978 
0.36380948 
-1.61654381 
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C2  Output  file 

The  output  file  consists  of  the  following  structure.  First,  there 
are  all  the  unknown  coefficients  of  the  particular  and  homogeneous  parts 
of  the  solution.  Next  are  the  eigenvectors  of  the  homogeneous  solution. 
Next  are  the  near-fleld  parameters  which  are  the  eigenvectors  multiplied 
by  the  first  coefficient  of  the  homogeneous  solution.  Last  listed  the 
stresses.  Each  line  consists  of  three  numbers.  The  first  Is  an  Integer 
indicates  the  stress  following  the  Greek  notation.  The  second  number  Is 
the  coordinate  along  the  interface  going  from  the  hole  outward.  The 
third  number  is  the  magnitude  of  the  relevant  stress. 
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